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14.Abstract 

The  Conference  Proceedings  contain  32  papers  presented  at  the  AGARD  Propulsion  and 
Energetics  Panel  58th  Symposium  on  Ramjets  mid  Ramrockets  for  Militaty  Applications 
which  was  held  in  London,  United  Kingdom,  on  26-29  October  1981. 

The  Technical  Evaluation  Report  is  included  at  the  beginning  of  the  Proceedings.  Questions 
and  answers  of  the  discussions  follow  each  paper, 

The  Sympoaum  was  arranged  into  six  sessions:  Survey  Papers  (3);  Propulsion  Systems  (6); 
Inlet  Diffusers  (5);  Interference  and  Drag  Reduction,  Engine  Testing  (5):  Combustion, 
Fuels,  Propellants  (1 1);  and  Integral  Booster  and  Transition  (2).  A  Round  Table  Discussion 
followed  the  sessions. 

The  aim  of  the  .Symposium  was  to  provide  a  forum  for  discussions  to  research  scientists  and 
development  engineers  and  to  furnish  a  comprehensive  survey  on  modern  ramjet  and 
ramrocket  technology  and  their  possibilities  In  missile  propulsion  to  application  experts  lit 
government  and  military  staffs. 

This  volume  eontams  the  Unclassified  papers,  the  Classified  papers  are  published  In  CP  307 
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I'ucl-rlch  tt ruins  discussed,  two  wore  hydrocarbon  fuels  und  two  were  boron  fuels.  Paper  21  discussed  direct  connect 
combustion  tests  of  u  solid  fuel  ruu\|ot  consisting  of  n  rcurwurd  fuclng  step  us  Its  flumeholding  device,  an  Ignitor,  a 
combustion  chamber  containing  the  hydrocarbon  solid  fuel  grain,  und  an  ufterburner  for  enhancement  and  completion 
of  the  combustion.  Regression  rates  and  combustion  efficiency  results  were  obtained  over  a  range  of  flight  conditions 
for  several  hydrocarbon  fuels,  Including  polyethylene,  and  for  different  port  geometries.  Paper  22  described  the  results 
of  wuter  tunnel  tests  and  two-dimensional  windowed  combustor  tests  with  two  opposing  45°  side  air  inlets.  These  were 
used  to  provide  qualitative  Insight  into  the  effects  of  Important  combustor  parameters  on  the  overall  performance  of 
boron  propellant  gas  generator  ramjets  (ducted  rockets).  It  was  found  that  the  highest  combustion  efficiencies  were 
achieved  at  the  lowest  fuel  Injection  momentum  and  at  the  lowest  air  injection  momentum.  Reasons  were  postulated  for 
these  results.  Paper  23  provided  u  comprehensive  review  of  the  boron  combustor  investigations  conducted  at  MBB  for 
ducted  rockets.  These  Included  boron  reactions  during  the  primary  combustion  (burning  of  the  fuel-rich  propellant 
grain),  ns  well  as  the  behavior  of  boron  during  ram-combustion.  Also  discussed  were  special  experimental  techniques 
applied  during  these  investigations,  Paper  24  described  the  development  and  characterization  of  a  class  of  hydrocarbon 
propellants  for  ducted  rockets.  A  third  generation  fuel  bearing  the  reference  number  1603  was  shown  to  have  a  relatively 
high  heating  value  (8020  cal/g),  excellent  mechanical  properties  and  a  tow  exhaust  signature.  Paper  25  discussed  the 
development  of  fuel-rich  cast  double  propellants  for  ramrocket  applications.  Paper  26  was  not  a  combustion  paper,  but 
rather  discussed  the  use  of  high  energy  fuels,  particularly  hydrogen,  in  advanced  mixed  cycle  airbreathing  configurations 
for  military  applications. 

Paper  27  described  a  research  effort  involving  the  coupled  effects  of  decomposition  and  evaporation  of  a  typical 
liquid  fuel  spray.  Results  indicated  that  liquid  phase  droplet  decomposition  at  higher  pressures  may  cause  a  significant 
reduction  of  combustion  efficiency  in  advanced  airbreathing  propulsion  systems.  Paper  28  discussed  the  use  of  swirl  in 
ramjet  combustors  and  showed  that  a  properly  designed  contoured  swirler  can  achieve  higher  combustion  efficiencies, 
along  with  significantly  lower  pressure  losses,  than  a  typical  frameholder  configuration.  These  same  swirlers  have  also 
been  applied  with  success  to  the  solid  fuel  ramjet.  Paper  29  presented  a  detailed  discussion  of  a  modular  model  for  the 
analysis  of  sudden-expansion  ramjet  combustors.  This  model  is  based  on  a  concept  In  which  the  recirculation  zone, 
treated  as  a  stirred  reactor,  is  coupled  to  a  parabolic  boundary  layer  formulation  for  the  flow  outside  the  recirculation 
zone.  Hydrocarbon  oxidation  kinetics  and  turbulent  kinetic  energy  turbulence  models  are  included.  Paper  30  described 
the  theoretical  approach  for  the  calculation  of  axisymmetric  and  three-dimensional  ducted  flows  suitable  for  ducted 
rockets.  A  numerical  computer  code  employing  finite  difference  forms  was  developed  from  existing  free-flow 
computation  techniques  to  calculate  axisymmetric,  non-recirculatory  ducted  flows.  Future  work  would  develop  a 
computer  code  to  calculate  three-dimensional  ducted  flows  with  due  allowance  for  flow  asymmetry  and  recirculation. 
Paper  3 1  described  a  simple  three-step  model,  empirically  derived  from  a  premixed  propane-air  baffle-stabilized  ceramic 
lined  combustor,  which  can  predict  composition  and  temperature  profiles  in  ramjet  like  combustors  including  the  effects 
of  vitiated  preheat  and  heat  loss. 

Session  VI 

The  two  papers  which  were  presented  in  this  session  dealt  with  details  associated  with  the  transition  process  from 
integral  rocket  boost  to  ramjet  combustor  operation.  Paper  32  gave  a  historical  accounting  of  the  development  of  an 
Integral  Rocket-Ramjet  booster  for  a  propulsion  technology  flight  demonstration  program.  Paper  33  discussed  multiple- 
inlet  and  transition  development  for  another  integral  rocket-ramjet  program. 

Round  Table  Discussion 

Following  Session  VI,  a  round  table  discussion  chaired  by  B.Crispin  (Germany)  was  held.  Other  members  of  this 
panel  were  E.L.Goldsmith  (UK),  R.Marguet  (France),  F.D.Stull  (US)  and  A.N.Thomas,  Jr  (US).  The  primary  issues 
addressed  during  this  round  table  discussion  were  (1)  the  state-of-the-art  of  ramjet  technology  and  (2)  reasons  for  the 
retardation  in  making  the  new  generation  of  ramjets  operational  in  military  projects. 


4.  CONCLUSIONS  AND  RECOMMENDATIONS 

The  large  participation  (over  60  authors  and  75  observers  for  “Ramjets  and  Ramrockets  for  Military  Applications”) 
shows  the  importance  and  timely  nature  of  the  subject  chosen  by  the  AGARD  Propulsion  and  Energetics  Panel  for  its 
58th  Symposium.  Comprehensive  surveys  presented  on  modem  ramjet  and  ramrocket  propulsion  technology  have  shown 
that  neither  the  lack  of  technical  progress  nor  the  lack  of  attractive  missions  arc  the  reasons  for  the  hesitation  in  applying 
new  generation  ramjets  to  operational  military  projects.  Rather  it  was  sugggested,  that  ramjets  need  to  improve  their 
"image"  with  military  planners  and  missile  designers. 

A  future  AGARD  meeting  might  be  held,  perhaps  In  conjunction  with  another  panel,  to  address  the  overall  missile 
systems  aspect  and  cost  effectiveness  of  using  ramjet  technology.  Propulsion  related  technology  areas  to  be  discussed 
should  include: 

-  Missile  guidance  and  control  and  Its  effect  on  Inlets  and  propulsion  performance:  skid-to-turn  vs.  bank-to-tum 

-  Propulsion  system  observables:  l.e„  IR,  RADAR  signature  and  visible  smoke 
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INTRODUCTION 

In  April  1979,  a  low-cost  liquid  fuel  integral  rocket  ramjet  (LFRJ/IRR)  was  success¬ 
fully  flown  at  the  Navy  Pacific  Missile  Range  at  Point  Mugu,  California.  The  low-cost 
LFRJ/IRR  propulsion  system  was  a  derivative  of  the  earlier  flight-demonstrated  advanced 
low  volume  ramjet  (ALVRJ) .  The  ALVRJ  baseline  propulsion  system  seen  in  Figure  1  had 
performed  perfectly  in  a  series  of  five  flight  tests  in  which  typical  missile  boost, 
sustain,  and  flight  maneuvers  wore  commanded.  A  summary  of  the  ALVRJ  flight  test  results 
is  seen  in  Figure  2.  These  five  flight  tests  were  made  over  a  two-year  period,  starting 
with  the  first  flight  in  November  1974.  The  propulsion  system  ground  test  development 
program  began  in  1968  and  continued  for  the  next  six  years  up  until  1974. 

After  the  key  technical  aspects  of  the  LFRJ/IRR  propulsion  system  had  been  demon¬ 
strated,  studies  were  conducted  to  identify  the  best  mission  application  for  the  ALVRJ  pro¬ 
pulsion  system.  One  of  the  most  promising  mission  applications  for  the  ALVRJ  was  for  the 
Supersonic  Tactical  Missile  (STM)  shown  in  Figure  3.  When  compared  to  an  equivalent 
weight-  and  volume-constrained  rocket  motor,  the  ALVRJ  propulsion  system  could  provide 
over  twice  the  ran?*  “it**  a  higher  terminal  velocity.  Moreover,  when  compared  to  a  compa¬ 
rable  weight-  and  volume-cons  trained  turbine  engine,  the  ALVRJ  could  provide  higher  veloc¬ 
ity  and  a  multiple  shot  capability,  increasing  the  mission  hit  probability. 

Cost  studies  revealed,  however,  that  the  ALVRJ  unit  cost  production  was  approximately 
five  times  higher  than, desired  for  the  STM.  Therefore  a  design  study  was  conducted  to 
determine  where  production  cost  savings  could  be  made  for  the  ALVRJ  propulsion  system 
without  a  significant  sacrifice  in  performance.  The  cost  reduction  design  study  was  con¬ 
ducted  by  the  Vought  Missile  Systems  Division  and  was  supported  by  both  Chemical  Systems 
Division  (CSD)  and  the  Naval  Weapons  Center  (NWC).  Vought  was  responsible  for  designing 
the  vehicle  and  integrating  the  propulsion  system  components;  CSD  was  responsible  for 
developing  the  low-cost  ramburner  technology;  and  NWC  was  responsible  for  fabricating  the 
integral  booster  motor  and  providing  inlet  and  combustor  test  facilities.  The  specific 
cost  goal  was  to  reduce  the  cost  of  the  experimental  configuration  from  $200,000  by  a  fac¬ 
tor  of  4  to  S  with  no  performance  penalty. 

The  approach  for  developing  the  low-cost  ALVRJ  propulsion  system  for  the  STM  and 
other  tactical  mission  applications  is  summarized  as  follows.  First,  a  series  of  propul¬ 
sion  system  performance/cost  vehicle  systems  trades  were  conducted.  Key  propulsion  sys¬ 
tem  requirements  that  most  strongly  influenced  cost  were:  (1)  fuel  flow  rate  accuracy, 

(2)  inlet  pressure  recovery,  and  (3)  required  combustor  operational  life.  From  these  trade 
studies  specific  low-cost  ramjet  component  designs  were  selected,  including:  (1)  inlet, 

(2)  fuel  controller,  (3)  rocket  booster  motor  nozzle  release  mechanism,  and  (4)  combustor/ 
thermal  protection  system  (TPS).  The  low-cost  combustor/TPS  development  effort  is  the  pri¬ 
mary  subject  of  this  paper.  The  low-cost  inlet  technology  developed  by  Vought  and  the 
low-cost  fuel  controller  developed  jointly  by  Vought  and  NWC  are  subjects  for  separate 
papers.  Although  the  basic  low-cost  combustor  development,  was  primarily  an  in-house 
research  and  development  effort  by  CSD/Vought,  some  of  the  key  component  ground  tests  and 
the  flight  test  were  conducted  by  NWC. 

SUPERSONIC  TACTICAL  MISSILE  (STM)  LOW-COST  RAMJET  COMBUSTOR  DEVELOPMENT 

The  ALVRJ  ramjet  combustor  case  was  rolled  and  welded  from  Inconel  718,  The  inlet 
entry  ports  and  nozzle  shell  actuator  mounts  were  machined  from  forgings.  Thermal 
protection  was  provided  by  a  refractory  zirconia  layer  and  local  hot  spots  protected 
either  by  regenerative  fuel  cooling  or  air  cooling.  The  high  cost  of  Inconel  718  combined 
with  the  extensive  machining  required  for  the  local  fuel  and  air  cooling  resulted  in 
a  very  expensive  design.  In  addition,  the  fuel/air  ratio  was  required  to  be  held  very 
lean  to  avoid  combustion  temperatures  in  excess  of  1,922°K,  which  limited  <:he  maximum 
thrust  capability  of  the  engine. 

The  ALVRJ  TPS  design  was  selected  in  1968  and  reflected  the  best  state-of-the-art 
technology  available  at  that  time.  By  1977,  however,  separate  industry  development  pro¬ 
grams  had  produced  a  new  ablative  thermal  protection  system  that  proved  to  be  a  very 
effective  Insulator  for  ramjet  combustors.  This  carbon-filled  elastomer  material, 
designated  as  DC  93-104,  has  excellent  low  thermal  conductivity  and  is  also  resis¬ 
tant  to  the  oxidizer-rich  ramjet  combustor  gases.  By  using  DC  93-104,  CSD  could  select 
the  less  costly  case  material,  17-4  ph,  and  also  eliminate  the  expensive  machinery  opera¬ 
tions  associated  with  local  fuel  and  air  cooling.  DC  93-104  has  lower  fabrication 
costs  than  the  zirconia  liner.  In  addition,  the  combustion  temperature  limit  needed  for 
the  zlrconia-protected  ALVRJ  combustor  case  could  be  removed  with  DC  93-104  and  the  full 
thrust  potential  of  the  engine  could  be  realized. 

An  illustration  of  the  low-cost  combustor  is  shown  in  Figure  4.  Together  with  the 
primary  cost  reductions  associated  with  the  use  of  17-4  ph  steel  and  DC  93-104,  several 
supplementary  cost  savings  were  realized  by  using  castings  in  place  of  forgings  for  the 


inlet  entry  sections.  The  tensile  strength  of  the  castings  was  increased  by  hot  iso¬ 
static  pressing  (HIP)  to  a  level  normally  attained' only  by  using  a  more  expensive  forging. 
These  key  cost  reduction  design  features,  which  permitted  the  4-5:1  production  unit  cost 
projection,  are  summarized  in  Figure  5.' 

LOW-COST  C0MBUS10R  DESIGN  AND  FABRICATION 

The  low-cost  combustor  assembly  is  shown  in  Figure*  6.  Ti.  oabustor  assembly  con¬ 
sists  of  two  major  subassemblies,  the  forward  combustor  case  an  ‘be  nozzle,  which  are  mar¬ 
ried  in  the  final  assembly  by  a  circumferential  EB  weld. 

Critical  airframe  interfaces  are  machined  after  final  assembly  by  means  of  Vought- 
supplied  locators  and  templates.  Machining  interfacing  surfaces  after  assembly  ensures 
accurate  alignment  of  the  booster  motor  nozzle.  The  forward  end  of  the  combustor  is  a 
dome  formed' to  a'  shape  approximating  a  2:1  ellipsoidal  dished  section  with  an  0.24/0.22-cm 
wa’i  thickness.  A  boss,  butt-welded  to  the  center  of  the  dome,  su'/es  multiple  func¬ 
tions:  it  acts  as  a  centering  hole  for  the  TPS  casting  mandrel,  a  casting  port  for  the  DC 
93-104  insulation,  a  centering  hole  for  the  booster  grain  mandrel,  and  a  pressure  port  for 
combustor  pressure  measurement.'  After  the  dome  has  been  joined  to  the  inlet  actuator 
mounting  pad/nozzle  support  ring,  the  subassembly' *s  aged  to  the  H-77S  condition  before 
the  nozzle  skin  is  installed  to  facilitate  nondestructive  testing  (NDT)  inspection  of  the 
critical  fin  support  pad  welds.  Following  qualilty  control  (QC)  acceptance  of  the  aged 
subassembly,  the  nonstructural  nozzle  skin  is  welded  in  place.  Subsequent  heat  treatment 
is  not  required. 

The  nozzle  liner  is  molded  from  chopped  squares  of  U.S.  Polymeric  FM  5020.  The  mate¬ 
rial  is  bonded  to  the  nozzle  support  structure  with  American  Cyanamid  HT-924  adhesive.  A 
silicone  O-ringbetween  the  liner  and  the  support  ring  ensures  that  gas  do”  not  leak 
across  the  nozzle  bond  line.  Additional  sealing  is  provided  by  the  DC  93-104  nozzle 
entrance  fillet,  which  is  installed  at  final  combustor  assembly,  and  a  soft  silastic  mate¬ 
rial  that  is  installed  between  the  aft-radial  surface  of  the  liner  and  the  support  rings. 

Alignment  surfaces  of  the  snap-ring  interface  and  the  ramjet  throat  are  machined 
after  combustor  assembly  to  ensure  that  the  required  alignment  tolerances  .are  met. 

Acceptance  of  the  completed  combustors  was  in  accord  with  CSD  Acceptance  Specifica¬ 
tion  l'T°-2630-003.  Weld  efficiencies  meeting  or  exceeding' design  requirements  were  demon¬ 
strated  for  all  weld  types.  A  weld  qualification  program  to  ensure  sound  welds  was  con¬ 
ducted  for  the  13  weld  or  weld-typo  joints  used  in  the  fabrication  of  the  low-cost  combus¬ 
tor.  Weld  procedures  were  developed  for  each  of  these  joints  in  accordance  with  the  stan¬ 
dard  CSD  weld  qualification  specification. 

An  extensive  materials  evaluation  program  was  conducted  in  support  of  the  low-cost 
combustor  design.  Vehicle  weight  restrictions  required  qualification  of  a  material  meet¬ 
ing  high  strength  requirements  while  still  maintaining  sufficient  toughness  and  stresscor- 
rosion  resistance. 

Material  for  the  low-cost  combustor  was  initially  specified  by  CSD  as  a  17-4  ph  aged 
to  the  H-811  condition;  however,  in  response  to  Vought's  weight  reduction  requirement,  CSD 
determined  the  best  compromise  between  material  strength  and  toughness.  The  selected  com¬ 
bustor  design,  based  on  17-4  ph  and  aged  to  77S°K  condition,  has  an  ultimate  strength  of 
1,275  x  10“  N/m2  for  sheet,  1,241  x  10°  N/mz  for  forged  materials,  and  1,172  x  10°  N/mz 
for  case  material.  Since  resistance  to  stress  corrosion  cracking  was  very  important, 
stringent  NDT  and  acceptance  test  procedures  were  used  to  ensure  that  components  and  fab¬ 
ricated  assemblies  were  free  from  defects. 

Preliminary  design  values  were  based  on  review  of  available  literature  or  data  from 
previous  Vought  programs.  These  values  were  revised  as  CSD  material  test  data  became 
available.  As  a  result  of  the  materials  evaluation  program  and  selective  procurement, 
design  stress  values  approximately  204  above  MIL-HBK-5  design  allowables  were  approved  for 
use  in  the  low-cost  combustor  design. 

To  achieve  CSD  cost  objectives,  the  complex  air  inlets  (Figure  7)  were  cast  instead 
of  machined.  The  cast  inlets  reduced  the  inlet  cost  per  combustor  by  approximately  754  of 
the  cost  of  machined  inlets',  representing  a  savings  of  about  $12,000  per  combustor.  This 
is  the  first  time  CSD  h:d  used  castings  at  high  stress  levels  as  an  integral  part  of  a  com¬ 
bustor  case  pressure  shell.  In  a  continuing  effort  to  reduce  fabrication  costs,  the  tech¬ 
nology  gains  from  the  inlet  casting  effort  were  expanded  to  investigate  the  casting  of  the 
entire  forward  inlet  section.  This  design,  though  not  completed  in  tine  for  this,  initial 
program,  Would  reduce  combustor  costs  further  by  eliminating  the  complex  jigging  and  weld¬ 
ing  required  to  form  the  forward  assembly.  Designs  were  prepared  and  a  contract  released- 
for  casting  a  single  inlet  section,  formerly  comprised  of  the- four  inlet  castings,  the' 
four  roll-formed  interconnecting  sheet  segments," and  the  forged  forward  dome/forward' 
attach  "y"  ring  section.  This  integral  inlet  section,  shown -in  Figure  8, -met  all  inspec¬ 
tion  requirements  established  for  the  single  inlet  castings  used  in  the  low-cost  combustor 
development -program  (LCCDP)  combustors.  The  integral  inlet  section  was  subjected  to  the 
same  HIP  process  as  the  single  inlet  castings.  No  defects  due ’to  the  HIP  process  were 
detected",  arid  a  posttest  dimensional  inspection  showed!  tho  casting' to  be  dimensionally 
stable  during  HIP. 

An  extensive  insulation  processing  study  was  conducted  to  develop  procedures  for 
installing  the* TPS  in  the* LCCDP.'  "  ’  « 
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-Personnel  inxCSDls- Research  and  Advanced  Technology  Department  installed  the  Dow-  „ 
CorningDC  93*104  insulation  -into  the  prototype  combustors  using  procedures  developed  /' 
through  literature  feseareh-and :prior-  experience.  Requirements  and. procedures  for 
receiving/inspection,  storage,  mixing,  and  casting  of  theiDC  93-104»aaterial  were 
developed  and  used  throughout  the  program. 

The  successful  casting  of  the  SIM  combustor  liners  provided  a  significant  increase  in 
CSD's  understanding  of  ithe -handling^and  processing  of  the-Dow-Corning  DC  93-104  material. 

VALIDATION  TESTS 

Ground  test  activities  in=support  of  the;STM- program  successfully  demonstrated  the 
adequacy  of  the  design  for  defined  STM  flight  trajectories.  These  activities  are  sum¬ 
marized  in  Table  1  and  discussed  below. 

CASE  STRUCTURAL/HYDROTEST 

-  -This  test  demonstrated  the  structural  adequacy  of -the  low-cost  combustor.  These 
tests,  conducted- at -CSD,  subjected  the  finished  combustor  to  full  combustor  design 
conditions. 

The  iow-cost  combustor  was -subjected  to  two  hydrotests.  The  first  test  was  designed 
to  demonstrate  the  adequacy  of  the  combustor  to  withstand  the  design  internal  pressure 
(1.25  times  maximum  expected  operating'pressure  (MEOP),  12  x  106  N/a2);  the  second  test 
was  designed  to  demonstrate  the  adequacy  of  the  combustor  to  withstand  actual  flight  inter¬ 
nal  and  external  loads.  For  each  test,  the  analytically  determined  stresses  in  the  inlet 
at  ia  were  higher  than  the  experimentally  derived  stresses. 

The  first  low-cost  combustor  booster  test  was  successfully  accomplished,  with  support 
from  CSD,  at  the  NKC  Skytop  test  facility.  Posttest  inspection  of  the  combustor  indicated 
that  little  degradation  of  the  TPS  had  occurred.  A  decision  was  made  to  lightly  sand  the 
EC  93-104  surface  and -cast  a  second  booster  grain  into  the  combustor.  The  second  booster 
test  was  successfully  conducted  in  early  1979.  All  test  objectives  were  met,  including 
the  ejection  of  the  port  covers  and  booster  nozzle. 

CSD -supported  the  NKC  investigation  into  the  cause  of  a  propellant-to-TPS  unbond 
which  occurred  in  the  second  motor.  The  cause  of  the  unbend  was  traced  to  a  procedural 
-error  in  propellant  casting.  The  Dow-Coming  DC  93-104  insulation  had  not  been  "baked" 
before  casting  of  the  solid  propellant,  and  volatiles  evolving  from  the  DC  93-104  during 
the  propellant  cure  cycle  had  caused  the  unbonds  between  the  TPS  3nd  the  propellant.  In 
the  first  motor,  insulation  repair  at  CSD  before  delivery  to  NSC  had  exposed  the  TPS  to 
elevated  temperature  for  an  extended  period  of  time.  This  exposure  drove  off  most  of  the 
volatiles  in  the  DC  93-104,  allowing  a  normal  bond  with  the  propellant.  NKC  procedures 
were  revised  to  include  a  post-cure  "baking"  of  the  DC  93-104  before  the  propellant  cast¬ 
ing  operation.  All  following  booster  motor  grains  were  cast  without  additional  problems. 

The  low-cost  combustor  thermal  endurance  test,  supported  by  CSD,  was  conducted  at  the 
NKC  T-rango  facility  on  March  30,  1979.  The  same  combustor,  previously  used  for  the  two 
booster  qualification  tests,  was  used  for  this  test.  Because  of  the  limitations  of  the 
T-range  test  facility,  the  endurance  test  was  conducted  at  a  single  condition  (approxi¬ 
mately  10.7-km  altitude  chamber  pressure  conditions). 

The  goal  of  the  thermal  endurance  test  was  to  demonstrate  the  ability  of  the  TPS  to 
withstand  long-duration  cruise  conditions.  The  results  of  the  test  were  then  used  to 
update  the  thermal  math  model  and  to  define  more  accurately  the  high  heat  fluxes  that 
occur  in  a  local  hot  zone  around  each  inlet  pad.  Movie  cameras  positioned  to  look  into 
the  combustor  during  ramjet  operation  produced  photos  showing  two  things  of  interest.  One 
good  view  of  the  inlet  area  showed  edge  burning  of  the  DC  93-104  pyrolysis  gases  around 
the  inlet  window  frame.  From  demonstration  combustor  tests,  it  had  b'en  speculated  that 
a  larger  combustion  zone  aft  of  each  inlet  had  formed,  and  the  Bate1*  model  was  modified 
accordingly.  The  second  interesting  observation  from  the  movies  was  ■ hat  charred  lines  on 
the  sides  of  the  inlets  had  been  blown  off  after  ramjet  shutdown.  Thermocouple  dat3  did 
indicate,  however,  that  some  top  layers  of  char  may  have  also  been  lost  on  the  inlet  sides 
during  ramjet  operation  (Figure  9).  Since  temperatures  were  not  excessive,  it  was  obvious 
that  good  insulation  remained  on  the  case.  On  the  basis  of  the  thermocouple  data,  thermal 
paint  indications,  and  movies,  the  heating  around  the  inlets  is  believed  to  be  driven  by 
edge  burning  effects  around  the  inlets  in  the  recirculation  zone  created  by  the  aft  facing 
step.  The  model  hypothesis  is  illustrated  in  Figure  10. 

The  internal  boundary  conditions  were  revised  to  model  this  phenomenon  by  first  making 
the  source  temperature  for  the  window  frame,  Zone  C  (Figure  11),  equal  to  1.9440K,  the 
approximate  combustion  temperature  of  pyrolysis  gases,  and  then  systematically  reducing 
the  heat  transfer  to  a  coefficient  until  a  good  match  with  test  data  was  obtained.  In 
addition,  the  source  temperature  downstream  of  the. inlets.  Zone  D,  was  reduced  from 
1,939°K  to  1,700®K,  which  Is  consistent  with  the  ALVRJ  data  base.  As  Figure  9  shows,  the 
pretest  overprediction  is  cdrrectea  by  the  model  update.  The  same  internal  boundary  condi¬ 
tions  were  successfully  used  to  predict  the  final  ground  test  results  and  STM  flight  test 
results. 

Maximum  temperatures  measured  on  the  combustor  hot  zone  were  only  978°K,  including  a 
255°K  preheat  during  60  sec  of  facility  inlet  air  flow  stabilization  prior  to  ramjet  igni¬ 
tion.  This  is  well  below  the  1,200°K  design  allowable  established  by  a  structural  creep 
analysis. 
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The-  last-ground  test  to-qualify  the'  lowicost  combustor -for ^flight  was  the  integrated 
system  test  conducted  on  April  16,  1979,  in  the  CSD  ramjet  test  facility  (Figure  12), 

This  test  was  designed  to  simulate  fully  the- Conditions  and  .sequences  of  events  to  be 
encounteredinjthe’STH- flight  test. 

The  STM,  IRS  test  was  the  first  connected-pipe,  rocket-to-raejel  transition,  full 
trajectory  simulation  test  conducted  by  CSD  and  is  thought  co  be  the  first  in  the  United 
States  fdr -a  full-size -flight  combustor.  AIT  tSst  sequenceS'and; test  parameters  were 
designed  to  simulate  actual  STK  flight  conditions.  Extensive  planning,  system  checks,  and 
flow  calibrations  were  carried  out  prior  to  the  final  authorization  for  conducting  the 
test.  On  April  6,  1979,  with  representatives  from  the  Naval  Weapons  Center  and  Vought  Sys¬ 
tems  Division  in-attendance,  the  test  was  successfully  conducted.  All  systems  performed 
within. specified  limits. and  all  test  objectives  were. met; 

Figure  13  presents  test  data  showing  the  thrust  and  combustion  pressure  history  of 
the  low-cost  combustor  during  the  IRR  test.  Both  parameters  were  exactly  as  predicted 
from  the  ground; tests.  For  this  test,  aerodynamic  heating  was  applied  to  one  quadrant  of 
the  combustor  only.  Since  tne  external  surface  of  the  combustor  is  exposed  to  aerodynamic 
heating  in  only  four  zones  approximately  12.7  cm  wide,  between  the  inlet  fairings,  it  was 
felt  that  each  zone  would  react  independently  of  the  other  zones  in  actual  flight;  there¬ 
fore,  simulation  of  one  zone  .-as  sufficient.  The  heat  transfer  coefficients  expected  to 
be  encountered -during  the  STM  flight  were  supplied  to  CSD 'by  Vought.  These  Coefficients 
were  correlated  to  backside  shroud  air  flow  and  temperature  for  this  test  by  calibration 
tests  conducted  on  the  bare  wall  fit  check  combustor.  The  temperature  response  at  criti¬ 
cal  locations  around  the  combustor  (Figure  14)  clearly  show  the  excellent  thermal  protec¬ 
tion  provided  by  the  DC  93-li4  TPS. 

Upon  completion  of  the  fully  successful  integrated  systems  ground  test,  a  flight  dem¬ 
onstration  was  scheduled.  The  specially  modified'A-7  aircraft  took  off  from  NWC  at  Ridge¬ 
crest,  California,  and  flew  out  over  the  Navy  Pacific  Missile  Center.  The  STM  vehicle  was 
dropped  at  high  altitude  and  allowed  to  free  fail  approximately  5  sec  to  clear  the  launch 
plane.  The  booster  motor  was  ignited  in  a  diving  attitude,  accelerating  the  missile  to 
greater  than  Mach  3  at  booster  burnout.  The  dive  was  continued  for  30  sec,  whereupon  a 
climb  was  initiated.  The  desired  cruise  speed  and  altitude  were  reached  and  a  sustained 
cruise' Was  maintained  to  a  range  greater  than  100  km,  whereupon  a  terminal  dive  to  se3 
level  was  Initiated.  The  vehicle  was  allowed  to  impact  into  the  Pacific  Ocean  at  151  sec, 
under  full  power.  All  aspects  of  the  actual  flight  were  achieved  in  a  perfect  flight  test 
demonstration  of  this  low-cost  IRR  propulsion  system  for  application  to  an  STM.  The  STM 
vehicle  and  flight  trajectory  are  shown  in  Figure  15.  A  comparison  between  the  predicted 
downstream  range  vs  time  and  the  actual  radar  flight  test  data  (Figure  15)  showed  a 
perfect  .flight  was  realized. 


CONCLUSIONS 

The  low-cost  combustor  for  the  STM  propulsion  system  has  been  successfully  demon¬ 
strated  through  a  series  of  ground  tests  and  in  a  totally  successful  flight  test.  The  5:1 
combustor  cost  reduction  for  the  STM  propulsion  system  compared  to  the  ALVRJ  propulsion 
system  was  achieved  with  no  performance  penalty. 
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Figure  13.  Ramjet  Ground  Test  E’er fo nuance 
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Figure  14.  Low-Cost  Combustor  TPS  Performance 
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Figure  is.  Supersonic  Tactical  Missile 
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SUMMARY 


A  procedure  that  provides  a  rational  means  for  selecting  an  inlet/combustor  con¬ 
figuration  for  a  hypersonic  airbreathing  missile  is  presented.  The  particular  problem 
that  is  addressed  is  the  design  of  the  sustained  engine  of  a  two-stage  missile  that  is 
constrained  to  be  launched  from  a  stowage  volume  that  is  either  square  or  circular  in 
cross-section.  The  sustainer  engine  accelerates  from  a  low  altitude  separation  at  Mach 
*1  and  climbs  to  high  altitude  for  cruise  at  Mach  8.  The  results  show  that  a  missile 
with  an  axisymmetric  nose  inlet  provides  a  somewhat  higher  thrust  capability  and  slightly 
better  fuel  efficiency  than  a  chin  type  inlet.  Aft  entry  inlets  are  shown  to  have  a 
substantially  lower  thrust  potential  and  lower  engine  efficiency.  A  criterion  for  de¬ 
termining  the  maximum  contraction  ratio  of  a  fixed  geometry  inlet  is  established  and 
applied  to  the  exemplary  missile  designs.  Combustor  area  ratio  is  examined  and  found 
to  have  a  relatively  small  effect  on  engine  performance  for  area  ratios  equal  to  or 
larger  than  that  required  to  obtain  maximum  thrust  at  the  take-over  Mach  number. 
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=  area 

=  total  vehicle  drag  coefficient 

=  nose,  leading  edge,  cowl  wavs  additive,  body  friction,  and 
tail  drag  coefficients 
“  normal  force  coefficient 

*»  gross  engine  thrust  coefficient  [Eq.  (A-l)l 


=  net  vehicle  thrust  coefficient 
=  diameter 

=  fuel-air  equivalence  ratio 
=  stream  thrust 

*  stoichiometric  fuel-air  ratio 

=  length 
=  Mach  number 
=  pressure 

=  heat  transfer 
«  free  stream  dynamic  pressure 

=  radius 

=  thrust,  temperature 
=  velocity 
=  fuel  flow  race 

*  box  width  (Fig.  1) 

«  distance 
■  altitude 
=  angle-of-attack 
=  (9-901/2 

=  ratio  of  specific  heats 
=  inlet  smile  angle 
=  90-9/2 

»  inlet  kinetic  energy,  exit  m 


=  station  numbers  (Fig.  A-l) 
=  body 
=  cruise 

=  maximum  circle  in  Sox 
-  inlet  cowl 
»  maximum 
=  nose 
=  reference 
=  total 
=  wall 
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INTRODUCTION 

The  design  of  a  missile  involves  the  consideration  of  numerous  factors  that 
include  both  the  mission  requirements  and  the  constraints  that  are  imposed  due  to 
weight  and  volume  limitations.  It  is  the  purpose  of  this  paper  to  present  a  rational 
procedure  for  guiding  the  design  of  a  supersonic  combustion  ramjet  (scranjet)-powered 
missile  constrained  to  a  particular  cross-sectional  area.  The  seramjet  has  been 
chosen  because  it  is  the  most  efficient  propulsion  cycle  for  hypersonic  flight  within 
the  atmosphere  (Ref.  1).  To  explain  the  technique  it  is  necessary  to  select  a  particular 
mission  requirement,  but  the  approach  is  not  dependent  on  this  selection. 

The  problem  is  posed  as  follows: 

1}  The  missile  is  to  be  designed  into  a  launcher  that  has  a  fixed  cross- 

sectional  area,  either  square  or  round,  but,  as  will  be  explained  below, 
the  detailed  analysis  will  be  directed  to  the  square  cross-section; 

2)  The  missile  is  a  rocket-boosted  fixed  geometry  scranjet  that  has  an  end- 
of-boost  Kach  number  of  Q  and  a  cruise  Mach  number  of  6. 

3)  The  scraujet  is  of  the  dual  mode  type,  i.e,,  at  high  flight  Mach  numbers 

and  low  fuel/air  equivalence  ratios,  the  flow  in  the  combustor  is  supersonic, 
whereas  at  low  Mach  number  and  high  equivalence  ratio,  a  normal  shook 
precedes  the  combustion  (see  Ref.  2  for  a  detailed  discussion);  and 

t)  The  inlet  capture  area  is  either  circular  cr  a  sector  of  a  circle  which  is 
commonly  referred  to  as  a  "chin"  inlet  and,  by  permitting  the  inlet  cowl 
lip  to  be  located  downstream  of  a  forebody,  an  aft  entry  inlet  is  also 
represented. 

The  objective  is  to  develop  a  rational  procedure  for  selecting  the  geometry  of  the 
inlet  capture  area,  the  design  Mach  number,  Kpgg,  the  inlet  contraction  ratio,  the 

combustor  area  ratio  and  the  nozzle-to-inlet  area  ratio. 


INLET  CONSTRAINTS 

The  problem  begins  as  an  exercise  in  geometry  to  determine  the  range  of  "smile" 
angle,  of  chin  and  aft  entry  type  inlees  that  can  be  considered.  Initially  the 
criteria  for  selection  will  be  based  on  the  maximum  projected  frontal  area  of  the 
inlet,  later  the  effects  of  reduced  inlet  area  will  be, discussed.  Figure  1  depicts 
the  packaging  of  a  chin  type  inlet  constrained  to  fit  within  either  a  square  or 
circular  cross-section.  In  each  sketch  the  axis  of  the  inlet  is  located  to  give  the 
maximum  inlet  area  for  a  given  4.  For  the  square,  or  box,  constraint  (Ref. 3)  the 
axis  is  concentric  with  the  box  axis  for  350°  >  t  >  270®.  For  270®  >  (  >  SO®  the 
axis  moves  along  the  diagonal  and  reaches  the  corner  at  0  =  SO®.  For  i  <  90°  the 
axis  ia  ir.  the  corner.  Each  sketch  also  shows  the -outline  of  the  circular  body, 
concentric  with  the  inlet  axis  having  the  maximum  radius,  r_  .  For  360°  >  4  >  270°, 

MAX 

r  /Va  -  2,  where  W-  is  the  length  of  the  box  side.  For  0  <  270°,  r_  A'-  decreases 
MAX  -  0  ‘"MAX 

mor.c-tonisaily  to  0  at  )  =  90°.  It  would  be  permissible  to  have  a  radius  r,  <  r 

a  ^AX 

and  still  have  the  maximum  inlet  area.  Moreover,  r  can  be  greater  than  r  but 
only  by  decreasing  the  inlet  area.  MAX 

For  a  circular  constraint  and  360°  >  (  >  ISO®,  maximum  inlet  area  is  obtained 
with  the  chin  inlet  axis  concentric  with  the*”axis  of  tr-  circular  "container."  For 
?  <  133®  the  inlet  axis  moves  progressively  outward,  reaching  the  periphery  at  )  = 

90®.  For  4  <  90°  the  axis  is  on  the  periphery. 

The  ratio  of  the  inlet  area  A,  to  the  area  of  the  circumscribed  circle  A  , 

i.e.,  »W-Vi  or  cr-2  for  r  =  r  is: 

_  a  aiM.x 

BOX 


363°  >  4  >  270® 


270°  >  4  >  90® 


90  (1+sinS )s 
4-90 


(1) 


(2) 


ofc  of  the  k./k^  versus  $  for  th 
the  eld  portion  of  each  curve. 
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Even  though  A,/Ae  values- are  shown  for  the  entire  range  of  f,  some  designs  would 

not  be  reasonable  in  that  it  would  be  impractical  to  fair  the  asymmetric  inlet  into  a 
circular  or  near  circular  cross-3ection  that  would  be  typical  of  a  missile.  A  reasonabl 
limit  would  be  r^/VL,  1  o.  3,-  which  corresponds  to  ♦  =  190s  for  the  box  constraint. 

Thus*  for  d  <  190°,  smaller  values  of  A4/Ae  would  results  In  this  study  this  licit 

was  not  enforced  but  as  it  turns  out,  it  is  a  coot  point  because  for  other  reasons 
the  chin  inlets  of  interest  have  d  >  190®.  Moreover,  to  licit  the  scope  of  the 
analysis  only  the  box  constraint  was  studied  In  depth,  which,  as  shown  in  Fig.  2, 
gives  the  chin  (or  aft  entry)  inlet  a  core  favorable  inlet  capture  area  relative  to  a 
circular  inlet  for  d  <  270°  than  would  result  with  the  circular  constraint. 


0  90  180  270  360 

Inlet  anile  angle,  d  (deg! 

Fig.  2  Maximum  inlet  air  capture  area  aj  a  function  of  inlet  smile  angle  and  launcher  type. 
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The  next  step  in  the  analysis  is  the  deterninatier.  of  the  inlet  air  capture 
ratio,  additive  drag  ar.d  cowl  drag  as  a  function  of  inlet  design  Mach  nucher 

flight  Mach  nunber  HQ,  and  ungle-of-attack.  Here,  to  licit  the  study,  it  is  necessary 

so  be  somewhat  arbitrary  in  defining  the  geometry  of  the  compression  surface.  Previous 
experience  has  shewn  that  a  surface  having  an  initial  compression  angle  of  12.5® 
yields  a  good  compromise  between  length  and  pressure  less.  Consequently,  as  shown  in 
Figure  3,  12. 5®  was  used  throughout.  All  of  the  additional  compression  in  the  inlet 
was  assumed  to  take  place  downstream  of  the  last  characteristic  passing,  through  the 
cowl  Up  in  this  conical  flow,  i.e.,  the  compression  waves  would  fall  inside  the  cowl 
lip  regardless  of  the  Mach  number  and  angle-of-attack.  For  the  aft  inlet,  a  2.6:1, 

3/9  power  forebody  shape  was  selected  sr.d  was  joined  to  a  circular  cylinder.  Here 
again,  it  was  necessary  to  be  somewhat  arbitrary  in  selecting  0.6  as  the  ratio  of  the 
radius  of  the  nose  cylinder  to  the  radius  of  the  cowl  rft/rg.  A  smaller  value  would 

not  permit  sufficient  packaging  in  the  forsbody,  whereas  a  larger  value  would  decrease 
the  amount  of  capture  area.  Even  if  the  cross-section  of  the  aft  inlet  is  circular, 
i.e-.,  ♦  =  360®,  the  maximum  air  capture  ratio  is  less  than  one  because  the  cowl  lip 
lies  inside  the  bew  shock  generated  on  the  forebody.  Per  example,  if  the  aft  inlet 
was  placed  in  the  most  forward  position,  as  shown  dotted  in  Fig.  3,  the  shook  generated 
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0,938  for  zero  angle-of-attack,  a  =  0s,  at  Mg  =  6,  7,  and  6,  respect!-, 
lesser  degree  the  inlet  air  capture  depends  on  the  downstream  locatis: 
lip.  This  was  examined  parametrically  at  the  most  upstream  location, 

=  10  from  the  nose,  and  midway  between  the  two  extremes.  As  it  turr.ee 
results  were  not  strongly  dependent  on  x/r£  so  to  limit  the  scope  of  ; 

subsequent  performance  numbers  were  generated  only  for  x/rs  =  10. 


f  the  cowl 
a  point  x/ra 

at,  the 
study  the 


(2}  Axisymmetrle  nose  inlet 


2.6:1  3/4  po>vef  nose 


(c)  Aft  entry  Inlet 


Fig.  3  Schematic  iilustiations  of  inlet  types  conskieted. 


The  air  capture  ratio  and  additive  drag  were  obtained  by  scans  of  a  finite 
difference  solution  of  the  hyperbolic  equations  of  notion  for  a  steady  inviscid  flew 
{Eef.  4).  This  code  utilizes  a  standard  HacCorcack  predictor-corrector  algcritim  for 
the  solution  of  the  governing  equations  in  cylindrical  coordinates  in  conservation 
fern.  A  nor.-orthcgonal  shock-layer  transfornation  is  used  t<>  normalize  the  mesh 
between  the  body  and  the  peripheral  bow  shock.  The  bow  shock  is  fitted  to  the  free 
stress,  whereas  internal  shucks  are  captured. 

After  the  flowfield  solution  is  obtained,  the  data  are  processed  to  yield  the 
various  parameters  of  interest  in  inlet  design.  For  example,  streanlir.es  are  traced 
frea  the  bow  shock  to  their  intersection  with  the  inlet  cowl  lip.  The  area  of  the 
resulting  stream  tube  at  the  bow  shook  is  obtained  by  numerical  integration,  and  the 


ratio  of  this  area  to  the  inlet  cowl  area  gives  the  air  capture  ratio,  AQ/A, .  Similarly, 
integration  of  the  pressure  along  this  stream  tube  gives  the  additive  drag. 


The  air  capture  and  additive  drag  data  so  obtained  have  been  compared  to-  the 
analytical  results  available  for  a  cone  at  zero  angle-of-attack.  Excellent  agreement 
has  been  found,  with  errors  on  the  order  of  1$  or  less.  Verification  of  the  aagle-of- 
aztack  behavior  has  not  been  established  due  to  the  paucity  of  suitable  experimental 
results  or  analyses  with  which  to  compare.  Side  plates  were  not  considered  in  the 
computation  of  A./ A,  and  Cn  for  the  chin  and  aft  entry  inlet  designs,  nor  were 
0  1  Dadd 

inlets  with  nonsircular  cross-section. 


Figures  t  and 
appendix.  Hereina 
Figure  A  shows  the 

and  6.  Curves  are 
-  0°  the  air  captu 
with  decreasing  <?, 
H„.  This  favorabl 

principal  reason  f 
bank-to-tum  steer 
Figure  5  coheres 

6  and  8  operating 

shows  the  adverse 
downstream  of  the 


i  5  typify  the  resu; 
after  the  $  =  360°  : 
§  air  capture  ratio 

e  shown  for  a  *•  -10' 
ured  is  independent 
,  but  for  positive  ; 
le  air  capture  char: 

for  considering  the: 
ring  oar.  be  used  an: 
the  nose/chin  inle 

at  =  5  and  6,  a! 

effect  on  air  cast: 
forebody. 


:ts  of  these  calculations  summarized  in  the 
.nlet  will  be  referred  to  as  the  "nose"  inlet, 
for  H--j  =  6  nose/chin  inlets  operated  at  Hn  =  t 

-5a,  0°,  5°  and  10®  for  0°  £  #  <  360s.  For  a  = 
of  for  a  negative,  air  capture*" decreases 
:  there  is  an  optimum  i  <  360°  for  each  s  and 
icteristic  of  chin  inlets  at  positive  a  is  the 

Ir  use  in  missile  applications,  especially  when 
I  thus  eliminate  the  need  to  operate  at  s  negative. 
:  with  the  aft  entry  inlet  for  inlets  with  M-,-,.  = 

LI  for  a  =  +5°.  This  figure  rather  dramatically 
we  that  results  when  the  inlet  is  positioned 
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Intel  lout  prtnure  recovery,  I*.  /J» 


perhaps  Mjjjjg  =  5  would  be  a  reasonable  choice.  However,  this  would  require  the  ir.lot  to 

operate  significantly  above  Its  design  Mach  number,  a  factor  that  was  not  adequately 
addressed  in  the  selection  of  the  correlation  for  n.^  (Eq.  10).  Hone  of  the  data  covered 

tests  of  inlets  at  Mg  considerably  above  their  respective  Mpgg.  Presumably,  for  the  same 
Mj/Kq*  nK"  would  decrease  for  MEES  >  Mg.  Thus,  K,-s  =  6  was  deemed  the  preferred  choice. 

The  choice  of  the  larger  A,,/A„  was  based  on  the  slightly  better  average  C„  at  a  =  0. 

4  £  1!i  KAX 

Figure  11  shows  corresponding  CT  curves  for  chin  and  aft  entry  inlets  all  having  a 

tN 

not  atypical  smile  angle  of  160°.  Because  of  the  previous  arguments  regarding  Inlet 

Nozzle  exit-to-inle!  geometric  area  ratio,  /WA$ 


Inlet  smile  angle,  d  (deg) 


Fig  12  Maximum  net  force  coefficient  at  M„  -  4,  as  a  function  of  smiie  angle  for  nose,  chin  and 
aft  entry  inlet  designs  with  MRES  "  6, 

operation  at  Hg  >  Mn£S  <  6  were  not  Included  in  the  aft  entry  summary.  Results  for 

other  values  of  $  exhibit  similar  trends.  The  previously  stated  arguments  for  the  nose 
entry  used  to  select  Kgrs  end  Aj,/Aj  are  valid  for  the  chin  and  aft  inlets,  so  again  Kp£S  “ 

6  and  A^/Ag  ■  h  were  chosen. 

With  Mg£S  and  Ajj/Ag  specified,  it  is  now  possible  to  compare  the  efficiency  of  engines 

having  different  types  of  inlets.  To  accomplish  this,  comparisons  need  to  be  made  for 
cases  where  all  of  the  engines  produce  the  same  net  force.  Figure  12  helps  to  serve  in 
explaining  the  methodology  used  to  mate  this  comparison.  Hers,  maximum  net  force  coeffi¬ 
cients  (i.e.,  Mq  =  ft,  ER  =  1,  a  -  0°)  are  shown  as  a  function  of  d  for  engines  all  having 

MpES  =  6,  Ajj/A,  =  ft .  The  minima  in  the  chin  and  aft  entry  curves  are  a  direct  consequence 

of  the  geometrical  constraints  on  inlet  sise  shown  in  Fig.  2.  To  enable  comparison  of 
engine  efficiency  at  the  same  thrust  level  for  all  $,  C-  =  0.628  and  0,382  values  were 

chosen.  Thus,  at  the  higher  level,  nose  and  all  chin  inlets  can  be  compared  and  at  the 
lower  level,  all  three  types  can  be  compared.  To  reduce  the  C_  for  $  /  20 9°  engine 

!!  MAX 

designs,  the  engine  inlet  area  Is  reduced  holding  Ag  constant.  For  example,  for  the  nose 
inlet  Ag/A,  is  Increased  from  1.0  to  1.53  to  reduce  C^.  from  0.895  to  0.628.  For  $  < 

n 

3606,  the  reductions  in  A,  are  smaller  since  C„  are  lower  and  the  corresponding 
1  *1J  KAX 

Ag/A,,  shown  on  the  top  scale  in  Fig.  12,  are  larger.  An  alternative  method  would  be  to 
reduce  the  engine  ER,  but  this  was  not  examined  herein. 


Figure  13  summarises  results  for  the  chin  and  nose  inlets  at  Kg  =  M,  a  =  0°,  Kg  *  e, 
a=0°  and  +5°.  Fuel  flow  is  used  as  the  index  of  efficiency.  The  Mg  •  «,  s  =  0°  curve  is 
for  SR  s  1  and  thus  is  representative  of  efficiency  during  acceleration.  The  Kg  •  8,  0  = 
+5°  curve  shown  in  the  middle  figure  is  for  C_  =  0  and  thus  is  representative  of  cruise 

'ill 

it 

efficiency.  For  either  case  the  nose  inlet  engine  is  more  efficient  than  an  engine  with  a 
chin  inlet,  if  efficiency  were  the  sole  criteria  for  selection  of  i,  then  a  large  smile 
angle  would  be  the  choice.  However,  as  suggested  by  the  sketches  shown  in  Pig.  1,  engines 
having  0  greater  than  about  210°  would  not  benefit  from  improved  packaging  efficiency 
relative  to  a  nose  inlet  that  has  often  been  ascribed  in  other  studies.  In  any  event,  the 
differences  in  efficiency  between,  say  a  d  =  180°  chin  and  a  r.ose  inlet,  are  net  profound, 
amounting  to  stout  3 %  at  Mg  =  k  and  9S  at  Kg  -  8,  Maximum  accelerative  capability  at  Mg  = 

8  is  also  slightly  better  for  the  nose  inlet,  as  shown  in  the  figure  at  the  bottom.  Had 
the  basis  for  selecting  the  respective  engine  sizes  been  equal  maximum  thrust  at  Mg  -  8, 

there  would  be  a  greater  difference  in  the  relative  efficiencies  between  the  chin  and  nose 
inlets  but  the  chin  would  have  greater  thrust  potential  at  lower  Krt.  The  general  conclu¬ 
sion,  however,  is  that  on  the  basis  of  engine  performance,  the  nose  Inlet  would  be  pre- 


SO  180  270  260 


inlei  $m»,e  angle,  g  fdeg) 

Fig.  13  Performance  comparison  of  nose  and  chin  inlet  vehicle  designs  .*¥ith  Cj  =0  628 
when  IVU  =  4,  a  =  O' .  nmax 


When  the  comparison  Is  based  on  the  lower  value  of  C,  at  Xn  »  4,  a  =  0°  so  as  to 

*N 

include  aft  entry  inlets,  the  arguments  relative  to  the  comparison  of  the  chin  and  nose 
configurations  are  similar.  On  a  fuel  efficiency  basis,  the  aft  entry  is  poorer  than  the 
chin  for  tne  $  range  of  interest,  as  shown  in  Fig.  I1).  The  curves  relating  to  accelerative 
capability  at  -  8,  shown  in  the  bottom  figure,  exhibit  trends  for  the  chin  and  nose 

inlet  similar  to  those  for  the  engines  designed  for  higher  thrust.  For  the  aft  entry  at 
a  =  0°,  thrust  levels  are  60'  to  70'  of  the  corresponding  chin  inlet  having  the  same  9, 

At  first  glance  the  curve  for  .she  aft  inlet  at  o  =  5°  appears  to  be  anomalous.  In  fact, 
the  very  large  decreases  in  with  increasing  9  and  the  significant  differences  relative 

1 

to  the  chin  inlet  at  the  same  9  are  directly  attributable  to  the  far  greater  sensitivity 
In  air  capture  of  the  aft  inlet  to  change  in  a.  For  these  conditions  with  smile  angles 
less  than  about  220°  the  relative  air  capture  of  the  aft  inlet  increases  more  rapidly  with 
increasing  a.  For  larger  9,  the  trend  is  reversed  because  the  "shadowing"  effect  or.  the 
leeward  side  is  more  pronounced  as  the  inlet  is  moved  aft.  In  general,  an  engine  with  an 
aft  inlet  has  less  thrust  potential  and  is  less  efficient  than  either  a  chin  inlet  or  nose 
Inlet  engine. 


Inlet  smile  angle,  9  (deg) 


Fig.  14  Performance  comparison  of  nose,  chin  and  aft  entry  inlet  vehicle 
designs  with  Ct  ■  0.332  when  M0  »  4, «  «  0°. 
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CONCLUSION'S  AND  RECOMMENDATIONS 

The  results  of  this  study  lead  to  the  following  conclusions  and  recommendations : 

1.  The  net  performance  of  nose  inlet  missile  designs  is  somewhat  better  than 
comparable  chin  inlet  designs  when  subjected  to  the  same  launcher  cross- 
sectional  area  constraint.  Aft  entry  inlet  designs  have  substantially  less 
thrust  potential  and  lower  efficiency  than  either  the  nose  or  coin  designs; 

2.  A  maximum  inlet  contraction  ratio,  ( A0/ fcX*s,'s*  which  is  a  function 

of  the  free  stream  Mach  number.  Further  increases  in  AQ/A^  are  not  possible 
without  causing  inlet  unstart.  The  overall  maximum  value  us  3,5  at  hq  -  7. 

This  conclusion  is  based  on  experimental  results  obtained  primarily  at  angles- 
of-attack  <  3°  and  further  testing  is  needed  to  substantiate  the  conclusion 
at  the  higher  values  of  a; 

3.  The  optimum  inlet  design  Mach  number  falls  in  the  middle  of  the  desired  flight 
Kach  number  range  of  operation,  not  near  its  upper  limit.  Conseauentlv,  future 
inlet  experimentation  should  include  tests  at  one  and  two  Mach  numbers  above 

'"‘DES’ 

t.  The  sensitivity  of  engine  performance  to  yaw  angle  should  be  investigated. 

Chin  or  aft  entry  inlet  missile  designs  require  bank-to-turn  steering  which 
can  introduce  sideslip  and  the  performance  of  both  may  be  sensitive  to  yaw 
angle  as  well  as  angle -of-attack; 

5.  The  maximum  inlet  capture  area,  A^ ,  is  a  function  of  smile  angle  in  a  given 

launcher  constraint.  The  overall  minimum  occurs  when  6  =  208.6°  for  a  box 
launcher  and  6  =  133-6°  for  a  circular  launcher.  The  maximum  occurs  when 
p  =  360°  and  30°;  and 

6.  The  choice  of  an  optimum  smile  angle  is  not  clear.  A  lower  bound  can  be  estab¬ 
lished  when  the  radome  size  is  defined.  The  optimum,  however,  would  depend  on 
a  study  in  which  internal  packaging  efficiency  is  included;  such  a  study  should 
be  made. 
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APPENDIX 


on„a_ns  descriptions  of  the  croc*"u 
«ten»l  aerodynamics  and 
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the  ******  illustration  that  deoio* 

"’uel  Is  injected  at  staticr  (5)  —  -  CC - stor  ie  supersonic  {K.  »  i). 
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veracity  of  the  analysis  for  predicting  scrar.j<*t.  engine  performance  has  teen 
established. 


VEHICLE  DE5I0H  CONSTRAINTS  AND  MISSION  RECUI EE KENTS 

The  current  study  was  undertaken  to  develop  the  methodology  needed  to 
systematically  determine  engine  sizing  and  integration  requirements  for  hypersonic 
airbreathing  missile  applications.  Three  types  of  inlet  configurations  that  have 
received  considerable  attention  in  the  literature  have  been  examined.  As  with  any 
missile  designs,  certain  launcher  constraints  and  mission  requirements  must  be  met. 
Those  chosen  for  this  study  are  that  the  missile  must  fit  within  a  square  and  be 
circular  in  cross  section  and  that  the  missile  must  be  capable  of  accelerating  from 
Each  A  to  Hach  8  cruise  speeds.  The  more  detailed  analysis  was  confined  to  a 
50  x  50  cm  (19.7  x  IS. 7  in.)  x  too  cm  (157.5  in.)  box  constraint. 


The  Kach  t  er.d-of-boost  flight  speed  is  a  reasonable  choice  since  the  optimum 
two  stage  vehicle  generally  is  obtained  when  the  first  stage  accelerates  the  vehicle 
to  approximately  half  its  cruise  speed.  The  vehicle  length  (L)  to  diameter  (D)  ratio 
of  8  that  was  selected  is  typical  of  high  speed,  airbreathing  missile  designs.  Finally, 
a  fixed  geometry  engine  is  assumed  as  it  generally  is  preferred  to  minimize  cost  albeit 
with  some  loss  in  performance. 

With  the  size  of  the  missile  thus  constrained  and  the  flight  regime  established, 
the  remainder  of  this  appendix  will  present  detailed  descriptions  of  the  inlet  and 
engine  performance  calculations  and  aerodynamics  and  drags  used  in  this  study  as  well 
aa  sample  calculations  of  the  results  presented  in  the  main  text. 

ISLET  PERFORMANCE 


ratio  (Ag/A, 


Inlet  performance  Is  a  composite  of  three  distinct  parameters:  air  capture  area 
see  Fig.  A-l) ,  kinetic  energy  efficiency  fa..-)  or  total  pressure  re¬ 
covery  and  additive  drag.  The  combination  of  A„/A,  and  nKE  together  with  a  specified 
inlet  area  contraction  ratio  (Aj/A^)  is  sufficient  to  determine  the  global  flow  conditions 

at  station d'  for  given  conditions  at  station®  .  These,  in  turn,  are  required  to 
determine  the  global  flow  conditions  throughout  the  remainder  of  the  engine.  Additive 
drag,  c.i  the  other  hand,  is  required  to  determine  the  net  vehicle  force.  In  the  main 
text  of  this  report,  an  empirical  relation  between  n--  and  aq/A1  is  established  (Fig.  7). 

Since 


Ao/Al 


(A1/A1) 


(Aq/A. ) ,  it  oly  remains  to  determine 


A0/A1  and  the  additi. 


drag  coefficient  (C-  )  as  a  function  of  and  angle-of-attack  (o)  to  complete 

yadd  °  ' 

the  characterization  of  the  inlet. 


The  inlet  air  capture  and  additive  drags  were  determined  for  the  annular,  chin 
and  aft  entry  inlets  depicted  in  Fig.  3  of  the  main  text  using  a  three-dimensional 
solution  of  the  hyperbolic  equations  cf  motion.  The  analysis  is  very  similar  to 
that  reported  in,  for  example.  Refs.  A  and  11,  and  cedes  of  this  type  are  new  readily 
available. 


The  results  cf  these  computations  are  given  in  Figs.  A-3  through  A-lc.  Free 
stream  Hach  numbers  of  3,  A,  5,  6,  7  and  5  were  considered  along  with  angles  of  attack 
of  0°,  +5  '  and  +10”.  Figures  A-3  through  A-1G  sresent  A. /A,  and  C-  as  a  function 

0  *  ‘'add 


of  Inlet  smile  angle  {*},  HQ  and  angle  of  att 
Fig.  3  of  the  main  text  with  .MDSS  «  A,  C,  7  a 

the  corresponding  results  for  the  aft  entry  i 
text.  Here,  however,  only  inlet  design  Hach 
Note  that  the  reference  area  is  taken  as  the 


ack  for  the  nose/chin  inlets  s 
nd  6.  Figures  A-ll  through  A- 

r.let  depicted  in  Fig.  3(c)  of 
numbers  of  6,  7  and  8  were  con 
inlet  geometric  area  {A, )  for 


circle  (i  =  360”)  at  zero  angle  of  attack  (b  =  0°).  This  permits  direct  comparison 
to  be  cade  between  the  various  inlet  desires  at  all  values  of  i,  Bj,  ,  K  and  a. 

7  aes  C 


Figures  A-l?  and  A-18  present  such  comparisons  and  supplement  those  shown 
in  Figs.  A  and  5  of  the  main  text.  Figure  A-l?  compares  Aq/A^  as  a  function  cf 

angle  of  attack  for  the  nose  and  chin  Inlets  for  Sfleg  =  6,7  and  8  while  Fig.  a-18 
ccmpares  ft  /A,  of  aft  inlet  designs  with  those  of  the  r.ose  and  chin  inlets  for 

Kdes  s  6'  results  iR  Fis'  A-17  shos  thst: 

Cl)  There  Is  a  20?  to  25?  decrease  In  air  capture  at  all  HQs 
and  Hn:r3s  for  the  nose  inlet  designs  (♦  =  360°)  for  angles 
of  attach  of  +10°  compared  with  the  air  capture  characteristics 


(2)  The  loss  in  air  capture  at  H  >  ana  a  *  +10°  of  the  nose 

Inlets  is  eliminated  by  using  a  chin  inlet  with  a  smile  angle  % 

of  270  or  less;  and 

(3)  For  KQ  <  a  >  0°  and  chin  inlet  designs  Kith  +  <  270°,  the 

air  capture  increases  with  increasing  and  decreasing  KQ  over 
the  zero  angle  of  attack  values.  For  example,  for 

H0  ■  £  and  $  *  l80c,  the  air  capture  at  a  ^  +iq°  is  2*8?  higher 
than  at  e  ■  0°. 

The  results  in  Fig,  A-16,  on  the  other  hand,  show  that  the  air  capture  ratio  of  the 
aft  entry  inlet  ig  always  less  than  that  of  the  nose  or  chin  inlet  designs  except  fer 
%  2.  hdes»  a  -+10  and  $  »  90  where  the  aft  entry  inlets  air  capture  is  6X  to  12S 
higher  than  for  the  chin. 

The  reason  for  these  differences  is  that  the  tow  shock  of  the  aft  entry  design 
never  intersects  the  cowl  lip,  even  at  ar.gle-of-attack,  except  for  the  above  mentioned 
cases.  In  addition,  lr.  a  three-dimensional  flew  for  *  <  360°  a  lateral  (nor.-axi&I) 
flow  i3  established  which  permits  a  portion  of  the  air  to  spill  around  the  inlet  which 
would  r.ot  occur  in  an  axisymmetric  ot  two-dimensional  flew.  Consequently,  the  air 
capture  Characteristics  of  the  aft  entry  and,  to  some  extent,  the  chin  inlet  are  lower 
than  would  be  expected  for  a  comparable  two-dimensional  in-et  design  flying  at  ar.gle- 
of-attack.  Thus,  whereas  an  aft  entry  inlet  is  a  viable  inlet  design  for  a  more 
nearly  two  dimension  flew  on  a  body  at  anglc-of -attack,  such  as  the  NASA  hypersonic 
engine  (Ref.  12),  it  has  less  than  desirable  air  capture  characteristics  for  a 
hypersonic  missile.  This  is  especially  so  at  low  Mach  numbers  and  lew  to  moderate 
angie-of-attaek. 


ENGINE  PERFORMANCE 


The  internal  performance  of  a  matrix  of  sc  ramjet  engines  has  beer,  computed  using 


ed 


.  --  ,  -  -  •  - - - -  - — iputations  have  been  made 

basea  on  the  roi.cwing  assumptions  which  are  consistent  with  the  norms  established  in 
Refs.  9  find  10: 


(1)  The  combustor  inlet  area  and  diffuser  exit  area  are  equal,  i.e., 


(2)  The  fuel  is  RJ-5  with  n  =  1CCS.  This  assumption  has  teen  made  to 


simplify  the  analysis.  Ir,  an  actual  engine,  EJ-5  is  not  sufficiently 
reactive  to  burn  efficiently  in  the  sc ramjet  engine.  Either  the 


addition  of  10  to  30?  by  weight  of  a  highly  reactive  fuel  (e.g.,  S.Hq) 
or  oxidiser  pilot  (c.g.,  cl?,)  are  required  to  achieve  high  '  ' 


efficiencies  (Refs.  1  and  10).  The  properties  of  RJ-5  are  aa  fnit 

“  0.07203 


bustion 

follows: 


stoichiometry,  fg 

heat  of  formation 
lower  leading  value 
chemical  formula 


molecular  weight 
specific  gravity 


=  20  kcal/gm-mole 

-  9-91  kcal/gm 
*  Cl3Hi8 

-  lSc.295 

-  1.07; 


(3)  Tfce  sir  consists  of  0.75525  H,,  O.23H6  Oj  and  0.01325  A  by  weight; 

(4)  The  cenbusior  .all  vetted-to-inlet  area  ratio  (A^/Aj)  is  40.5; 

(5)  The  inlet  and  conbustor  flews  are  is  ther=oche=ical  equilibrium 

<6)  Keat  transfer  through  the  walls  of  the  coabustor  arc  negligible;  and 

(7)  The  nosale  exit  strean  thrust  is  based  on  an  efficiency  of  0.96  for 

an  expansion  that  is  one  third  of  the  way  between  frozen  and  equilibrium 

Vith  these  assumptions,  a  matrix  of  gross  engine  internal  thrust  coefficients  (C„  ' 


were  computed  for  ar.  altitude  or  15.23  km  (50,000  ft.)  for  effective  contraction  ratici 
of  three  to  the  maxim - -  - 


o.  three  to  the  maxi^^  pe. fitted  (Fig.  7  of  the  sain  text),  equivalence  ratios  of  0.25 
to  the  maximum  permitted  for  >  1  In  0.25  intervals,  combustor  area  ratios  C A^/An) 


of  2,  3  and  3  and  effective  exit  nottle  expansion  ratios  (A5/A0>  of  1  to  3.  Gross 
thrust  coefficient  ir.  these  cases  is  defined  as 


where  F  lc  the  stress  thrust.  An  altitude  of  (50,000  ft.)  was  chosen  for 

simplicity.  Althoueh  snail  variations  in  C„  will  occur  at  other  altitudes,  the 

‘s 

C  s  given  are  a  good  approximation  for  C_  all  altitudes  of  interest. 

'E 

The  results  are  presented  in  Figs.  A-19  through  A-2t  where  C_  is  given  as  a 

E 

function  cf  AQ/A2  for  3  <  H0  <  8,  0.25  <  E?  <.1.0  or  the  saximus  and  2  <  A*/A2 

for  each  of  the  effective^ exit  nozzle  expansion  ratios.  The  reference  area  '«ref>  In 

all  cases  is  AQ.  To  use  these  curves  for  3  particular  inlet/engine  design  requires 

a  knowledge  of  MQ>  A0/A<  and  A</A,  of  the  inlet,  k±/K~  and  A~/A«.  Then  Ac/A,  "  (A, /A, 

<A0/A1),  A5/Ac  *  (A-/A, )  •  (A,7a0)  and  C*  Cased  or.  A0  for  the  kr.cwr.  «0,  a,/a2  and 

Ac/A.  can  be  determined  fer  each  EH.  To  Obtain  C*,  at  values  of  EH,  A^/A?,  A./Ar  and 
5  1  -g  -  7  ■* 

H  other  than  those  shewn  requires  at  least  a  three  point  interpolation, 
o 

AEROPYKAMICS  A?.‘S  crags 

The  final  parameters  needed  before  a  complete  vehicle  perfcrmar.se  estimate  can 
be  cade,  i.e. ,  finding  the  net  vehicle  force  coefficient  (0,  >  as  a  function  of  hq, 

i* 

a  and  engine  design,  are  the  normal  force  coefficient  per  degree  of  angie-cf-attack 
(Cj,/o)  and  the  zero  lift  external  drag  coefficients,  for  simplicity,  a  single  curve 

for  Cj./o  has  been  assumed  which  is  representative  of  those  computed  fer  ether  hyper¬ 
sonic  missile  designs.  The  relationship  is 

CH/c  -  5.*  -  0.3Ko  U-2) 

where  o  is  m  radians.  The  reference  area  is  a  30- cm  (19-7-in.)-dia  circle.  Note 
that  the  functional  dependence  of  C,,/s  is  linear  with  M^.  As  such,  its  utility  is 

limited  to  small  angles-of-attack,  i.e.,  a  <  ♦  lC-i5w. 


The  external  drag  coefficients  needed  are  for  the  fcrefcecy,  ccwl  and  leading  edge 
wave,  the  body  friction  and  the  tail  wave  sr.d  friction.  The  ferebedy  (2.5:1  3/ft  power 
nose)  and  cowl  wave  drag  coefficients  <C„  ,  }  were  computed  using  the  same  analytical 

i'n  vcw 

procedures  used  to  determine  A  /A.  and  for  the  inlets.  A  €w  ccwl  angle  was  assumed 

°  1  wadd 

in  computing  Cn  .  The  cowl  leading  edge  drag  coefficient  (C^  )  was  obtained  assuming 

Dcw  "ie 

a  leading  edge  diameter  of  0.25  cm  (0.1  in.).  The  tedy  and  tail  friction  drag  co¬ 
efficients  (Cn  ,  Cn  )  were  computed  assuming  a  smooth,  adiabatic  wall  with  a  fully 
Jtf 

developed  turbulent  boundary  layer.  The  tail  wave  drag  coefficient  (c*  )  was  obtained 

w 

assuming  g  two-dimensional  flow  at  the  free  stream  conditions  f-or^cver  a  15°  angle  wedge 
with  a  55°  sweep  angle,  a  total  planform  ares  of  25el  cm-  (ft 00  ir.-)  and  a  thickness 
ratio  of  ?X .  It  should  be  noted  that  four  control  surfaces  were  assured  for  the  nose 
inlet  vehicle  designs  assuming  skid-to-tum  maneuvers,  and  three  surfaces  for  the  chin 
and  aft  inlet  design  rssuming  back-to-turr.  maneuvers.  The  total  tail  pianferm  area 
In  both  cases,  however,  is  the  same. 

The  resulting  drag  coefficients  are  shown  ir.  rigs.  A-25  through  A-3C  as  a  function 
of  free-streaa  Koch  number.  All  are  references  to  a  5C-c=  { 15- 7-ir.. )-dia-circle. 

Note  that  C_  and  C_  are  also  functions  of  H,.e.  For  simplicity,  and  C..  are 
“le  3cx  '*es  ‘  "f  "sw 

given  per  unit  body  surface  area  and  per  unit  projected  frontal  area,  respectively, 
where  the  values  of  C-  are  based  on  an  A*/A,  of  2.  This  introduces  less  than  a 
ucw  -  * 

+2J  error  in  CD  for  l<_Ac/A,  <.  ft.  Base  drags  are  not  included  since  it  is  assumed 
ucw  3  * 

that  the  engine  exit  nozzle  fills  the  maximum  circle  afforded  by  the  launcher  constraints 


SAMPLE  CALCULATION'S  OF  U ST  VEHICLE  FOPCE  COEFFICIENTS 


With  the  inlet  performance,  engine  performance  and  aerodynamics  and  drags 
established,  it  is  now  possible  to  present  detailed  examples  of  how  the  not  force  co¬ 
efficients  (CT  *  C7  -  CD)  at  M0  -  ft  and  S  in  the  sain  text  were  generated,  specifics!! 

the  cases  for  which  C*  *  0.3^2  at  K#  •  t,  s  ■  0  and  EH  -  1  (Fig.  12  of  the  main  text) 

“N  * 

for  the  nose  inlet  and  ♦  *  l6o  chin  and  aft  entry  inlets  will  be  used  as  examples. 

Kote  that  H^gg  «  6  and  A^/Aj  *  5-0  in  all  three  cases  and  that  an  iterative  procedure 

is  required  to  arrive  at  the  A-/A*  needed  to  produce  a  C-  *  0-3B2  at  M  *  ft,  o  *  0  and 

5  *  th  0 


U9CU  Wtf  UCIrCi-U.'ie 

Fig.  7  for  (A^/A.; )  and  Figs.  A-5  and  A-ll,  respectively ,  for  SQ/A«  of  the  nose 

chin  and  aft  entry  inlets  with  ,  *=  6.  The  rlni— of  these  values  is  then  selected 

UZ -w  ^ 

as  the  maximum  A./A^,  ( A^/A,  )=a;. ,  for  each  inlet  type.  For  the  nose  ar.d  $  *  I60v  chin 

Inlets,  the  minimum  occurs  at  KQ  =  6,  3  »  0°  and  CA./A,),^  »  5-24/0.745  =  7.035.  For 

)_ax  =  8.32/0.756  =  10.529  which  occurs  at 


the  $  »  160  aft  entry  inlet,  (Aj/Aj).^,  =  8.32/0.756  =  10.529  which  occurs  at  M„  *  5, 


o  =  +10  . 

Had  a  =  +10°  been  the  operating  criteria  at  H  =  5  ar.d  5,  then  (AjVA,  )  ^  fer  thi 

nose  would  still  be  7. 035  but  that  for  the  s  »  16D8  chin  inlet  would  be  5-513  which 
occurs  at  Kc  =  b,  o  =  +10°  and' that  for  the  $  aft  entry  inlet  would  be  7.686  which  occurs 

at  «  t,  a  =  +5°.  A  summary  of  these  results  for  all  values  of  $  is  presented  lr. 

Fig.  A-31,  where  (A, /A,  ),.jT  is  given  as  a  function  of  inlet  sslle  angle  using  the  two 
different  bounds  on  a  at  M0  »  4  ar.d  5. 

Kith  A, /A,  established  for  each  design  the  remainder  of  the  components  of  the  r.et 
force  coefficient  are  calculated  as  shewn  below: 
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-  30.8  (12.14  In.) 


30.8  [1  -  (1.2/10o29f| 


»  29.C-.ffl  (11.42  In.) 


Bouever,  to  to  consistent  with  the  Inlet  flowflelda  generated  In  Flgs.A-11  and  A-  '.2,  p  /i>  *  1.667.  Therefore 


30.8/1.667 


I8.48cn  (7.27  In.) 


A  -  *(18. 48)2  (200/360) 


Aoowl  *  ■  *(2«  *  1327  -  59«-0 


A«wl  lip  01  <30-8)  (480/360)  +  2(30.8  -‘  18.48  )"](0.254) 
■  28.4Qcn2  (4.40  in.2) 


-  (2.6)  (2)  (18.48) 

-  96.1cn  (37.83  in.) 

■=  (4/7)  (*/2.6)  (96.1)2  (200/360) 


3542  os2  (549.0  in.2) 


*  fore tody  cyl.  length  *  10  (18.48)-  L 


8.7cm  (34.92  in.) 


«  (400-384.8)  (*)  (50  + 

(88.7)  (2*)  (18.48)  W360) 


39 *525 at2  (6126.4  in.2) 


•  39,525  +  3542 
■  43.067m2  (  6675)  in.2 


Die  zero  lift  drag  coefficients  at  Ho  *  4  and  a  ■  0°  referenced  to  A^  are: 

O,  «  (0.04)/1.48  .  0.0270  (Fig.  A-12) 


(1.617  x  10'B0  (6.28)  -  0.0010 


C„  *  (6.32  X  10'3)  (4.40)  *  0.0278 

ie 


tote  that  a  AH0  offset  cf  -0.1  is  used  for  the  aft  entry  C.  and  CL  in  Figs.  A-26  and  A-27.  This  is  because 

Wcw  Ule 

UK  fech  nurfcsr  or.  the  Inlet’s  nose  Just  prior  to  entering  the  second  compression  field  is  zero  to  0.2. 


*&Ch  rasters  lower  than  K  . 

o 


CD  =  (0.0757)  (92.39/304.342)  -  0.0230 


»  (3.53  x  10"6)  (6675)  ■  0.1 


C-,  -  total  drag  coefficient  « |0.1145i 


r  i 

A 


V  1 

A'..v  A 


8-27 


At  M L  “  8  and  o  =  +5°,  the  drag  coefficients  are: 


\dd 

(8.2  x  10-3)  (360/160)/!. 48 

*  0.0125 

(1.248  x  lO"4)  (6.28) 

=  0.0008 

(3.88  x  10-3)  (4.^0) 

*  0.0171 

\  - 

(0.0638)  (92.39)/304.342) 

*  0.0194 

II 

(1.52  x  10-6)  (6675) 

■=  0.0101 

=  0.0088 

\r 

=  0.0013 

°T> 

a 

=  0.0228 

«  t). 09281 

At  M0  »  8  aid  a  =  0°,  =0  but  C.  -  (r  0168)/1.48  =  0.0U4. 

a  Uadd 


Iherefore , 


Cp  =  0.0928  -  0.0228  -  0.0125  +  0.0114  =  0.0689 


Again,  the  same  procedure  as  before  is  used  to  obtain  the  values  of  CT  corresponding  to  A^/Aj  -  1.48. 


However,  at  HQ  -  8,  ER  -  1  and  a  =  0°,  AQ/A^  =  G.470.  Thus  A^  =  (10.529)  (0.47^  -  4.949,  k^o  =  3.149  and 

Clj,  »  0.1)972 

S 

Cp  *  0.1145 

Por  MQ  =  8,  ER  =  1,  and  a  =  +5°,  AQ/A1  «  0.782,  =  8.023,  A^/AQ  =  1.942  are 

C.  =  0.2290 
*8 

Cp  «  0.0928 
CU,  ■  l0.136g 

For  HQ  =  8,  ER  »  1,  and  a  =  0°,  AQ/A^  =  0.532,  =  5-601,  Ag/ A0  =  2.782  and 

C„  =  0.1730 
g 

Cn  -  0.0689 


At 


Qj  »| 0.1041 | 

N 

cruise  at  M0  =  8  and  a  -*  +5°,  A^/^,  AQ/jL  and  k^/kQ  are  the  same  as  when  ER  =  1.  in  this  case,  ER  »  0.W 


and  the  fuel  flow  efficiency  is  l*i|Q 6  x  10  (lfccr/s)/lbf. 


(oquMs 
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Fig.  A-5  Air  capture  a*  a  function  of  smile  angle  for  12.5v'half-angl©  conical 
mints  with  MpES  w  6. 
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Fla.  A  -13  Air  coptuta  ot  «  function  of  in, Ho  angle  lor  oil  entry  Inlot.  with  2.6:1  3/4  Fig.  A-14  Additive  dreg  at  r.  function  of  imilo  angle  for  oft  entry  Inlet,  with  2.6:1  3/4 
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Several  types  of  ramjet  and  rararocket  (or  ducted  rocket)  propulsion  systems  with 
hydrocarbon  fuels  for  high  sub-  to  supersonic  missile  application  are  theoretically 
analyzed  and  compared.  Design  considerations  are  discussed  with  respect  to  their 
performance  impacts. 

Fundamental  physical  connections  as  well  as  mission  and  internal  design  variables 
are  investigated  in  order  to  give  some  insight  into  the  ramjet's  and  ramrocket's 
performance  and  application  potential.  The  results  are  presented  in  graphical  form. 


The  results  discussed  below  have  been  gained  during  an  ongoing  study  under  the 
sponsorship  of  the  German  Ministry  of  Defense  <  n  cooperation  with  the  industry  and  the 
Deutsche  Forschungs-  und  Versuchsanstalt  fvir  Luit-  und  Raumfahrt  (DFVLR)  .  The  purpose 
is  to  support  ongoing  experimental  and  design  work  with  theoretical  analysis. 

The  nigh  level  of  the  Specific  Impulse  realized  by  ramjet  systems  can  sometimes 
not  be  used  because  of  the  demand  for  higher  thrust.  Mostly  the  ramrocket  can  operate 
at  the  higher  thrust  level  but  at  lower  Specific  Impulse  than  the  ramjet.  The  design 
cf  ar.  airbreathing  missile  depends  not  only  on  the  demands  on  Specific  Impulse  and 
thrust,  but  also  on  the  limitations  oi  combustion  pressure  and  temperature  and  the 
geometrical  requirements.  At  a  given  situation  of  altitude  and  Mach  number  under  the 
limitations  and  requirements  mentioned  above  cne  choice  of  u  sufficient  operating 
system  needs  a  detailed  insight  in  the  mutual  dependence  of  the  various  parameters. 
Some  theoretical  layout  of  missile  propulsion  systems  based  on  their  benaviour  is 
developed  for  some  given  criteria  e.g.  flight  situation  and  geometry.  Fig.  1  shews  the 
cross-section  stations  of  the  ramjet  and  the  ramrocket  (ducted  rocket) . 


1 .  METHOD  OF  ANALYSIS 

A  comprehensive  computer  program  has  been  developed  to  calculate  the  aero-thermo¬ 
dynamic  performance,  i.e.  the  internal  flow  and  thrust,  of  a  broad  variety  of  supersonic 
propulsion  systems  including  ramjets  and  ramrockets  reap.  ducted  rockets  (1).  This 
program  has  been  originally  targeted  on  an  air  breathing  space  transport?  project  (2,3). 

A  derivative  of  this  program  is  being  used  for  missile  propulsion  as  discussed  here. 

Table  1  summarizes  the  most  important  simplifying  assumptions  for  the  cases  presented  here. 

A  \  +  +  ) 
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Table  Is  Analysis  Methods  and  Simplifying  Assumptions 
General : 

One-dimensional  flow 
No  wall  hcattransfer 

Design  point  and  off-design  point  analysis 

Internal  thrust  only,  no  external  drag 

Hot  gas  flow  in  chemical  equilibrium  except  in  nozzles 

Specific  Components: 

Inlet  diffuser  performance  according  to  AIA+^and 
off-design  correction  according  to  Ref.  6 
Combustion  of  all  propellant  combinations  with 
NASA  SP-273  Frogram  (Ref .7) . 

Fuel:  Liquid  Hydrocarbon,  Oxidizer:  Air,  N204  resp.  HNOj 
Mixing  and  combustion  chambers  with  variable  area  and  pressure 
Nozzle  flow  with  defined  freezing  point  at  the  nozzle  throat 
Nozzle  expansion  to  ambient  pressure  or  to  maximum  engine 
cross-section  area 


The  comparisons  given  m  this  paper  mainly  show  the  two  most  important  performance 
parameters: 

1.  The  propellant  Specific  Impulse  Is  as  ratio  of  thrust  to 
total  propellant  mass  flow,  including  oxygen  when  a  rocket- 
type  combustion  takes  place. 

2.  The  Thrust  Density  Dp  as  the  ratio  of  thrust  to  maximum 
engine  cross-section  area. 

Both  parameters  are  equally  applicable  to  all  air  breathing,  rocket  and  combination 
propulsion  systems  without  any  limitations..  The  Thrust  Density  Dp  is  shown  here  rather 
than  the  more  usual  thrust  coefficient  Cp=F/0,5  o  V2A  which  is  less  useful  at  varying 
and/or  low  speeds . 


2 BEHAVIOUR  OF  A  RAMJET  WITH  FIXED  GEOMETRY  AND  TEMPERATURE  LIMITATION  AT  CONSTANT 
ALTITUDE 


For  a  high  altitude  mi  -lie  with  a  ramjet  propulsion  system  the  correlations  of 
fixed  internal  geometry  ana  flight  Mach  number  at  constant  altitude  have  been  investigated 
theoretically  and  experimentally  at  the  DFVLR  at  Braunschweig/Trauen  (6) .  The  goal  of 
this  study  was  to  explore  the  whole  range  of  physically  existing  solutions.  Yet  it 
turned  out  that  the  simple  theoretical  model  in  use  sofar  was  not  sufficient  for  that 
analysis.  Therefore  tne  program  described  above  has  been  adapted.-  For  constant  altitude 
and  variable  flight  Mach  number  nainly  the  internal  geometry  of  the  com bus ter  and  nozzle, 
i.e.  combuster  exit/entrance  and  nozzle  throat/ccmbuster  exit,  have  been  investigated 
as  parameters.  Additionally  a  combustion  temperature  limit  had  to  be  considered.  Fig.  2 
shows  as  an  example  the  Specific  impulse  versus  flight  Mach  number  with  fixed  geometry 
and/or  limitation  of  the  temperature  at  the  exit  of  the  combustion  chamber.  The  variation 


of  the  flight  Mach  number  results  m  a  variation  of  fuel  mass  flow  ana  specific  impulse. 

Considerina  the  line  for  a  fited  cross-section  area  £3=0.6,  the  S pecifxc  impulse  ?s 

rapidly  descending  from  the  beginning  at  Ma=2.75  {point  A)  to  the  end  at  MaM.5  {point  D) 

with  a  slightly  change  of  the  bend  of  the  curve.  The  temperatures  are  also  varying  and 

the  dash-pointed  part  of  the  curve  (point  B  to  C)  requires  temperatures  higher  than  the 

considered  maximum  of  2000  K.  Another  curve  (dotted  line)  is  plotted  for  a  fixed 

temperature  and  therefore  a  varying  cross-section  area  f , .  Here  a  maximum  of  I  is  found 
+  }  J  s 
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at  Ma=3.25.  A  third  curve  combines  the  limitations  of  the  former  two  curves  m  the  range 
from  about  Ma=3.5(point  B)to  Ma=4 .4 (point  C) ,  where  at  the  former  curves  either  the 
temperature  was  higher  than  the  allowed  maximum  of  2000  K  or  the  cross-section  area  at 
the  throat  was  less  than  the  fixed  value  of  fj=0.6.  This  combination  of  the  two  procedures 
with  its  limitations  requires  a  diminution  of  the  density  of  the  inlet  airflow.  This  can 
be  realized  by  a  supercritical  operation  of  the  inlet  within  a  certain  range  which  has 
still  to  be  defined. 

This  third  curve  (solid  line)  fits  the  dash-pointed  part  of  the  curve  with  f,=0.6  and 
variable  temperature.  For  the  curve  from  point  A  to  D  the  behaviour  of  the  total  pressure 
at  the  end  of  the  inlet  diffusor  and  of  the  temperature  at  the  ends  of  the  inlet  and  the 
combustion  chamber  is  shown  m  Fig.  3  and  4.  At  low  Mach  numbers,  the  critical  cross- 
section  area  of  the  inlet  diffusor  is  less  than  the  cross-section  area  at  the  throat. 
Without  any  combustion  one  obtains  thermal  blocking  at  tne  throat  (point  A  at  Fig.  2) . 

Increasing  the  flight  Mach  number  decreases  the  critical  cross-section  area  of  the 
inlet  diffusor.  So  combustion  cannot  satisfy  the  fixed  geometry  requirement.  This  happens 
at  about  .'!a=4 .  The  total  pressure  curve  with  loss  m  Fig.  3  shows  a  maximum  at  about 
Ma=4 .  From  Ma=  4  increasing  the  Mach  number  decreases  the  total  pressure  and  increases 
the  critical  cross-section  area  of  the  inlet  diffusor.  The  fuel  mass  flow  decreases, 
temperatures  decrease  as  in  Fig.  4,  passes  the  temperature  limit  (point  C  at  Fig.  2), 
and  finally  no  more  combustion  or  fuel  mass  flow  can  taxe  place  at  Ma=4.6.  Here  the 
critical  cross  section  area  becomes  equal  to  that  of  the  throat. 

3.  DESIGN  PROCEDURE  OF  AN'  OPTIMUM  RAMJET-ROCKET  COMBINATION  SYSTEM  (DUCTED  ROCKET)  FOR 
A  GIVEN  FLIGHT  SITUATION  AND  GIVEN  BOUNDARY  CONDITIONS 

Specific  Impulse  Is  and  Thrust  Density  D,  are  the  most  important  design-values  of  a 
ramget  engine  beside  its  specific  weight  (weight  per  unit  of  thrust) .  Modern  missile 
requirements  tend  towards  high  flight  Mach  numbers  and  long  ranges.  The  pure  ramjet  does 
not  necessarily  fullfill  the  thrust  requirements  for  high  speed  missiles  at  low  altitudes. 
The  combination  with  the  rocket  cycle  can  but  does  not  always  improve  thrust  with  a 
penalty  in  lg.  To  define  the  optimum  propulsion  system  of  this  f‘  1>  i).e  whoie  spectrum 
of  the  pure  rocket  over  the  ramnet-rockeus  to  the  pure  ramjet  has  to  be  considered. 

For  example  a  propulsion  system  of  this  type  for  a  cheap  target  drone  shall  be  designed 
for  a  sea  level  mission  at  Ma=2.5.  Five  different  rocket  gas  generators  have  been 
combined  with  the  ramjet  cycle  and  plotted  over  a  wide  range  of  air/gas  -  mixture  ratios 
in  Fig.  5.  In  this  case  red  fuming  nitric  acid  has  been  used  as  the  rocket  gas-generator's 
oxydizer.  The  rocket  gas-generators  have  a  range  of  mixture  ratios  from  stoichiometric 
(curve  1)  to  extreme  fuel-rich  (curve  5).  This  leads  to  a  ramjet  afterburner  from  pure 
nixing  without  secondary  combustion  to  nearly  all-secondary  combustion  like  in  a  pure 
ramjet. 

The  other  three  cases  are  located  m  between  the  extreme  ones  as  true  combination 

systems  (ducted  rockets).  Fig.  5  shows  the  characteristic  values  I  and  D„  over  the 
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secondary  (ramjet)  mixture  ratio  as  the  independent  variable  and  the  primary  (rocket  gas 
generator)  mixture  ratio  as  parameter.  Additionally  the  primary  and  secondary  combustion 
temperatures  have  been  introduced  as  boundary  conditions. 

These  four  diagrams  car  be  used  as  a  rapid  graphical  design  method  for  ducted 
rockets.  For  the  example  discussed  here  an  estimated  drag  coefficient  for  the  given 
constant  flight  situation  and  the  requirement  to  launch  the  missile  out  of  an  existing 
launch  tube  with  a  given  cross-section  area  leads  to  a  minimally  required 

Dp  =1  .9  x  10^  N/ra^  (Diagram  I) . 
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do  not  fullfill  the  thrust  requirement.  The  projection  of  the 


All  curves  below  D„ 
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limiting  points  of  ti e  curves  1  to  5  into  Diagram  II  cuts  off  ail  I  curve  pieces  with 

insufficient  thrust  -dotted  lines).  In  this  case  here  the  rarajet-iike  curve  5  gives  the 

best  values  in  I  wi-h  sufficient  Dp.  Projecting  the  limiting  points  into  the  temperature 

diagrams  III  and  IV  < onnects  the  I  and  Dp  curves  with  the  related  combustion  temperatures. 

A  chosen  temperature  limitation  in  the  secondary  conbustcr  (ramjet)  of  1000  K  cuts  off 

aost  of  the  solid  li  es  in  Diagram  III.  Only  curve  1  (stoichiometric  rocket  gasgenerator) 

and  curve  3  are  left  A  further  temperature  limitation  of  2200  K  in  the  primary  combustor 

(rocket  gas  generate  '  finally  leaves  only  curve  3  ir.  Diasras  IV  with  an  &</ f  =  2.47  ratio  which 

fuilfills  ail  require,  ants.  A  ratio  of  a/f=28  leads  to  an  optimal  I  value.  This  gives 

a  relatively  well  def  ned  set  of  preliminary  design  values  for  that  engine.  Yet  in 

practice  one  would  increase  the  limiting  temperature  in  this  case  here  in  the  secondary- 

combustor  to  1100  K  i:  order  to  make  use  of  the  twofold  I  of  curve  1  (ramjet-like  svstem) 

s 

compared  to  curve  3  (ducted  rocket).  This  requirement  is  an  additional  result  of  that 
graphical  short  analysis. 


4.  3EHAVI0UR  or  A  RAMJET  AT  DIFFERENT  FLIGHT  SITUATIONS 

Similar  to  the  case  of  the  chapter  before  a  pure  ramjet  engine  shall  be  designed  for 

several  different  f." ight  situations  and  for  a  pregiven  minimal  Thrust  Density  D_ 

rmin. 

Considering  four  fl  .ght  situations  (altitude  0  km  -  Ma  1.9,  alt.  3  km  -  Ma  J .8, 
alt.  6  km  -  "a  1.7,  alt.  10  km  -  Ma  1.6)  there  is  a  typical  behaviour  of  D_  and  Ig.  The 
on-c-sign  behaviou-.  is  plotted  in  Tie.  6  and  7  with  the  according  minimum  thrust  require¬ 
ments. 


The  curves  of  the  Specific  Impulse  for  the  four  situations  are  overlapping.  Only  at 
high  excess  air  the  curves  are  spreading,  where  two  opposite  trends  exist:  higher  altitude 
increases  the  Specific  Impulse  values,  but  lower  Mach  numbers  decrease  them.  So  with  the 
given  high  Mach  numbers  at  low  altitudes  no  specific  trend  of  the  Specific  Impulse  values 
can  be  predicted.  In  addition  at  high  excess  air  a  I  aximum  of  the  curve  may  exist.  Yet 
the  Specific  Impulse  at  lower  excess  air,  where  the  thrust  requirements  are  fullfllled, 
is  much  lower. 

As  in  the  chapter  oefore  the  basic  design  consideration  has  been  made  in  the  diagram 
for  Dp  (Fig.  6)  rather  than  m  the  diagram  for  I  (Fig.  7).  High  flight  Mach  numbers  and 
low  altitudes  increase  the  D„  values.  In  addition  to  these  flight  situations  excess  air 
leads  to  a  rapid  increase  of  Dp.  Flight  situations  with  lower  thrust  values  need  much 

more  fuel  for  the  same  increase  of  D_,.  At  the  3,.  line  the  flight  siuation  with  the 
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highest  altitude  and  the  lowest  Mach  number  requires  stoichiometric  combustion.  At  higher 

altitude  and  lower  Mach  numbers  the  D_  requirements  cannot  be  satisfied  at  all. 

rain 

5.  VARIATION  OF  SOME  ENGINE  PARAMETERS  AT  CONSTANT  FLIGHT  SITUATION 

The  examples  discussed  before  of  possible  ramjet  ar.d  ramrocket  resp.  ducted  rocket 
designs  show  that  the  behaviour  of  the  Specific  Impulse  and  of  the  Thrust  Density  cannot 
be  predicted  by  experience.  This  is  due  to  the  coupling  of  all  effective  parameters  like 
pressure  and  mixture  ratio  in  the  primary  rocket  gas  generator,  cross-section  area  ratio 
and  mixture  ratu  in  the  secondary  ramjet  combustor.  Thus,  decreasing  Dr  values  are  not 
coupled  with  increasing  I  values  and  vice  versa.  Generally,  ramrocket  resp.  ducted 
rocket  propulsion  does  not  necessarily  deliver  higher  D_  and  lower  I  values  than  pure 
ramjet  propulsion.  For  a  flight  situation  like  Mach=0.8  at  sea  ievel  the  four  parameters 
just  mentioned  have  been  varied . 
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-  Pressure  in  the  rocket  gas  generator.  This  parameter  has  only  a  small  influence 
on  Ig  and  D„.  An  increase  of  the  pressure  increases  I  and  D?  slightly.  The 
gradient  is  less  at  higher  pressure.  But,  at  thi3  subsonic  flight  situation,  a 
high  pressure  is  essential  for  supersonic  nozzle  exhaust.  The  pure  ramjet  of 
course  cannot  run  with  supersonic  exhaust  at  this  subsonic  flight  situation. 

-  Mixture  ratio  in  the  rocket  gas  generator.  Increasing  mixture  ratio  decreases 
D  slightly.  I  has  a  flat  .tax mum  at  equivalence  ratio=2.  This  relations  are 
shown  in  Fig.  S  for  fixed  values  of  the  other  parameters.  The  maximum  I  occurs 
because  of  the  optimum  share  at  this  case  of  chemical  energy  and  kinetic  energy 
from  the  rocket  gas  generator.  The  ramjet  combustion  chamber  cross-section  axea 
ratio  is  £,-4  and  air/fuel  ratio  is  a/ f =1 . 

-  Cross-section  area  ratio  of  the  ramjet  combustion  chamber  f , .  A  small  value  of  f . 
permits  only  little  energy  supply,  e.g.  values  of  f , =1  are  only  applicable  for 
those  ramrocket  (ducted  rocket)  propulsion  systems  with  only  little  secondary 


.  are  only  applicable  with 
iticns  of  the  oarameters  there 


combustion .  On  the  other  hand  higher  values  of 
sufficient  energy  supply.  In  all  considered  var 

a  maximum  for  I  and  0„  at  f  =4. 
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-  Air/fuel  mixture  ratio  al  the  ramjet  combustor ,  shown  in  Fig.  9  anc  iO.  For  pure 
ramjets  an  increase  of  the  air/fuel  mixture  tatio  increases  Ig.  Under  certain 
circumstances  a  maximum  of  I  can  occur.  D„  decreases  slightly.  For  ramrocket 
{ducted  rocketj  propulsion  systems  an  increase  of  the  air/fuel  mixture  ratio 
increases  I  .  These  values  start  at  a  higher  level  than  the  value  of  the  cure 
ramjet,  but  are  quite  lower  rt  higher  air/fuel  mixture  ratios.  The  values  for  D_ 
are  rather  high  at  low  air/fuel  mixture  ratios.  They  decrease  rapidly  with 
increasing  air/fuel  mixture  ratios  down  to  the  lower  level  of  the  pure  ramjet. 

An  additional  variation  of  altitude  and  flight  Mach  number  can  considerably  change  these 
interactions.  Also  it  can  be  seer.,  that  even  at  this  extreme  low  flight  situation  at 
Ma=0.8  for  the  use  of  a  ramjet  propulsion  system,  there  are  cases  at  which  the  operation 
of  a  pure  ramjet  can  lead  to  better  I  and  Dp  values  than  competitive  ramrockets.  However 
supersonic  exhaust  at  subsonic  flight  can  generally  not  ee  obtained  with  the  pure  ramjet, 
but  partly  with  the  ramrocket. 


6.  OFF-DESIGH  BEHAVIOUR 


first  I  and  S_  at  on-design  conditions  and  variable  altitude  are  shown  in  Fig.  15.  The 

relations  are  similar  to  these  discussed  in  chapter  4  and  shown  in  Fig.  6  and  7.  However 

the  flight  Mach  number  is  constant  here.  The  parameter  is  the  air/fuel  mixture  ratio.  As 

can  be  expeettd  the  Ig  values  are  higher  and  the  D„  values  are  lower  for  the  higher  air/ 

fuel  mixture  ratios.  Therefore  the  maximum  I  values  might  not  be  useful  oeeause  of  the 
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reiateo  low  D„ 


he  gradient  of  the  D„  values  is  exu  -me  at  low  air/fuel 


ratios.  At  low  air/fuel  mixture  ratios  the  Xg  values  are  nearly  constant.  Fig.  11  shows 

ourelv  on-design-values  for  I  and  which  generally  decrease  at  off-desian  condition. 

'  s 

The  choice  of  the  design-point  has  to  consider  this.  Next  Fig.  12  ar.d  13  show  the  off- 
design  behaviour  for  at  two  different  design  points  with  an  individual  internal  geometry 
each: 

-  Design  point  at  sea  level  ,  flight  Kach  number  Ma=3,  Mach  number  at  the  combustion 
chamber  entrance  =0.207,  cross-section  area  ratio  of  the  combustion  chamber  is 

f. =1,1544  and  cross-section  area  ratio  of  throat/combustion  chamber  exit  f-=0. 6 . 

The  relatively  high  flight  Mach  number  of  3  for  the  design  point  leads  to  sufficien 
values  at  lower  off-design  Mach  numbers.  The  lower  fuel  supply  in  this  case  also 
lowers  Dp.  The  ig  values  even  run  through  a  maximum  at  about  Kach=2.  At  the  left 
end  of  the  curve,  the  values  for  I  and  Dp  might  still  be  applicable. 

-  Design  point  at  sea  level,  flight  Mach  number  Ha=2,  Mach  number  at  the  combustion 
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chamber  entrance  =  0.4’ 5,  cross-section  area  ratio  of  the  combustion  chamber  f,=1,  and 
cross-section  area  ratio  of  throat/combustion  chamber  exit  f  ,=0 . 3 .  The  low  on-design 
Mach  number  of  2  lowers  the  fuel  supply,  ls  and  D_  rapidly  at  off-detign  conditions.-  So 
maximum  exists  for  Ig.  D-,  is  at  an  extroao  low  lwl.  "he  possible  fuel  supply  Is  auen  less 
than  in  the  first  case.  A  des.gn  point  at  the  disadvantageous  low  flight  Mach  number  of 
Ma=2  leads  to  a  corresponding  disadvantageous  internal  geometry  which  limits  the  fuel 
supply  at  lower  off-design  Mach  numbers.  Sot  discussed  here  are  cases  in  which  the  off- 
design  Mach  numbers  are  higher  than  the  on-design  Mach  number.  These  cases  are  presently 
under  investigation  and  will  be  presented  later.  The  results  can  be  expected  to  be 
similar  to  these  of  chapter  2  where  a  fixed  geometry  with  variable  mixture-ratios  and 
flight  Mach  n'  hers  have  been  investigated. 

7.  CONCLUSION 

Ramjet  propulsion  systems  cannot  be  discussed  with  respect  to  their  Specific 
Impulse  only.  Thrust  per  unit  cross-section  is  an  equally  important  qualification 
quantity  which  has  an  adverse  slope  with  respect  to  mixture  ratio.  A  further  degree  of 
freedom  for  design  develops  out  of  the  integration  of  a  rocket  gas  generator  (ducted 
rocket).  Ail  internal  design  parameters  (mixture  ratios,  geometries ,  pressures,  tempera¬ 
ture  limitations)  have  to  be  thoroughfullv  weighted  against  each  other.  A  variation  of 
all  important  design  parameters  allow  optimal  use  of  the  engine's  capability.  Prefixed 
parameters  can  restrict  the  performance  drastically. 
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SUMMARY 

stable  tesres*-iLPJefenteS  of  Predlc£e'i  flight  performances,  based  on  well  established 
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1.  INTRODUCTION 

BttSS 

portions  of  a  highly  *»»*•<*-«  Vfti,.Aia.,  ,.4  ■»  v<  native  propulsion  systems.  The  general  pro- 
further  improved  by  Lockwood  (i.)  a»e  show^ln  Pi^  wf)  *  !re?ch  coraPf-y  SMECMA  and 
Inlet  duct  leading  into  a  short'  e?larzeddiLetf?  \iSh, device  consists  of  a  short 
end  to  a  long  divergent  tall'lne  A  °?b?8!lon  zone  connected  at  its  far 

writer's  direction  appears*!?  Pi?  -  ?S?  6  ShI  developed  under  the 

conceDt  4  **’  ,  j  ~  •  *h^  wssenvial  philosophy  of  the  multiple  ir^pt 

reqSi?ed  ?or  the  rJTing  of?IirXi?ue!  th!  rfU5t,iM”  length.thetlL 

Plished  by  reducing  the  repwslnta^ve  =duots  °f  combustion.  This  is  aceoin- 

which  particles  of  a??  fuel  and  '  1!n®!h*  pr°P°rtional  to  the  inlet  diameter. 

This  concept  is  des^Ibedl?  “^aMeE  ^raverse  durinS  the  mixing  process. 

consequently  obtaining5;!  detaiiedl5und'‘rs‘a-idir“o<,0°?hUSt0rS’^iS^tho7  of  Predicting,  and 
interna11  y  hSshiv  1  wa2a^'r3fe  non-steady  ilow  events  occurring 

is  virtually  efsentfa^to  lsf  1%* !Ple  tol  propulslon  application^ 

Hosever  application  of  the  rer^v*o  ?‘a~*'e^*S3lc',  typ®  fcneoretic^l  treatment, 

primarily', *  with  the  dift'ic"' i-  of  ilod'o  f  s-resen-s  a  number  of  problems  associated, 

’  ->-n  vne  o,  modelling  the  combustion  process  in  a  satisfactory  manner. 

and  performance”*!?!!!  ^consjdered?'^  “d  °th<?r  aSpe=tS  of  puiseJet  design,  operation 


2.  THEORETICAL  TREATMENT 

for  conti‘nuUy!‘er’;?lf^5ercmen-3-1Vr^V*?’  ld  s“1ct«  *?iVln6  simultaneously  the  equations 
ferential  equltionl  £4“?  ?e  app^priate  dif- 

many  texts  on  compressible  fluid Sew?  details  of  the  procedure  can  be  found  in 

the  rlsulfof^^ifSSLuSSyjSf*^  °f  Caigary,  due  to  Harzouk  (6),  was 

tion  featuring  an  i"iet  aid  l*.*„L5°*d”‘low  s'“a-ation  of  a  very  simple  configura- 

B  a..  =nd  su,lrt  of  uniform  cross-sectional  area.  The  solution,  in  the 


fora  of  a  wave  diagram,  was  used  to  check  a  computerized  representation  of  the  cold  flow 
model.  The  numerical  technique  employed  for  handling  the  forward  (tine)  stepping  procedure 
was  that  known  as  the  Hartree  backward  difference  technique.  A  description  of  the  cold 
flow  model,  including  the  boundary  conditions  used,  has  been  given  by  Marzouk  (6). 

The  next  step,  in  order  to  advance  beyond  a  cold-flow  model,  was  to  model  the  combus¬ 
tion  process  itself  and  combine  such  a  model  with  a  hot-flow  method-of-characterlstics 
representation  of  the  tailpipe  and  inlet  flows.  Attempts  were  made  to  represent  the  com¬ 
bustion  process  using  various  overall  reaction  rate  type  models  but  these  did  not  yield 
realistic  rates  of  pressure  rise  corresponding  to  those  measured  experimentally.  Accord¬ 
ingly,  it  was  finally  decided  to  represent  the  combustion  process  by  an  empirical  heat- 
release  rate  model  the  heat-release  rate  varying  during  the  combustion  process.  A  usable 
model  of  this  type  was  derived  by  H.  Rehman  (7)  and  later  incorporated  in  a  hot-flow  type 
method-of-characteristlcs  computer  programme  by  Cronje  (8).  In  Cronje ' s  model  the  heat 
released  during  the  entire  combustion  process  was  made  proportional  to  the  sacs  of  air 
inhaled  into  the  combustion  zone  during  the  introduction  process.  A  typical  result,  due 
to  Cronje,  for  a  configuration  with  a  tapered  inlet  and  tailpipe  is  shown  in  Pig.  2.  The 
pres3ure-time  trace  of  Pig.  2  agrees  very  closely  both  in  magnitude  and  duration  with 
experimentally  obtained  traces. 

It  can  be  said  that  further  work  is  needed  in  order  to  model,  correctly,  the  combus¬ 
tion  process.  A  successful  and  generally  applicable  model  of  the  combustion  process 
should,  ideally,  then  permit  valveless  pulsed  combustors  to  be  designed,  and  their  geometry 
optimized,  by  use  of  numerical  procedures  only.  Nevertheless,  at  this  stage  it  appears, 
on  the  basis  f  Cronje* a  theoretical  work  (8),  that  the  SNECMA/Lookwood  configuration  is 
an  optimum  one  as  attempts  to  evolve  a  configuration  having  a  superior  performance,  by 
modifying  the  parameters  defining  the  geometry  of  the  numerical  model  were  unsuccessful 
(6,3). 

Prom  the  plot,  on  Pig.  2,  of  dimensionless  velocity  (local  gas  velocity  divided  by 
the  acoustic  velocity  at  ambient  conditions)  for  the  inlet  flow  it  is  apparent  that  a 
substantial  backflow  occurs,  as  indicated  by  the  negative  value  of  U,  from  the  open  end 
of  the  inlet.  This,  of  course,  gives  rise  to  a  transient  reverse  thrust  unless  this  back- 
flow  is  rectified,  or  redirected  in  a  rearwards  direction. 


3.  PLOW  RECTIFICATION 

There  are  at  least  three  possible  ways  of  handling  the  backflow  from  the  inlet  of  a 
valveless  pulsed  combustor.  One  possibility  is  to  use  an  intake  flow  passage  offering  a 
high  resistance  to  backflow  but  a  low  resistance  to  inflow.  Devices  of  this  type,  usually 
known  as  fluidic  diodes,  have  the  disadvantage  of  introducing  strong  irreversibilities 
into  the  flow  system.  Another,  more  attractive,  possibility  is  to  employ  a  rearward  facing, 
inlet  (or  inlets).  On  the  basis  of  flow  visualisation  evidence  (2,9)  this  concept  can 
result  in  poor  mixing  in  the  combustion  zone  when  the  inlets  are  attached  to  the  same 
end  wall  of  the  combustion  zone  as  the  tailpipe.  When  this  latter;  problem  is  avoided  a 
very  good  performance  can  be  obtained  33  evidenced  by  the  SHECMA  Ecrevlsse  (Crayfish) 
pulsejet  unit  although  induction  problems  can  arise  if  a  suitable  engine  cowling  is  not 
used  (10). 

The  third  solution  is  to  employ  a  flow  rectifier,  a  “heavy  current"  fluidic  device, 
which  redirects  rearwards  backflow  "rora  a  forward  facing  inlet  whilst  offering  minimum 
interference  to  inflow.  Two  types  of  rectifier  are  shown;  one  is  illustrated  in  Pig.  3, 
the  other  in  Pig.  k.  The  earlier  device,  known  as  an  auxiliary  passage  flow  rect.fier, 
shown  in  Fig.  3,  relied  upon  a  combination  of  Coanda  effect  and  a  gat  curtain  to  deflect 
backflow  (indicated  by  the  arrows  in  the  upper  portion  of  Pig.  3)  inco  a  return  bend. 

During  induction  flow  passes  more  or  less  directly  into  the  pulsed  combustor  (or  pulsej’t) 
intake  as  indicated  in  the  lower  portion  of  Pig.  3-  The  concept  works,  so  far  as  can  be 
established,  perfectly  in  the  sense  that  there  is  no  backflow  from  the  air  inle  .  Simpli¬ 
fied  single  outlet  asymmetric  versions  of  this  device  were  also  develt  ped  which  were 
equally  effective  in  inhibiting  backflow  from  the  air  inlet. 

Unfortunately  the  presence  of  a  rectifier  of  the  auxiliary  passage  type  t  ;rves  to 
reduce  substantially  the  thrust  producing  performan.e  of  highly  rated  pulsed  combustors 
to  which  it  is  fitted.  It  appears  that  this  problem  is  due  to  the  intimate  coupling, 
within  the  rectifier,  of  t*’e  inflow  and  outflow  pa  ;ages. 

Figure  k  shows  the  most  successful  of  the  rectifier  concepts  tried.  This  is,  in 
essence,  a  venturi  type  non-steady  flow  thrust  augmenter  of  the  kind  pioneered  by  SNECHA 
and  Lockwood  (11)  but  bent  around  into  a  U  shape  so  that  the  backflow  entrains  air  from 
the  inlet  into  the  convergent-divergent  return  bend  (12,1,).  The  virtues  of  thi s  arrange¬ 
ment  are  that  the  return  bend  portion  of  the  device  is  uncoupled  f-om  the  puisec  combustor 
inlet  and  the  additional  air  entrained  actually  results  in  a  small  thrust  augmer  tation; 
the  thrust  increase  more  than  offsets  the  losses  due  to  turning  the  '’low  enrough  130°. 

As  with  the  earlier  device  there  was  no  detectable  backflow  from  thi  inlr*  ports 

figure  5  shows  the  performances  obtained  by  regulating  the  fuel  inflow  rate  of  a 
propane  fuelled  2.875  in  (73  mm)  diameter  SNECKA/Lockwocd  type  pulsejet  tested  statically 
with  two  versions,  an  early  and  also  a  more  advanced  form,  of  the  auxiliary  passage  flow 
rectifier  shown  in  Pig.  3.  Figure  5  also  shows  results  obtainea  with  the  thrust  augmenting 
type  rectifier  of  Fig.  i|.  The  resul;  for  the  "no  rectifier"  case  was  achieved  by  simply 
adding  the  opposing  thrusts,-  as  measured  using  thrust  plates,  due  to  the  tailpipe  flow  and 
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backflow  from  the  inlet.  It  should  be  noted  that  all  the  results  shown  Ir.  Pig.  5  were  ,,  _ 

obtained  at  a  test  site  located  3600  ft  (1096  m)  above  sea  level;  the  test  results  were 
not  corrected  to  compensate  for  altitude. 


4.  FUEL  SYSTEMS  Al-.D  AUXILIARIES 

Gaseous  or  liquid  fuels  are  usually  injected,  under  pressure,  into  either  the  inlet 
duct  or  the  combustion  zone  of  p'.isejets  from  either  a  single  injector  or  a  series  of 
injectors.  A  systeaof  this  type  implies  that  either  a  pressure-pump  is  available  or  a 
pressurised  fuel  tank  is  employed.  The  latter  arrangement  has  obvious  advantages  from 
the  viewpoint  of  simplicity.  The  only  other  auxiliary  equipment  needed  is  an  ignition 
system  and  an  air  jet  to  initiate  flow  through  the  combustor.  Since  both  the  ignition 
system  and  the  air  jet  are  used  only  at  start-up  they  do  not  nave,  to  be  carried  in  the 

flight  'ehicle. 

Figure  6  shows  a  relatively  sophisticated  alternative  fuel  system,  suitable  for 
gasoline  or  kerosene  type  fuels,  featuring  a  carburetor  and  nense  not  requiring  a  pres¬ 
surised  fuel  tank.  The  system  shown  was  actually  designed  for  a  high  intensity  hand 
held  space-heater  (lb).  The  fuel  is  pumped  from  the  tank  to  the  carburetor  by  means  of  a 
pressure-pulse  actuated  diaphragm  pump.  Ihe  pressure  pulses  are  derived  from  the  puisejet 
itself.  The  remaining  items  are  not  required  once  the  engine  has  started  and  do  not, 
therefore,  have  to  be  carried  onboard  the  flight  vehicle.  A  developed  version  of  the 
system  illustrated  in  Fig.  £  has  now  been  operational  for  several  years  ir.  connection 
with  the  space-heater  application.  The  puisejet  unit  of  the  space-heater  is  of  the  single 
inlet  SNSCMA/Lockwood  type  ar.d  has  a  combustion  zone  diameter  of  3"  (76  ram). 


5-  INFLUENCE  CF  PULSE.’ET  SIZE  OK  SPECIFIC  PERFORMANCE 

Curing  the  course  of  the  worn  reported  here  the  writer  became  increasingly  concerned 
about  possible  influences  of  uniS  size  cr  scale  (15).  Noinally,  in  order  to  avoid  fuel 
handling  and  storage  problems  and  also  problems  due  tc  thereiily  overloading  the  laooratory 
environmental- soft rul  system,  experiments  were  preferentially  restricted  tc  nexisum  thermal 
outputs  in  the  region,  of  500  x  10 1  Btu/b  t*  150  kfc).  Outputs  of  this  magnitude  are  achieved 
quite  easily  with  highly  rated  aalveless  pulsejets  of  about*  3  in  (»  7b  mm)  diameter.  Ac¬ 
cordingly,  a  special  study  was  carried  out  to  establish  the  influences  o'-  -scale  on  the 
specific  performance  of  valueless  pulsejets.  The  result?  of  this  study  have  been  reported 
,n  full  l*y  A.  Herman  (16). 

The  essential  findings  of  the  work  directed  at  establishing  the  influence  of  size  or, 
the  performance  of  pulsejets  are  displayed  is.  Figs.  7  And  8.  Figure  7  shows  pljts  or 
specif io  thrust  versus  combustion  zone  diameter  for  three  types  of  valvtless  puisejet. 

The  upper  curve  relates  t.7  units  or  the  3NECSA/T,ockwooa  type  using  propane  fuel  or  gasoline 
fuel  supplied  under  pressure-  The  intermediate  curve  Is  ‘‘or  .StiSCMA/Looxwccd  type  pulsejets 
equipped  with  a  carburetor  in  the  in? et  tract  and  fueller)  by  faniine..  The  Icrest  curve 
applies  to  prctane  or  butane  fuelled  pulse jets  manufactured  by  the  Therrao-Jet  company. 

.The  information  relating  tc  these  units  «,«.*  obtained  from-  fh*  literature  (it,  Information 
corresponding  to  that  of  Pig.  7,  tut  relar.Inj,  to  the  specific  fuel  consumption  cf  the  unite, 
is  displayed  Sr  Fig.  3.  The  cupei*flei>jl  l!npii'*4tio»  «f  Figs,  ~  and  8  is  that  the  specific 
performance  of  moot  highly  rated  valveless  pulsejets  appears  to  It  crease  with  increasing 
combustion  zoae  diameter.  In  f,.ct  sq  empirical  relationship  which  serves  to  correlate  the 
thrust  performance  appeal*?  in  Pig,  7;  6  of  that  relationship  is  the  maximua  specific  thrust. 
More  detailed  consideration  of  the  reasons  for  the  observed  behaviour  indicate  that  the 
basic  featura  i'  that  the  relative  significance  cf  friction  losses  decreases  with  inereas* 
ing  Reynolds  numuer.  Less  importantly,  'he  relative  significance  cf  jieat  loss  decreases 
with  increasing  eorabustor  siss.  Renee,  lai’ge  valve  lets  puJ.sejets  ten-3  to  have  better 
specific  performances  than  small  ones.  The  whole  matter  is  discussed  in  much  wore  detail 
elsewhere  (3,16). 


6.  PERFORMANCE  EXPECTATIONS 

Bas;d  —  ’ata  displayed  In  Pigs.  7  ar.a  8  augmented  by  additional  information  obtained 
fl-oa  desigr  ss ,  the  characteristics  are  presented  in  Table  1  of  a  family  of  single 

inlrit  SNSCf  type  pulsejets  equipped  with  flow  rectifiers  of  the  kind  shown  in 

Pig.  A,  xh  .cure  ar.d  location  of  the  shroud  duct  referred  to  in  Table  1  ire  illustrated 
in  Fig.  9. 

Table  £  presents  eor,* esponding  information  te  that  c-f  Table  1  but  for  shorter  f cur- 
inlet  type  pulsejets,  It  is  noteworthy  that  She  specific  weigh,  of  the  four-inlet  type 
actually  exceeds  that  of  "he  single  inlet  variety  due  to  the  lower  specific  thrust  obtain¬ 
able.  It  is  probable  that  more  than  four  inlets  will  be  optimal  for  units  larger  than  3 
in  \7 h  mm)  combustion  zone  diameter.  Experiment.,  show  that  t  inlets  is  the  maximum  prac¬ 
tical  number  for  the  3  -n  (76  jes)  aiarndter  machine.  Hypothesising  with  the  number  of  in¬ 
lets  results  in  the  information  presented  in  Table  3.  The  latter  table  should  be  inter¬ 
preted  as  conjecture  soSsawhat  guided  by  experiment. 

The  thrust-to-weight  ratio  quoted  in  the  three  tables  are  regarded  as  conservative 
and  are  representative  of  values  which  should  be  achievable  with  fain;*  long  life  units 
which  say,  for  example,  be  suitable  for,  say,  recoverable,  and  reusable,  target  drones. 

For  sobo  applications  the  great  length  of  the  single  Inlet  concept  cay  actually  be  advin- 
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TABLE  1 


SINGLE-INLET  TYPE  PULSEJETS 


DIMENSIONS 

m 

S.F.C.  AT 
MAX 

THRUST 

lb  /lb-h 
m  l 

(kg/N.h} 

MIN. 

S.F.C. 

lbn/lbfh 

(kg/N.h) 

THRUST:  WEIGHT 
RATIO  (ESTIMATED) 

MAX  THRUST 

/£d2 

lbf/in2 

(kn/m2) 

MAX  THRUST 
/L 

lbf/ft 
(N  M) 

OVERALL 
LENGTH  L 

in 

(mm) 

WITH 

SHROUD 

DUCT 

NO 

SHROUD 

DUCT 

3 

5^.5 

14.  t 

2.6 

2.6 

2.6 

3.0 

2.01 

3.13 

(76) 

(1385) 

(63) 

(0.265) 

(0.265) 

(13.82) 

(45.8) 

6 

109.0 

82.0 

2.1 

2.1 

3.6 

5-7 

2.91 

9.03 

(152) 

(2760) 

(364) 

11.214) 

(0.214) 

(20.02) 

(132.5) 

9 

163.5 

219.0 

1  8 

1.8 

3.3 

5.4 

3.44 

16.0? 

(228) 

(41C0) 

(970) 

(0  184 

(0.184) 

(23.70) 

(235.0) 

TABLE  2 

FOUr.-INLS?  PULSEJET  CONFIGURATIONS 


DIMENS 

IONS 

MAX. 

S.F.C.  AT 

THRUST:  WEIGHT 
RATIO  (ESTIMATED) 

MAX  THRUST 

/|dj 

MAX  THRUST 
/L 

I NT.  DIA  D 

u  v£»nrtt/iy 
LENGTH  L 

THRUST 

THRUST 

S.F.C. 

in 

(nan) 

in 

(ana) 

ibf 

(N) 

lbm/ibfh 

(kg/N.h) 

lbB/lbrh 

(kg/N.h) 

WITH 

SHROUD 

DUCT 

NO 

SHROUD 

,JJCT 

lb,./In2 
(kn/m 2 ) 

lbf/ft 

(H/ra) 

3 

(76) 

42.0 

(1062) 

9-5 

(42.3) 

2.2 

(0.217) 

1.8 

(0.184) 

2.8 

1.34 

(9.23) 

2.71 

(39.9) 

6 

(152) 

84.0 

(2130) 

DU.  C 

(303) 

2.0 

(0.204) 

1.6 

(0.163) 

2.41 

(16.60) 

9-71 

(142.3) 

9 

(228) 

126.0 

(3200) 

171.0 

(760) 

1.7 

(0.174) 

1.4 

(0.143) 

2.69 

(18.55) 

16.29 

(239.0) 

TABLE  3 

HUITIPLE-IKLET  PULSEJET  CONFIGURATIONS 


DIMENSIONS 

S.F.C.  AT 
MAX 
THRUST 

lb_/lbfh 

(kg/N.h) 

MIN. 

S.F.C. 

lb  /lb.h 

(kg/N.h) 

THRUST:  WEIGHT 
RATIO  (ESTIMATED) 

MAX  THRUST 

lbf/in2 

(kn/m2) 

MAX  THRUST 
/L 

lbr/ft 

(N/m) 

COMBUSTOR 
ENT.  DIA  D 
t  NO.  CP 
ENLETS 

in  NO .  OF 
(mm)  INLETS 

OVERALL 
LENGTH  I 

in 

(nus) 

WITH 

SHROUD 

DUCT 

NO 

SHROUD 

DUCT 

3  4 

42.0 

9.5 

2.2 

1.8 

2.0 

1*3^ 

2.71 

(76) 

(1062) 

(42.3) 

(0.217) 

(0.184) 

(9.23) 

(3 9.9) 

6  6 

66.6 

68.0 

2.0 

1.6 

4,8 

2.41 

11. 9G 

(152) 

(1740) 

(303) 

(0.204) 

(0.163) 

(IT^.O) 

9  8 

89.1 

171.0 

1.7 

1.4 

4.9 

23. 0t 

(228) 

(2260) 

(76o) 

(0.17*0 

(0.143) 

(328.0) 

ageous  if,  for  example,  the  pulse jet  tailpipe  is  also  used  as  a  tail  support  structure  in 
very  staple  vehicle.  The  shroud  duct  should  be  useful  in  minimising  side  view  radiation 
from  the  hot  section  of  the  engine.  It  nay  also  be  possible  to  achieve  a  useful  measure 
of  ramjet  assistance,  and  drag  reduction,  under  flight  conditions. 
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7.  COMPARISON  WITH  ALTERNATIVE  PROPULSION  PLANT  j0_g- 

T&e  single-inlet  pulsejets  of  Table  1  have  been  compared  with  conventional  gas-turbine 
turbojet  and  turbofan  units.  Data  for  the  gas  turbines  were  obtained  from  the  literature 
(18).  Turbojets  and  turbofans  intended  purely  for  lift  purposes  were  omitted  from  the  com¬ 
parison  although  derivatives  of  these  types  intended  for  a  thrust  boosting  function  were 
included. 

Figure  10  presents  plots  of  thrust  per  unit  frontal  area  versus  sea  level  (static) 
thrust  for  static  engine  operation.  It  can  be  seen  from  thi3  figure  that  pulsejets  are 
only  competitive  for  very  low  thrusts  which  are  generally  applicable  to  unmanned  vehicles 
such  as  drones  of  various  types.  The  corresponding  specific  fuel  consumption  relationship 
under  static  conditions  is  presented  in  Fig.  11.  Here  p-lsejets  are  not  really  competitive 
although  it  will  later  be  shown  that  forward  flight  can  result  in  a  significant  reduction 
in  the  specific  fuel  consumption  of  carefully  installed  pulsejets.  Nevertheless,  the  im¬ 
plication  of  Fig.  11,  other  considerations  aside,  is  that  if  a  pulsejet  is  selected  pre¬ 
ferentially  it  is  only  likely  to  be  an  acceptable  unit  for  short  range  missions. 

Figure  12  shows  that  the  uninstalled  thrust-to-weight  ratio  of  valveless  pulsejets 
appears  to  be  quite  competitive  at  very  low  thrust  levels.  It  may  be  possible,  with  a 
more  sophisticated,  but  probably  more  expensive,  design  approach  than  that  selected  by  the 
writer  to  move  the  maxima  of  curves  2  and  3  further  to  the  right. 

An  important  characteristic  of  valveless  pulsejets  which  is  not  apparent  from  any  of 
three  previous  curves  is  simplicity  and,  as  a  consequence  of  this  a  potentially  high  re¬ 
liability.  Whilst  highly  rated  valved  pulsejets  have  earned  a  reputation  for  unreliability, 
due  primarily  to  short  flapper  valve  life,  valveless  pulsejets  appear,  on  the  basis  of 
fairly  extensive  running  experience,  to  be  inherently  reliable  since,  provided  a  pressur¬ 
ised  fuel  supply  is  used,  there  are  no  moving  parts  operating  at  engine  frequency. 

8.  INFLUENCE  OF  FLIGHT  MACH  NUMBER 

The  influence  of  the  flight  Mach  number  on  the  performance  of  a  pulsejet  appears  to 
depend  very  strongly  on  engine  characteristics  and  the  nature  of  the  Installation.  Figure 
13  shows  the  influence  cf  flight  Mach  number  on  the  net  thrust  and  specific  fuel  consump¬ 
tion  of  a  basic  valueless  pulsejet  intended  primarily  for  educational  purposes.  The  unit, 
which  is  equipped  with  an  auxiliary  passage  flow  rectifier  (Pig.  3)  Is  "streamlined"  only 
in  the  vicinity  of  the  flow  rectifier.  The  installation  is  thus  or  the  simplest  kind. 
Furthermore  the  engine,  which  is  of  6  in  (152  mm)  combustion  zone  dlamete *,  has  a  static 
thrust  rating  of  .nly  approximately  10?  of  that  of  the  highly  rated  unit  of  equal  diameter 
listed  in  Table  1.  Hence  it  would  be  expected  that  the  educational  pulsejet  would  be 
relatively  sensitive  to  drag  and  other  influences  of  the  free  stream.  The  solid  lines  in 
Pig.  13  show  the  performance  as  measured  under  simulated  flight  conditions.  The  dotted 
curves  were  obtained  as  a  result  of  attempting  to  correct  for  external  drag  and  hence 
establish  the  true  engine  performance.  The  relatively  significant  increase  in  net  thrust 
with  flight  speed  is  thought  to  be  due  to  improved  breathing  due  to  forward  speed.  It  seems 
reasonable  to  expect  this  effect  to  be  less  significant  for  more  highly  rated  valveless 
pulsejets  installed  in  such  a  simple  way.  The  performance  peak,  apparent  in  Fig.  13,  would, 
presumably,  also  occur  at  a  higher  subsonic  Mach  number  with  a  more  highly  rated  unit. 

If  Fig.  13  is  regarded  as  one  extreme  featuring  a  very  modestly  rated  unit  installed 
in  a  very  elementary  way.  Fig.  It  can  be  thought  of  as  at  the  opposite  end  of  the  spectrum. 
These  data,  due  to  SHECMA  (10),, are  for  simulated  flight  up  to  a  Mach  number  o*'  0.8  obtained 
with  a  very  carefully  packaged  Ecrevlsse  unit.  A  unit  of  this  type  was  subsequently  flown, 
in  a  drone  type  aircraft  powered  only  by  the  pulsejet,  at  a  Mach  number  of  0.85.  The 
reasons  for  the  large  gains  in  performance  at  high  subsonic  Mach  numbers  apparent  in  Fig. 

13  are  presumably  due  to  a  combination  of  Improved  breathing,  increased  intake  density,  a 
bonus  due  to  a  subsonic  ramjet  effect  superimposed  on  the  pulsejet  cycle.  It  is  wgrth 
noting  that  the  gains  in  performance  presented  in  Pig.  14  are  such  as  to  make  the  Ecrevlsse 
valveless  pulsejet  highly  competitive,  from  a  performance  viewpoint,  with  many  turbojets 
at  high  subsonic  Mach  numbers. 

When  a  valveless  pulsejet  is  to  be  considered  as  an  alternative  to  a  piston  engine 
driving  a  conventional  propeller  for  applications  in  relatively  low  speed  vehicles  the  low 
weight  but  high  fuel  consumption  of  the  pulsejet  renders  it  competitive  on  a  take-off  weight 
basis,  only  for  short  flights  of  about  20  -  30  minutes  duration.  The  influence  on  perfor¬ 
mance  of  altitude  will  not  be  considered  here  since  this  matter  is  Ijandled  relatively 
easily  by  conventional  analytical  techniques. 

9.  POTENTIAr  FOR  PERFORMANCE  IMPROVEMENT 

The  writer,  and  other  workers,  have  gathered  fairly  convincing,  but  somewhat  circum¬ 
stantial  evidence  which  shows  that,  at  the  condition  of  the  maximum  fuel  flow  extinction 
point,  highly  rated  valveless  pulsejets  appear  to  be  operating  with  a  mean  fuel:air  ratio 
in  the  combustion  zone  of  only  about  50J  of  the  stoichiometric  value.  If  a  way  could  be 
found  to  approach,  more  closely,  a  stoichiometric  mixture  strength  a  substantial  increase 
in  thrust  should  be  obtainable  for  a  specified  frontal  area  and  structural  weight. 

Another  means  by  which  an  improved  performance  should  be  attainable  relates  to  in¬ 
creasing  the  normally  rather  minimal  pre-combustion  charge  compression.  A  possible  approach 


is  to  employ  two  valveless  pulsejets  each  arranged  to  supercharge  the  other  mutually.  Such 
/ 0-L  an  arrangement  Is  currently  undergoing  testing.  Antiphase  operation  has  been  ach^ved 

successfully,  with  an  accompanying  reduction  of  noise,  however,  mutual  supercharge  has  not 
yet  been  obtained.  Figure  15  is  a  diagrammatic  illustration  of  the  twin-Tsoupled  unit  to¬ 
gether  with  a  schematic  of  a  simplified  wave  diagram  showing  the  gas-dynamic  principles 
involved. 

Proceeding  to  a  yet  higher  degree  of  complexity  it  may,  in  some  circumstances,  be  worth 
advancing  to  a  propulsion  unit,  also  utilising  non-steady  compressible  flow,  based  on  the 
dynamic  pressure-exchanger  concept.  Here  a  cellular  rotor,  with  open  ended  passages,  runs 
between  two  closely  mounted  end  plates  as  shown  in  Fig.  16  (a).  By  providing  such  a  ma¬ 
chine  with  suitably  arranged  inlet  and  outlet  ducts  a  jet  propulsion  type  unit,  with  either 
combustion  within  the  cells  or  in  an  external  combustor,  can  be  contrived.  If  such  a 
machine  were  to  be  developed  it  would  probably  be  of  use  only  at  low  thrust  levels  below 
the  range  of  normal,  reasonably  efficient,  turbo  machines.  A  pressure-exchanger  thrust 
producer  could  almost  certainly  be  arranged  to  h_ve  a  specific  fuel  consumption  signifi¬ 
cantly  superior  to  that  of  a  pulsejet.  A  low  thrust  per  unit  frontal  area  would  probably 
render  pressure-exchanger  jet  thrusters  non-oompetitive  with  turbo-machinery  for  thrust 
levels  for  which  turbojets  and  turbofans  are  normally  used.  Figure  16  (b)  shows,  diagram- 
matically,  the  construction  of  a  typical  pressure-exohanger.  Further  background  material 
on  dynamic  pressure-exchangers,  explaining  the  principles  involved,  is  available  U9). 


10.  CONCLUSIONS 

Experimentally  obtained  static  performances  have  been  presented  of  representative 
current  technology  valveless  pulsejets  and  the  performances  of  these  units  have  been  com¬ 
pared  with  those  of  alternative  propulsors.  It  Is  concluded  that  current  technology  valve¬ 
less  pulsejets  are  best  suited,  in  the  subsonic  regime,  to  apnlications  where  low  initial 
cost,  simplicity  and  reliability  are  of  dominant  importance. 

It  is  further  concluded,  from  a  performance  viewpoint,  that  valveless  pulsejets  are 
most  competitive  with  conventional  propulsion  systems  for  applications  up  to  (static) 
thrust  levels  of  about  130  lbf  {  =  600  N).  The  shorter  the  duration  of  the  mission  the 
stronger  becomes  the  case  for  selecting  a  valveless  pulsejet  in  preference  to  an  alterna¬ 
tive  air-breathing  system.  However,  it  should  be  remembered  that  other  workers  (SNECKA) 
have  succeeded  in  achieving  a  performance  at  high  subsonic  Mach  numbers  oomoarable  with 
that  of  many  turbojets. 
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Fig.  1  Comparison  of  Proportions  of 
Typical  Single  and  Multiple- 
Inlet  Valveless  Pulse Jets. 
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DISCUSSION 


B.Sobfrs 

(a)  Was  the  design  model  computerized? 

(b)  Was  the  model  used  to  design  the  unit  that  was  Right  tested? 

Author's  Reply 

(a)  Yes,  the  design  model,  which  is  based  on  the  meihod-of-charecterisiics  as  applied  to  one  (space)  dimensional 
time  dependent  compressible  flow,  was  computerized.  Brief  details  of  the  procedure,  with  mention  of  some 
of  the  restrictions,  are  given  in  Section  2  of  the  printed  paper. 

(b)  The  flight  vehicle  referred  to  in  the  paper  (Section  S)  was  not  due  to  the  author.  It  was,  in  fact,  a  French 
prototype  vehicle,  using  a  valveless  pulsejet,  built  some  years  ago  by  SNECMA.  This  work  is  described  briefly 
in  Reference  1 0  of  the  paper. 


R-Marguet  (i.r  French) 

What  is  the  importance,  from  the  viewpoint  of  military  applications,  of  the  acoustic  characteristics  of  pulsejet 
propulsion? 

Author's  Reply 

The  application  uppermost  from  the  feasibility  viewpoint  is  that  of  the  propulsion  of  small,  relatively  low  cost, 
target  drones  etc.  For  such  applications  the  noise  problem  is  not  iikely  to  be  regarded  as  serious.  If  the  device  ware 
to  be  used  for  active  military  purposes  it  may  even  be  conceivable  that  the  loud  noise  could  be  advantageous  in 
helping  to  frustrate,  whilst  overflying  enemy  positions,  oral  communications  etc.  Certainly  any  activity  requiring 
stealth  is  not  a  profitable  field  of  applications  for  pulsejet  powered  '“hides. 
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SUMXAKX 

Several  ramrocfcet  missiles  under  development  have  a  central  combustion -chaster  and 
sore  than  one  side-mounted  intake  -  in  general  four.  The  junction  of  different  inlet  flows 
in  a  common  chanber  causes,  in  certain  cases,  flow  instability  and  flow  reversal  in  single 
ducts.  The  flow  mechanism  will  be  explained  by  examples.  A  computer  program  has  been 
developed  which  calculates  the  overall  performance  of  the  system  from  single-inlet  data. 
The  results  are  compared  with  wind  tunnel  measurements.  Methods  for  reducing  the  negative 
effects  of  combining  multiple  intakes  with  a  common  chamber  are  discussed. 


SUBSCRIPTS 


area 

diameter 

diverter  height 

Machnunber 

mass  flow 

pressure 

Reynolds  number 

distance  from  body  vertex 

angle  of  attack 

boundary  layer  thickness 

ratio  of  specific  heats 

angle  of  roll  (def .  Fig.  2) 


free-streas  condition 
exit  station  of  single  inlets 
mixing  station 
noasle  throat  station 
Pitot  condition 
roet-aean-square  value 
total  condition 


1.  INTRODUCTION 

Modern  air-launched  ramjet-powered  missiles  have  an  integrated  rocket -ramjet,  for 
example,  the  very  advanced  "low  volume  ramjet  (ALVBJ)".  The  booster,  necessary  to  accelerate 
the  missile  to  the  ramjet's  minimum  operating  speed,  is  installed  within  the  ramjet  combus¬ 
tion  chamber  in  fora  of  a  solid  propellant  grain,  after  burnous  of  the  booster  air  for 
ramjet  operation  is  supplied  through  several  (usually  four)  side-aounted  inlets.  Mixing 
of  the  individual  airflows  in  the  common  charter  causes  sudden  changes  in  the  performance 
of  the  inlets  under  certain  conditions,  especially  during  flight  maneuvers.  This  may  be 
accompanied  by  choked  flow,  reversed  flow,  and  irliet  buss.  The  interference  effects  of 
multiple-inlet  systems  have  been  studied  in  close  connection  with  ramjet  missiles  under 
development  by  KBB. 


2.  INLETS  HI  THE  FLOW? IE LD  OF  AH  INCLINED  MISSILE 

To  begin  with,  let  us  consider  the  flow  conditions  to  which  side-mounted  inlets  are 
subjected  at  angles  of  attack.  The  pitot-pressure  distribution  around  an  ogive-cylinfler-body 
ha3  been  measured  in  the  Kach  number  regime  1-5  to  2-5,  at  angles  of  attack  up  to  IS  , 
and  at  different  stations  between  A  and  12  diameters  behind  the  apex  (Ref.  1>-  Figure  j 
shows  a  selection  of  measured  data  at  H  -  2.0,  for  three  angles  of  attack  (..  ■  10  ,  and 
15°)  and  three  longitudinal  positions  (t ,  3  and  12  calibres).  In  the  diagram  lines  of 
constant  pitot-pressures  -{related  to  free  stream  pitot-pressure)  have  been  plotted  with  a 
spacing  of  ip: /p5«  =  O.J  beginning  with  0.9  at  the  outer  field  line.  The  measurements  have 
been  made  with  a  pitot-rake  fixed  jo  the  model  and  the  values  are  therefore  lower  than 
normal  shook  values  at  high  flow  angles.  Increasing  the  angle  of  attack  increases  the 
boundary  layer  thickness  on  the  lee  side  of  the  body  until  a  pair  of  vortices  develops. 

At  higher  angles  of  attack  the  vortices  separate  from  to#  body  and  the  formation  of  a 
second  pair  of  vortices  begins.  In  the  example ,  the  pitot  pressure  drops  as  much  as  60S 
of  the  free-streaa  value.  Another  very  important  factor  affecting  inlet  performance  is  the 
flow  angle  relative  to  the  inlet  axis.  Measurements  of  the  flow  angularity  with  5-hole 
probes  gave  flow  angles  in  the  horisontal  plane  exceeding  the  angle  of  attack  by  50$. 

Figure  2  shows  the  pressure-recovery  field  of  a  half-Misynmetric  inlet  at  a  length 
station  of  x/d  *  9  for  various  toll  positions.  At  the  top  position  of  the  inlet  {♦  =  O), 
the  pressure  recovery  decreases,  even  at  small  angles  of  attack,  by  an  amount  of  about 
13$  due  to  boundary  layer  thickening.  This  value  retains  nearly  -constant  at  higher  angle* 
of  attack  because  the  vorti-es  snestv  hie*,  «i*rv5  air  t *  -  *  -  ~ r  — . r  the  :  '  -V * 


of  attaek  because  the  vortices  supply  high  energy  air  to  the  top  region.  Rotating  tbs  ir.l 
into  the  immediate  vortex  area  causes  a  steep  decrease  in  pressure  recovery  to  a  — 

of  less  than  60$,  in  this  example  at  «  =  10.  At  higher  angles  of  attack  the  vortex  path 
nerves  above  the  inlet,  and  the  pressure  recovery  increases.  She  islet  is  side  pcs5 tins 
Cf  -  90  5  operates  is  a  region  of  increased  flow  angle.  In  the  example,  this  causes  a 


t 


decrease  in  pressure  recovery  with  angle  of  attack  (25 5  for  a  -  15°).  A  two-dimensional 
.a  inlet  with  top-mounted  ramp  (like  the  Tornado  inlet)  would  have  a  fundamentally  difrerent 
!<*■&—  performance  in  this  position:  its  pressure  recovery  would  increase,  the  amount  depending 
on  the  design.  Finally,  the  inlet  in  bottom  position  has  a  pressure  recovery  nearly  inde¬ 
pendent  of  the  angle  of  attack.  The  maximum  mass  flow  of  an  inlet  shows,  in  the  various 
roll  positions,  a  dependence  upon  the  angle  of  attack  similar  to  the  pressure  recovery 
curve. 

3.  COUPLING  OF  INLETS 

How  does  a  system  perform  in  which  several  inlets  are  connected  with  each  other  over 
a  common  combustion  chamber?  As  long  as  the  chamber  pressure  is  so  low  that  the  inlet  in 
the  most  unfavourable  position  still  works  in  a  supercritical  mode,  no  problems  will 
arise.  This  condition  can  -  assuming  a  constant  nozzle  area  -  be  practically  achieved  in 
two  ways : 

-  The  engine  is  designed  for  optimum  inlet  operation  -  meaning  near  the  critical  point  - 
at  cruise  flight.  In  this  case  the  fuel  flow  has  to  be  reduced  during  flight  maneuvers 
(liquid  fuel)  in  'order  to  maintain  supercritical  operation  in  all  inlets.  This,  on  the 
other  hand  means  a  loss  of  power  just  at  the  moment  of  increased  thrust  demand.  This 
procedure  is  therefore  only  applicable  for  missiles  with  moderate  maneuverability 
requirements. 

-  In  the  majority  of  cases  the  engine  is  designed  for  the  critical  maneuver  case,  keeping, 
in  general,  the  fuel  flow  rate  constant  (solid  fuel).  Consequently,  the  inlets  are  over¬ 
sized,  resulting  in  increased  external  drag  and  higher  supercritical  normal-shock  losses 
at  cruise  flight. 

These  considerations  have  raised  the  demand  to  optimize  the  inlets  for  cruising,  and 
to  allow  subcritieal  operation  during  maneuvers.  Initial  wind  tunnel  tests  with  a  A-inlet 
system  (Figure  3)  revealed  abrupt  changes  in  pressure  recovery  and  mass  flow  ratio  in  the 
subcritieal  regime  even  at  zero  angle  of  attack.  In  addition,  a  hysteresis  was  observed 
when  reopening  the  nozzle.  Analysis  showed  that  throttling  below  critical  operation  brought 
only  one  inlet  into  the  3ubcritical  regime  while  the  other  three  became  more  supercritical. 
With  a  total  mass  flow  rate  of  655  the  summation  of  the  individual  mas3  flows  requires 
reversed  flow  for  the  subcritieal  inlet  with  a  rate  of  355  of  its  supercritical  mass  flow. 
The  consequences  of  throttling  this  inlet  system  into  subcritieal  operation  can  be  summa¬ 
rized  as: 

-  Breakdown  of  mass  flow  by  305  results  in  loss  of  thrust  and  possible  overheating  of  the 
combustion  chamber 

-  Breakdown  of  pressure  recovery  increases  the  internal  drag,  -ausing  loss  of  thrust. 

-  Reversed  flow  in  one  inlet  causes  steep  increase  in  external  drag. 

-  Buzz  in  the  reversed-flow  inlet  transfers  into  the  combustion  chamber  and  possibly  causes 
flame-out  or  mechanical  destruction  because  of  alternating  overload. 

For  the  investigation  of  multiple-inlet  systems  in  the  supersonic  60-cm  DFVLR  wind 
tunnel  a  model  has  been  used  (Figure  t),  which  enabled  separate  measurements  of  mass  flow 
ratio  and  pressure  recovery  in  the  individual  inlets  by  means  of  a  quartered  and  calibrated 
Venturi-nozzle,  and  total  measurements  by  a  hydraulically  actuated  choked  nozzle.  Asymmetric 
inlet  operation  has  already  been  observed  with  supersonic  fighter  aircraft  having  a  twin- 
intake  system  and  a  single  engine.  Thi3  has  been  investigated  by  BEKE  (Ref.  2)  and  MARTIN 
(Ref.  3)  and  related  to  missile  propulsion  by  JELL  (Ref.  A).  The  conditions  leading  to 
sudden  changes  in  inlet  performance  are  discussed  with  the  help  of  Figure  5-  Two  assumptions 
are  made: 

-  parallel  entry  of  the  flows  into  the  mixing  chamber.  This  is  realized  in  the  wind  tunnel 
model, and 

-  constant  static  pressure  in  the  entry  plane.  This  assumption  is  so  far  realistic  (Ref.  3) 
but  errors  are  to  be  expected  for  strong  reversed  flows  in  single  inlets. 

Mass  flow  ratio  and  pressure  recovery  are  related  by  the  following  linear  expressions: 

Pt,  A„  1  /2*(k-1>  K  ‘  \  2(c-l)  p  ,  A, 
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for  static  pressure 


That  means:  Operacing  points  for  constant  nozzle  areas  are  possible  only  on  straight  lines 
through  zero.  If  for  example  "b"  is  the  critical  operation  point,  a  single  inlet  could 
also  operate  su'ocritically  at  “c"  or  "d"  with  the  same  nozzle  area.  If  the  system  is  sup¬ 
plied  by  two  inlets,  one  operating  supercritically  and  the  other  subcritically,  then  the 
system  operating  point  "c"  is  only  possible  with  a  combination  of  points  "a"  and  "e". 
Accordingly,  the  following  combination  is  obtained  for  a  four-inlet  system:  three  inlets 
operate  at  point  "a"  and  one  at  point  "f".  Theoretically,  a  solution  with  two  inlets  each 
operating  at  "ar  and  "e"  would  be  possible,  but  in  pratice  one  inlet  reaches  the  critical 
point  first-either-  because  of  fabrication  tolerances  or  because  of  disturbances  in  the 
entering  flow.  In  this  manner,  the  maximum  slope  of  the  subcritieal  branches  of  single 
inlets  :n  a  multiple-inlet  system  is  obtained.  Exceeding  this  slope  causes  the  described 
unsteady  performance. 

These  relatively  simple  relations  were  the  basis  for  a  FORTRAN- program  (Ref.  5),  which 
calculates  the  system  performance  from  the  knowledge  of  the  single-inlet  performances. 
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Two  methods  of  solution  have  been  investigated.  In  the  first  method,  all  possible  combi¬ 
nations  of  the  single  inlet  operating  points  were  calculated.  Then  the  solutions  were  jSL'S 
arranged  in  order  of  the  nozzle  area,  non-possible  combinations  eliminated,  and  one  se¬ 
lected  in  case  of  several  equivalent  solutions.  This  method  gave  good  results  only  for 
simple  cases.  With  an  increased  number  of  points,  the  computing  time  and  the  necessary 
storage  capacity  became  too  large. 

In  the  second  method,  the  operating  points  are  examined  stepwise  on  all  single-inlet 
performance  lines.  Cnly  those  solutions  are  allowed  which  give  a  steady  decrease  of  the 
nozzle  area  Aq  when  stepping  through  the  regime  from  supercritical  to  subcritical  opera¬ 
tion,  or  a  steady  increase  when  going  the  other  direction.  The  method  will  be  explained 
by  an  example  with  two  inlets.  The  static  performance  lines  of  the  two  inlets  (Figure  6) 
are  given  by  five  points  each  (a...e,  A...E)  connected  by  straight  lines.  Four  character¬ 
istic  operating  regimes  can  be  distinguished: 

-  one  supercritical  with  constant  mas3  flow, 

-  one  subcritical  with  falling  pressure  recovery,  the  slope  is  different  for  both  inlets, 

-  one  subcritical  with  slightly  increasing  pressure  recovery,  and 

-  one  region  witnout  mass  flow,  representing  the  reversed  flow  regime  in  this  simple 
example. 

In  the  diagram  showing  the  calculated  performance  of  the  system  (Figure  7)  the  appro¬ 
priate  operating  regions  of  the  single  inlets  are  marked,  the  first  number  denoting  inlet  I 
and  the  second  inlet  II.  Starting  with  both  inlets  in  supercritical  mode,  inlet  II  reaches 
its  critical  point  first  at  "b".  Since  the  slope  of  its  subcritical  branch  is  flatter  than 
the  limit,  no  unsteadiness  is  encountered  and  the  inlet  runs  through  regions  2,  3  and  A 
while  inlet  I  remains  supercritical.  After  exceeding  the  critical  point  "B"  of  inlet  I, 
the  performance  line  falls  continuously  with  inlet  I  operating  along  branch  ”2"  and  inlet  II 
along  branch  "A".  Reaching  point  "d"  inlet  II  switches  to  branch  ”2"  and  inlet  I  to  branch 
"4".  This  event  is  accompanied  by  irregular  system  performance  and  by  a  sudden  change  in 
external  drag  and  longitudinal  moments.  After  that  the  system  performs  smoothly  again.  A 
reopening  of  the  nozzle  causes  no  unsteadiness  at  this  point  and  the  performance  follows 
a  different  path,  so  causing  a  hysteresis.  At  the  end  of  line  "31",  inlet  II  operates  in 
supercritical  mode  and  inlet  I  at  point  "c".  From  here  inlet  I  "jumps"  into  supercritical 
operation  raising  pressure  and  mass  flow  of  the  system  by  30*.  Irregularity  can  be  avoided 
by  increasing  the  Maehnumber  at  station  "2",  because  the  slope  of  the  subcritical  branch 
of  the  static  performance  line  is  reduced  by  this  means.  This  method  is,  in  general,  not 
practicable  because  of  increased  mixing  losses. 

A  second  example  shows  the  attempt  to  calculate  the  case  shown  first  (Figure  3)-  The 
measured  performances  of  the  four  single  inlets  have  been  simplified  for  the  calculation 
by  straight  line  segments  (Figure  8).  The  inlets  showed  considerable  differences  in  their 
critical  operating  point  which  can  be  attributed  to  high  fabrication  tolerances.  A  common 
feature  of  all  inlets  was  the  absence  of  stable  subcritical  operation.  After  exceeding  the 
critical  point,  the  inlets  ran  into  immediate  buzz,  and  dropped  in  pressure  recovery  and 
mas3  flow  by  almost  AO*.  With  the  available  missile  model  the  performance  lines  could  only 
be  measured  down  to  "zero"  mass  flow.  The  plotted  reversed  flow  branch  has  been  estimated 
Trom  different  test  runs  with  large-scale  inlet3.  In  reversed  flow,  below  a  certain  flow¬ 
rate ,  the  throat  acts  as  a  choked  nozzle,  and  thus  the  operating  points  lie  on  ?.  straight 
line  through  "zero".  The  low  critical  pressure  recoveries  are  produced  by  model-dependent 
high  subsonic  losses  (two  90°corners .Venturi  nozzle, Carnot  losses).  Subcritical  pressure 
recoveries  below  normal  3hoek  values  are  possible  during  buzz,  since  the  operating  mode  in 
a  buzz  cycle  varies  between  subcritical  and  highly  supercritical  operation  with  accordingly 
large  3hock  losses.  The  result  of  the  calculation  (Figure  9)  is  not  in  complete  agreement 
with  the  test  results  (Figure  3),  but  the  tendencies  are  sufficiently  predicted.  The  saw¬ 
tooth-like  breaks  at  mass  flow  ratios  0.6  and  0.3  as  well  as  the  strong  hysteresis  between 
tb3/A«,  =  0.6  and  1.0  are  in  good  agreement.  A  closer  analysis  of  the  calculated  data  shows 
that  first  inlet  II  and  then  inlet  III  exceed  the  critical  point  and  immediately  go  into 
reversed  flow,  and  thus  initiate  the  abrupt  changes  in  performance.  Inlets  I  and  IV  remain 
supercritical.  This  result  agrees  with  the  tests. 

In  the  last  example,  the  angle-of-attack  performance  of  a  A-inlet  system  at  Ha  =  2.5 
is  investigated.  The  measured  performances  of  a  single  inlet  mounted  on  the  side  of  a 
missile  in  various  roll  positions  is  shown  in  Figure  10.  The  inlet  station  was  7  diameters 
behind  the  body  apex.  The  inlets  were  nearly  free  of  buzz  and  had,  in  almost  all  cases,  a 
steady  transition  from  supercritical  tc  subcritical  operation.  Evidently  the  most  problem¬ 
atic  position  is  that  under  A5°roll.  An  acceptable  performance  is  obtained  only  up  to  about 
A.  At  higher  angles  pressure  recovery  and  mass  flow  exhibit  a  rapid  decrease  because  of  the 
vortex  influence.  In  the  ^"-configuration  two  inlets  in  A5°-roll  position  are  combined 
with  two  inlets  in  135-roll  position  which  show  a  moderate  angle-of  attack  sensitivity 
of  less  than  10*.  A  comparison  between  the  computed  (Figure  11)  and  the  meai.a:  =J  (Figure  12) 
performance  of  the  total  system  shows  good  agreement.  There  is  a  surprisingly  large  region 
(shaded  area)  with  at  least  one  inlet  with  reversed  flow.  The  calculation  terminated  here, 
since  no  data  with  reversed  flow  were  available  for  the  single  inlets.  A  comparison  with 
the  single  inlet  performances  shows  clearly  that  the  pressure  recovery  of  the  total  system 
is  determinded  by  the  "worst"  inlet.  To  improve  the  performance  of  this  system  the  entering 
flow  field  had  to  be  changed  for  the  upper  inlets.  This  would  be  possible  by  shifting  the 
inlet  plane  forward,  by  influencing  the  vortex  position  with  strakes,  or  by  positioning  the 
inlets  between  wings.  In  the  "+"-configuration  one  inlet  each  in  top  and  bottom  position 
are  combined  with  two  side  intakes  (Figure  10).  The  performance  data  of  the  top  inlet  varies 
within  a  bandwidth  of  less  than  10*  up  to  12°  angle-of-attack,  because  the  vortices  by  their 
rotation  maintain  a  relatively  good  flow.  The  bottom  inlet  exhibits  a  considerable  increase 
in  pressure  recovery  and  mass  flow  ratio.  The  side  inlets  show  a  strong  angle-of-attack 
sensitivity  because  of  the  increased  local  flow  angularity,  and  they  are  therefore  decisive 
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for  the  system  performance.  The  calculated  (Figure  13)  and  measured  (Figure  14)  perfor¬ 
mances  are  again  in  good  agreement.  In  spite  of  the  fact  that  there  is  reversed  flow 
(through  the  side  intakes)  helow  50X  flow  rate,  the  performance  decrease  at  angle-of -attack 
is,  however,  considerably  less  than  for  the  "x"-configuration.  In  addition  the  "♦"-config¬ 
uration  has  the  potential  for  substantial  improvements  of  the  performance  by  use  of  inlets 
less  sensitive  to  flow  angularity. 


4.  MEANS  FOR  REDUCING  THE  COUPLING  EFFECTS 

It  has  been  shown  that  the  inlet  flows  in  multiple  inlet  systems  influence  each  other, 
if  the  pressure  level  in  the  combustion  chamber  rises  above  the  critical  value  of  one  inlet. 
If  the  subcritical  branch  of  this  inlet  exceeds  a  certain  slope,  abrupt  changes  in  tho  total 
performance  will  be  eneou  .tered.  Essentially  there  are  two  reasons  for  a  decreasing  3uberi* - 
ical  branch  of  the  performance  curve: 

-  A  multi-shock  inlet  with  internal  compression,  possibly  with  isentropic  compression  fields, 
and  a  weak  terminal  shook  turns  in  subcritical  operation  into  a  condition  with,  in 
general,  one  oblicue  shock  and  one  strong  terminal  shock,  with  accordingly  higher  total 
pressure  losses.  For  missile  application,  simple  inlets  with  low  internal  compression  are 
commonly  used;  in  these  cases  inlet  buzz  is  the  predominant  reason. 

-  Euzz  is,  in  the  majority  of  cases,  initiated  by  a  shock-induced  boundary  layer  separation 
on  the  ramp  or  cer.terbody,  which  starts  a  periodic  oscillation  of  the  terminal  shock.  This 
so-called  DAIlEY-instability  (Ref.  6)  can  be  suppressed  by  boundary  layer  suction,  as 
demonstrated  by  HALL  (Ref.  7),  for  example.  Because  of  the  thinner  boundary  layer, 
axisymmetrie  inlets  need  less  bleed  flow  than  two-dimensional  intakes.  During  subcritical 
operation,  the  bleed  flow  increases  rapidly  behind  the  terminal  shock,  so  that  in  axis- 
symmetric  inlets  the  flow  capacity  of  the  piping  going  through  the  3pike  reaches  its 
limit  very  soon.  Half -axisymmetrie  and  two-dimensional  inlets  don't  have  this  problem 
because  the  bleed  air  is  dumped  directly  outside. 

Figure  15  shows  the  performance  of  a  half-axisymmetric  inlet  at  M  =  2.5  with  and  without 
bleed.  The  buzz-intensity  (pRMS  ^Pi®  )  i3  indicated  by  the  vertical  lines.  Buzz  could  be 
suppressed  nearly  co  zero  mass  flow,  and  the  subcritical  pressure  recovery  drop  could  be 
eliminated.  The  bleed  rate  was  in  the  order  of  to  2X.  Stable  flow  is  a  prerequisite  for 
allowing  subcritical  operation  of  an  inlet  system,  and  thi3  for  two  reasons:  avoidance  of 
unsteady  subcritical  performance,  and  prevention  of  high  alternating  structural  loads  by 
pressure  oscillation.  During  subcritical  operation  the  performance  of  the  engine  is  det¬ 
ermined  by  the  inlet  with  the  lowest  performance.  This  can,  evsn  for  minor  flight  maneuvers, 
result  in  considerable  power  losses.  So.  a  system  with  inlets  in  "x"-configuration  will 
reach  its  operational  limit  at  around  5°  angle  of  attack  (for  x/d  =  8).  An  improvement  of 
the  situation  requires  a  deflexion  of  the  vortex  path.  The  situation  with  inlet3  in  "♦"-con¬ 
figuration  is  essentially  better  since  no  inlet  is  supplied  by  low-energy  air.  The  system 
characteristic  is  primarily  dependent  upon  the  performance  of  the  side  mounted  inlets  under 
high  flow  angles.  Here,  two-dimensional  inlets  with  the  ramp  tangential  to  the  body  show 
less  sensitivity  than  axisymmetrie  types.  However,  these  inlet3  can  in  bottom  position, 
have  a  rapidly  increasing  mass  flow  with  angle  of  attack  and  thereby  force  the  other  inlets 
into  premature  subcritical  operation.  The  flow  angle  sensitivity  or  side-mounted  half- 
axisymmetric  inlets  could  be  drastically  improved  by  turning  the  spike  into  the  flow 
direction  (Figure  16).  This  was  accomplished  by  a  pneumatic  self correction  system  shown  in 
the  figure.  The  static  pressures  from  both  side3  of  the  spike  are  fed  into  a  pneumatic 
cylinder,  which  turns  the  movable  part  of  the  spike  until  pressure  balance  has  been  reached. 


5.  CONCLUDING  REMARKS 

Based  on  the  results  of  this  study,  these  conclusions  can  be  made: 

-  The  calculation  of  the  performance  of  a  multiple-inlet  system  from  single-inlet  data  is 

in  good  agreement  with  measurements.  Since  the  inlet  in  the  most  critical  position  governs 
the  system  performance,  only  its  data  need  to  be  known  exactly. 

-  Subcritical  operation  can  be  permitted  to  a  certain  extent  when  the  inlets  are  free  of 
buzz,  which  can  be  obtained  by  boundary  layer  bleed.  Rapid  changes  in  external  drag  and 
longitudinal  moments  must  be  taken  into  consideration. 

-  Inlet  systems  in  "x"-configuration  can  operate  properly  only  at  small  angles  of  attack 
up  to  the  point  at  which  vortex  flow  enters  the  upper  inlets. 

-  Systems  with  "+"-configuration  of  inlets  have  a  much  becter  performance  and  can  operate 
up  to  high  angles  of  attack,  if  side  intakes  with  low  flow-angle  sensitivity  are  used. 
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Pig.  7  Performance  of  twin-inlet  sys 
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Fig.  9  Calculated  performance  of  four-inlet  system 
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DISCUSSION 


E.Sbffker 

What  was  the  basic  difference  between  the  intake  system  demonstrated  first  with  the  generally  negative  pressure 
recovery  siope  below  the  critical  operation  point  into  the  subcritical  region  and  the  improved  intake  system? 

Author’s  Reply 

The  intakes  used  in  the  first  4-inlet  configuration  (Figures  3  and  8)  had  no  boundary  layer  bleed,  whereas  the  intakes 
with  improved  performance  in  the  later  example  did  have  bleed.  The  effect  of  bleed  upon  the  inlet  performance  is 
snown  in  rigurc  15. 


One- 'iraensional  Non  Linear  Considerations  on  Supersonic  Diffuser  Buzz 
Hermann-L.  Heinreich 

MBB  Raumfahrt,  Postfach  80  11  69,  8000  Munchen  80 

SUMMARY 

This  paper  will  deal  with  the  fundamental  aspects  of  supersonic  intake  buzz.  A  description  of  the  basis 
phenomenon  characteristics  and  a  delimitation  to  other  unsteady  propulsion  processes  will  be  presented. 

A  simplified  intake  propulsion  stability  analysis  shows  the  possible  influence  of  diffuser  exit  Mach  number 
on  the  stabi  >*  ■  boundary  in  comparison  to  other  well-known  theories.  Non  linear  example  calculations  using 
smooth  intake  i -essui-e  recovery  curves  can  illustrate  some  experimentally  observed  buzz  characteristics. 

The  limits  of  ie  theoretical  approach  will  be  discussed, and  the  tendencies  will  be  compared  with  exper¬ 
imental  work. 

LIST  OF  SYMBOLS 

a  speed  of  sound 
A  area 
L  length 

n  mass  flow 
M  Mach  number 
p,p0  pressure,  total  pressure 

q  factor  regarding  operation  of  entropy 
discontinuities,  eq.  (16) 

Subscripts 


0  no  subscript  indicatesmean  values  of  the  internal  flow  or  geometry 
Og,  free  stream  condition 

()  perturbation  due  to  entropy  discontinuity,  eqs.  (7) 

Olin  result,  valid  only  for  small  perturbations 
< >1 ,N,T  in’Tt;  nozzle,  nozzle  exit;  inlet  throat 


t.  INTRODUCTION 

The  first  experimental  investigations  on  multi-shock  intakes  for  supersonic  ram  propulsion  were  performed 
by  Ludwieg  and  Oswatitsch/  1  }.  They  used  rotational  intake  models,  where  one  or  two  oblique  shocks  were 
generated  upstream  the  terminal  shock  with  the  aid  of  a  centre  body.  The  terminal  shock  stands  in  front  of 
the  intake  cowl  during  subcriticai  operation.  The  capture  mass  flow  therefore  depends  on  the  back  pressure 
generated  by  the  consumer  (Fig.  1),  During  supercritical  operation,  the  area  of  the  swallowed  stream  tube 
does  not  depend  on  back  pressure;  in  this  case,  the  terminal  shock  stands  within  the  intake  diffuser. 

During  the  tests  of  the  multi-shock  intake  models,  Oswatitsch  found  during  supercritical  operation  an 
increase  of  the  total  pressure  p0  exceeding  the  Pitot  pressure  with  a  closing  throttle  (Fig.  2).  During 
subcriticai  operation,  a  sudden  unexpected  pressure  breakdown,  in  connection  with  a  loud  buzzing  noise, 
was  detected  [  1  ] .  In  spite  of  steady  incident  flow,  periodic  movements  of  the  shock  system,  and 
associated  pressure  and  mass  flow  pulsations,  could  be  observed  in  nearly  the  entire  subcriticai  regime 
[  1  7*  The  phenomenon  was  called  buzz,  due  to  the  characteristic  noise. 

2.  REMARKS  ON  THE  EXPERIMENTAL  EVIDENCE 

The  following  statements  on  intake  buzz  are  based  on  published  papers,  which  have  been  collected  during 
our  own  theoretical  work  on  the  problem  [  61,  63/. 

2.1  Presence  of  intake  buzz 

Even  in  the  case  of  ui disturbed  axial  supersonic  indicent  flow,  buzz  has  been  observed  during  subcriticai 
operation  in  many  typ  s  of  intakes: 

o  Pitot  intake  [%,  4,  5,  52  ) 
o  external  compression  intake 

-  axisymmetric  intake  [  1,  12  -  23,  28,  29,  32  -  34,  37  -  41,  46  -  48  J 

-  half  axisyitmetric  intake  /597,  quarter  axisymmetric  intake  /  5r  ] 

-  rectangular  (two  dimensional)  intake  /26,  27,  42  -  45,  53  -  5-,  57  7 

-  inverted  rectangular  intake  [  53  7;  external  ramp  intake  [  51  7;  scoop  intake  /  87 
o  mixed  compression  intake  /  24,  30,  50  7 

o  internal  compression  intake  /  6  ] 

The  operation  with  the  angle  of  attack,  or  with  free  stream  distortions,  may  change  the  buzz  boundaries. 

In  this  case,  buzz  could  possibly  already  occur  at  subsonic  Incident  flow  conditions  51  7-  An  increase 
in  stable  subcriticai  operation  range,  or  a  damping  of  buzz  pressure  pulsations,  can  be  caused  by  shortening 
the  tube  between  intake  and  nozzle  [  14,  15  7,  or  by  the  use  of  a  turbo  engine  instead  of  a  nozzle. 


t,4tc  time,  period  of  organ  pipe  type  oscillation, 
eq.  (3) 

x  axial  distance 

*  ratio  of  specific  heats 

/“,*/  r‘,f.  dimensionless  perturbations  of  M,p,p 0,  f 
?  and  m,  eq.  (4) 

7  density 

slope  of  intake  characteristic,  eqs.  (12,15,16) 
37T  ratio  of  total  to  static  temperature,  eq. (5) 
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2.2  Importance  of  intake  buzz  for  airbreathing  missile  propulsion 

In  comparison  to  aircraft  propulsion,  buzz  is  more  difficult  to  prevent  than  with  missiles,  because  of  the 
following  reasons: 

more  limited  measuring  techniques 

-  in  general,  a  fixeo  intake  geometry 
greater  limitations  in  engine  regulations 
normally  greater  angles  of  incidence 

-  destabilizing  interference  effects  between  consumer  and  several  intakes 
To  prevent  buzz,  it  is  therefore  necessary 

o  to  choose  a  greater  distance  from  the  buzz  boundary,  however  this  having  the  disadvantage  of  increased 
supercritical  total  pressure  losses,  or 

o  to  accept  the  additional  propulsion,  and  development  costs  needed  for  buzz-free  intakes  /  59 J. 

In  addition,  the  consequences  of  intake  buzzing  are: 

+  structural  damage,  due  to  peak-to-peak  pressure  pulsations  of  up  to  r  than  0,5  po 
♦  varying  aerodynamic  loads  on  the  missile  °°° 

+  risk  of  compressor  stall 

+  flameout  with  ramjets  using  fuels  not  self-igniting 

In  most  cases  (especially  for  supersonic  sea  skimmers)  the  consequences  are  .->re  severe,  due  to  the  higher 
free  stream  total  pressures. 

3.  FEATURES  OF  THE  INTAKE  BUZZ 

Among  the  many  observations  conducted  on  the  intake  buzz,  the  descriptions  given  by  Trimpi  [  14,  15 7. 

Dailey  [  18  7  and  Stewart  [  38,  39,  40  7  show  the  greatest  accuracy. 

3.1  Simplified  description  of  a  buzz  cycle  usinq  experimental  observations  r  15  7  and  theoretical  consider¬ 
ations'  /Tfl'"- ~B5~7 - “ — - —  - - 

Start  of  cycle: 

The  terminal  shock,  standing  in  front  of  the  intake  cowl,  will  be  forced  upstream  by  upstream  running 
compression  waves.  The  associated  mass  flow  reduction  is  propagated  in  form  of  a  pressure  lowering  rare¬ 
faction  wave  into  the  intake.  The  causes  for  the  movement  of  the  shock  system,  the  decrease  in  massflow, 
and  the  internal  pressure  breakdown  may  be  as  follows: 

the  entrance  of  a  vortex  sheet  (with  a  different  total  pressure  on  both  sides)  emanating  from  the  shock 
intersection, under  the  cowl  lip,  called  Ferri  instability,  was  observed  many  times  in  connection  with 
buzz  [  13  -  15,  25,  39  -  44,  45  -  48,  60  J. 

a  shock  induced  boundary  layer  separation  on  the  compression  surface,  which  was  termed  Dailex  instabil¬ 
ity,  [  14  -  20,  39  -  41 ,  46  -  48,  60  J. 

-  a  local  total  pressure  dip  Inside  the  free  stream  captuie  tube,  increasing  relatively  with  throttle 
ratio  [  51 ,  60  7. 

a  certain  decline  of  intake  total  pressure,  with  Increasing  throttle  ratio  (several  general  stability 
theories  give  different  limits  for  the  corresponding  slope  of  the  intake  characteristics)  [ 2 ,  7,  8, 

21,  22,  35,  61  7. 

The  upstream  shock  movement  continues  until  either,  for  relatively  sjiort  intakes,  a  new  highly  subcritical 
quasisteady  equilibriumstate  (producing  eventual  backflow)  will  be  reached,  or  for  longer  intakes,  the 
shock  will  collide,  during  the  upstream  movement,  with  rarefaction  waves  returning  from  the  nozzle,  and 
generating  a  reduction  in  back  pressure,  in  order  that  the  shock  can  return  into  the  intake. 

The  exhaust  phase  will  be  terminated  even  in  the  case  of  relatively  short  intakes,  when  the  above-mentioned 
rarefaction  wave,  which  starts  the  exhaust  process,  will  return  in  the  intake  after  reflection  on  the 
consumer.  Supercritical  pressure  rise  in  the  backfilling  phase: 

Due  to  the  reduced  back  pressure,  the  terminal  shock  returns  and  enters  again  the  intake  diffuser  (super¬ 
critical  operation).  The  associated  rise  in  mass  flow  propagates  in  form  of  a  compression  wave  downstream 
to  the  consumer.  There  the  wave  will  be  reflected  back  to  the  intake,  whereupon  the  terminal  shock  will  be 
forced  upstream.  If  the  shock  reaches  now  the  instable  position,  a  new  buzz  cycle  will  again  be  initiated. 

In  such  a  case,  we  have  a  period,  which  is  longer  than  the  first  mode  period  of  a  one  sided  closed  organ 
pipe  of  equivalent  length,  only  by  the  reaction  time  of  the  inlet  and  consumer. 

In  many  cases,  however, 

for  slightly  subcritical  unstable  throttling,  or 

for  a  iow  level  of  Mach  number  in  the  tube  between  intake  and  nozzle, 

the  intensity  of  the  possible  supercritical  internal  compression  waves  is  limited. Therefore  a  staged 
pressure  rise  and  an  elongated  cycle  period  will  result. 

3.2  Definition  of  intake  buzz,  delimitation  to  other  unsteady  propulsion  phenomena 

Within  the  scope  of  this  work, intake  buzz  snould  denote  only  such  subcritical  supersonic  intake  pulsations, 
where  the  period  (longer  than  equivalent  organ  pipe  period)  is  determined  by  the  geometry  of  the  connected 
consumer  (tube  and  throttle,  ram  combustor,  turbo-engine).  Only  in  one  case  has  a  dominating  buzz  pulsation 
ot  higher  organ  pipe  frequency  been  reported  [  12  7.  The  total  pressure  amplitude  during  buzz  can  reach 
up  to  more  than  half  of  free  stream  total  pressure  and  depends  on  intake  geometry,  internal  Mach  number 
level,  and  several  other  parameters. 
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UNSOLVED  PROBLEMS  AN0  A  POSSIBILITY  OF  A  HEM  THEORETICAL  APPROACH 


have  been  dilcussel^These^n’brdivided’^trtw^irgroupsf ' 3lanations  and  descriptions  of  intake  buz. 


TtTfh»L^!Ch  3SST  thatj the  intake  alone  determines  the  stability  behaviour- 

for  the  subcritical  droM^efflciency  ^esenteddin8theL/"p«e'?sbhl0n9ht0  this’?rowp-  Hhi1e  the  causes 
investigations,  the  explanation  that  an  intake  huz,  ^M»P?r  -J-V!  confirn,ed  other 

fit  “  fjff.T" 1 13  ’■  °r  i°“""rv •"•".iffifsf:  a*a 

Some  other  stability  theories: 


reaction  by  the^thrott  if  (Pearce  7  35  d0Wn  at  the  stability  boundary  without 

Bill'igVb6507)rSimPllf,t:d  8nd  n<>t  9eneral,y  va1ld  (Oswatitsch  and  Teipel  [Z] s  Hall  [  51  7, 

3re  V3lid  °plained  [  4  „> 


yoiiu  uiuy  ror  special  cases  of 

-  remain  unexplained  (Beastall  [  49  jj~ - - VJ  ir,a,lcr>  nea,e»  "rooks  [  41/) 

Theonej  which  assume  that  the  stabili^  behaviour  is  determined  by  interactions  between  intake  and 


theory  was  given  by  Fraiser  /"  8  J  not  accePt60  l  15 *  61  -  63  J).  A  similar 

^-Kt’sffif’.w  ’*  *  “» -  ■  •—«*» ■  •»» 

s  ?“#  fax*?  y  ;r«™  ?-> « 

this  theory  is  concerning  the  connection  between9disturbances  {a  'vi*Mlhin,Thn'arytCntlS1Sra  0f 
the  velocity  of  the  terminal  shock  movement  7  61,  63  J.  Accordinq  ?o7  7  fit  si  !  n'.-T  ",th 
ances  depend  primarily  on  the  location  of  the  ‘«Mm1  sS  .  £  ’  6]’  f?-7*  the  dlsturl>- 
additional  effects  of  the  order  (diameter  /  L)  Sh°Ck  ve1oc1ty  can  cause  only 

c“Ss!hWieS  9Wen  ty  Hemafln  [U]  and  F1sher  «hib’C  experimental  or  theoretical 


The  study  of  the  existing  literature  shows  the  following  unsolved  questions 
Q1 


Q2 


actlon^betweerTintake  Z  ^  °r  ™  urcwing  of  weak  inter- 


Therefore the  theoretical  approach  should  have  the  following  aims: 
0  ‘  . 


MMTfSStaliS  correct  "ithiR  8  Unif1ed  theory- 


*'*the  Ttl^Ty  boundary i°and^’  U  Sh°U,d  b6  °X"  to  what  «**’««  consumer  has  an  influence  on 
-  the  pulsation  cycle. 


5.  FORMATION  OF  A  SIMPLIFIED  THEORETICAL  MODEL 


Simplification  1: 


t?iSS^l^T«kfS!!r,n^teeal!S!“  C°nSUmer  St3bil1ty  behavi0ur  Sh0uld  theraft.re  be  limited 


meters  describe  the  geometry  of  the  intake.  Therefore  a  general  calculation  of  the  unsteady  intake  flow, 
in  regard  to 

the  shock  boundary  interactions  (including  separation  effects), 
and  vortex  sheet  and  shear  layers 

without  the  use  of  doubtful  approximations,  seems  hardly  possible.  On  the  other  hand,  the  principle 
features  of  intake  buzz  are  maintained  with  increasing  duct  length  between  intake  and  nozzle.  This  was 
demonstrated  experimentally  by  Trifnpi  /  14  7.  Therefore  it  seems  to  be  apparent,  that  it  is  necessary 
to  simplify  the  theoretical  mode!  in  a  radical  manner,  with  the  aid  of 

Simplification  2:  Lj  <<<  L  (1) 

Disregarding  the  high  frequency  oscillations  mentioned  in  para.  3.2,  this  simplifying  assumption  means 
that  the  intake  reaction  time,  following  any  disturbances,  will  be  small  compared  with  the  propagation 
time  of  a  pressure  wave  throughout  the  tube  of  length  L.  in  the  case  of  a  relatively  short  intake,  it  is 
not  necessary  to  pay  particular  attention  to  the  dynamically  stipulated  deviations  from  the  quasisteady 
intake  behav'our.  The-eforear.  especially  simple  calculation  of  the  distortion  process  can  be  expected. 

As  a  result  .  '  a  distortion  by  an  upstreamtraveling  wave,  the  intake  will  reach  a  new  steady  state  in 
negligible  t.me,  where  by  a  downstream  traveling  pressure  wave  and  an  entropy  discontinuity  will  be 
generated.  The  intake  throughf low  will  be  mainly  steady  under  the  previously  mentioned  simplification,  for 
the  calculations,  the  complex  intake  behaviour  can  be  therefore  described  by  the  quasisteady  valid  total 
pressure  recovery  characteristics.  In  general,  nozzles  are  much  shorter  in  comparison  with  intakes.  There¬ 
fore  the  third  approximation: 

Simplification  3:  L^  «<  L  (2) 


will  be  physically  more  justified. 

Have  nature_of_the  internal_d is tort ions 

The"wave'nature"of"tiiir!nternar3Titortions,  which  was  assumed  by  Mirels  [7 J  who  used  the  same  simp'ific- 
ations,  has  been  confirmed  (especially  for  large  L/Lj)  by  experimental  work  done  by  Triropi  [  14,  15  7  and 
Stewart  [  39,  40  7- 

In  the  case  o*  a  wave  process,  the  boundary  conditions  at  intake  and  nozzle  correspond  to  those  at  opening 
and  bottom  of  an  organ  pipe  having  one  end  open.  The  intake  would  represent  a  node,  the  nozzle  an  antinode 
of  the  pressure  distribution.  The  period  of  a  simple  cycle  would  be  determined  by  twice  a  pressure  propag¬ 
ation  through  the  tube  moving  back  and  forth:  ^ 

(3) 

With  sufficient  throttling,  nearly  all  buzz  pulsation  show  indead  a  period  comparable  to  A  tc.  On  the 
contra-y,  a  necessary  assumption  for  the  application  of  the  Helmholtz  resonator  model  would  be  a  much 
greater  period. 

Regresentation_gf_the  internal  perturbatjonjirocess 

fwo’different"raapp'ng"pTots'wiTrbe”use3’to’iTTustrate  the  internal  flow  process.  The  x,  t-plane  is  used 
to  illustrate  the  time-dependent  wave  propagation.  The  accompanying  change  in  state  may  be  depicted  in  the 
p0,  m-plane.  The  total  pressure  characterizes  the  intake  efficiency  while  the  mass  flow  can  be  considered 
as  a  principle  test  variable. 

6.  INTERNAL  FLOW  CALCULATIONS  USING  SIMPLE  HAVE  THEORY 


The  pressure  amplitude  of  the  strongest  internal  waves  during  strong  buzzing  does  not  exceed  30  percent. 
Therefore  the  internal  wave  processes  can  be  approximately  treated  as  isentropic: 

Simplification  4: 

The  increase  of  entropy  due  to  internal  shock  waves,  which  may  be  generated  by  converging  compression  waver 
is  proportional  to  the  third  power  of  pressure  amplitude  and  may  be  neglected. 

In  contrast,  the  entropy  of  the  quasisteady  intake  exit  air  varies  with  intake  exit  total  pressure,  and  that 
changes  of  entropy  should  be  taken  into  account.  Any  change  of  intake  total  pressure  will  therefore, 
according  to  Fig.  7,  generate  an  entropy  discontinuity  with  separate  regions  of  different  entropy  in  the 
internal  flow.  The  entropy  discontinuities  are  special  path  lines  and  represent  perturbations  of  density, 
temperature,  Mach  number, and  m  in  a  constant  pressure  region.  Under  the  previously  mentioned  simplifications 
2  and  3,  the  spatial  extend  of  the  simple  compression  waves  generated  by  intake  -  or  nozzle  reactions  are 
negligible  small  compared  with  L.  Furthermore,  the  diverging  rarefaction  waves  should  also  be  depicted  in 
a  summation  manner  in  the  x,t  plane  according  to  Fig.  8. 

Under  the  previously  mentioned  "simplification  4“  (neglection  of  entropy  increase  due  to  the  steepening  of 
internal  compression  waves),  all  state  variables  in  the  constant  state  regions  of  the  meshed  network  can  be 
calculated  step  by  step  using  the  simple  wave  theory.  Using  the  state  characteristics  for  unsteady  one 
dimentional  flow  [  66  -  69  7,  all  state  changes,  due  to  simple  pressure  waves, or  entropy  discontinuities 
respectively,  can  be  calculated  in  an  easy  manner. 

With  the  abbreviations  (4)  A  „  a  p  .  „ 

TT  m  QJt  7T  =  0  s  &  ? 

"  =  “  a»-  p.  *  T 


^  n  r  rn  (4) 


and  using  the  state  characteristics,  in  conjunction  with  the  gasdynamic  relations,  the  following  relations 
for  simple  pressure  waves  may  be  obtained: 


;B8agagflBgatt^ . «iaraiMiuiii,i..n . 
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or  as  a  function  of  mass  flow  perturbating  respectively: 


Sign  convention: 


r  :■  HSL  <i>  #  »  -til.  (A  U-  ?-  ^  (A 

^  *  771  7  -  nn"  r  irn  “ 


7  =  z-%SL  (, 

*  nn  r 


The  upper  sign  always  refers  to  changes  of  state  due  to  upstream  traveling  waves,  while  the  lower  sign 
denotes  changes  due  to  waves  traveling  downstream. 

The  differential  equations  (5)  can  be  integrated  in  closed  form  using  the  static  pressure  as  an  independent 
variable.  This  was  one  reason  why  the  unusual  p0>  p  plane  was  used  in  earlier  work  /6!  -  63 7,  whereas 
in  this  study  a  graphical  presentation  of  the  internal  changes  in  state  will  be  given  in  the  p0,  m  plane. 
Using  j  =  tf  to  denote  the  intensity  of  a  weak  entropy  discontinuity,  the  following  relations  can  be  ob¬ 
tained:  M  1 

r° "  ?  s  1 9  v  =  o  (?) 


With  the  aid  of  eqs.  (5)  -  (7),  all  changes  in  state  from  one  constant  state  region  to  the  neighbouring 
can  be  calculated  if  the  intensity  and  the  type  of  the  enclosed  wave  is  known. 

7.  SOLUTION  OF  BASIC  PROBLEMS 

For  the  calculation  of  the  state  variables  inside  the  meshed  network,  the  magnitude  of  the  individual  waves 
is  required.  Therefore  the  changes  of  wave  magnitude,  due  to  fundamental  unit  processes,  were  determined 
using  eqs. (5)  -  (7)  with  the  respective  boundary  conditions: 

o  The  intersection  of  simple  pressure  waves  will  not  lead  to  a  change  of  pressure  amplitude  within  the 
scope  of  a  theory  of  small  amplitude. 

o  The  intensity  of  an  entropy  discontinuity  will  not  be  changed  by  the  intersection  with  a  simple 
pressure  wave.  The  amplitude  of  the  incident  pressure  wave  remains  constant  within  the  scope  of  an 
linear  perturbation  theory.  The  amplitude  of  the  reflected  pressure  wave  is  proportional  to  the  pro- 
dctof  the  amplitude  of  both  incident  waves  and  can  be  neglected  withing  the  scope  of  a  linear  per¬ 
turbation  theory. 

o  In  the  case  of  a  subsonic  channel  exit  (characterized  by  M  and  Hfi  ,see  Fig.  9),  the  exit  boundary 
condition  for  simple  wave  reflection  is  the  conservation  of  the  ambient  pressure  Pg,  at  the  exit.  For 
small  perturbations  one  can  find  /"  61 ,  62  J: 

fnl  n  -  Hm‘  (i  -n)(i-*f!n) 

fuhi»  *  a-rt.1)  n  +  nsn-rnui  *  *g*n)  18 ' 

The  following  special  cases  are  included: 

-  the  closed  end  with  M  =  0,  here  the  incident  mass  flow  perturbation  must  be  compensated:  %, 

-  the  open  end  with  MN  =  M:  The  resulting  mass  flow  amplitude  ratio  (1-M)/(1+M)  means,  that  the 

pressure  pertubation  vanishes:  *3 1'-ffti 

-  the  critical  (or  supercritical)  nozzle  (f^  =  1): 
compared  with  the  closed  end,  the  loss  in  amplitude 
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of  the  reflected  wave  increases  with  Mach  number  H. 

Equivalent  to  eq.  (8),  the  interaction  of  an  entropy  discontinuity  and  a  subsonic  channel  exit  will  lead 
to  the  following  linear  amplitude  ratio: 

hil  ,  . 

~  ff (10> 

According  to  eq.  (8),  this  result  is  valid  for  nozzle  and  diffuser  type  exits  respectively.  While  an 
entropy  discontinuity  (special  path  line)  can  never  strike  a  closed  end,  the  following  special  cases  are 
included  in  eq.  (10): 

-  the  change  of  gas  density  at  constant  pressure  can  pass  an  open  exit  with  M  =■  Mr,  without  causing 
any  wave  reflection. 

-  the  critical  (or  supercritical)  nozzle  will  result  in  a  pressure  wave  reflection  of  less  than  half 
the  mass  flow  distortion  <fn  : 
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In  the  case  of  simple  wave  reflection  on  an  intake  exit  (Fig.  10),  two  boundary  conditions  had  to  be 
satisfied:  Firstly,  the  pressure  and  mass  flow  perturbations  of  incident  and  reflected  waves  must  be 
compatible  with  the  intake  characteristic.  Secondly,  the  total  pressure  change  due  to  the  waves  had 
to  be  in  accordance  with  the  total  pressure  recovery  characteristic.  If  the  intake  characteristic 
curve  is  continuous  in  the  considered  operating  point,  the  slope  of  the  total  pressure  characteristic 
is  given  byfr,  AP  /  \ 

c  ■  */¥ j, 


and  the  amplitude  of  the  reflected  waves  can  be  obtained, after  some  manipulations. 

I’ll  “  &,/  (13) 
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The  entropy  discontinuity  43  vanishes  in  the  case  of  constant  total  pressure  recovery  (C=  0), 
while  the  mass  flow  amplitude  of  the  reflected  wave  <f 32  equals  fz\-  ln  this  case,  the  intake  is  very 
similar  to  the  op^n  end  uf  an  organ  pipe. 

8.  SUERSONIC  DIFFUSER  STABILITY  WITH  SHALL  THROUGHFLOW  PERTURBATIONS 

The  linear  intake  response,  defined  by  eqs.  (12)  and  (13),  can  also  be  obtained  graphically  by  using  the 
state  characteristics  (5)  -  (7).  Therefore  the  unknown  strength  of  the  pressure  wave  32  and  the  entropy 
discontinuity  43  had  to  be  iteratively  brought  in  agreement  with  the  intake  characteristic  in  the  two 
different  state  planes. 

§g*Di9IT2BbiS5l_£2DSi!riIStl2Q_9f_ii3§_i0£5!SS_!r§5B9DS§_lEi9i_i2ii 

The  intensity  of  the  entropy  discontinuity  43  is  both  proportional  to  the  total  pressure  change  of  the 
intake  (  %r,  +  ir.n  *  7r*xi  ),  and  to  the  total  pressure  change  of  only  the  entropy  discontinuity  7r,M  . 
Therefore  j^3  can  be  expressed  as  a  function  of  7T*  32  +  % 2y,  as  follows: 

(lr”*  *  (14) 

Using  eq  (11),  a  semigraphical  construction  of  the  intake  response  in  only  one  state  plane  (according  to 
Fig.  11)  is  possible: 

Starting  from  the  indisturbed  intake  operating  point  1,  the  mass  flow  may  be  reduced  byy2)  by  means  of  a 
small  compression  wave.  Depending  on  the  slope  of  the  intake  characteristic  Cr,  the  intake  will  respond 
in  a  different  manner: 

-  In  the  case  of  supercritical  operation  without  bleed  (  £>  «  -  co),  the  incident  mass  flow  reduction  had 
to  be  compensated  by  the  rcfelcted  waves. 

In  the  case  of C »  0,  no  entropy  discontinuity  will  be  generated.  The  reflected  pressure  wave  will  double 
the  Incident  mass  flow  reduction. 

The  magnitude  of  the  reflected  pressure  wave  will  increase  with  growing  C  until  an  unlimited  reaction 
will  result  within  the  scope  of  3  linear  perturbation  theory,  when  the  slope  reaches  the  value  of 

"  n-r»-iirt 

The  value  C  «r  denotes  the  greatest  possible  slope  of  the  intake  characteristic,  because  at  this  operation 
point,  the  intake  would  react  strongly,  even  by  small  perturbations  without  feed  back  from  the  consumer. 

9.  WEAK  INTERACTIONS  BETWEEN  INTAKE  ANO  SUPERCRITICAL  NOZZLE 

If  friction  between  intake  and  nozzle  can  be  neglected,  then  the  intersection  point  of  intake  and  nozzle 
characteristics  represents  the  respective  operating  point  of  the  intake.  The  question,  whether  such  an 
operation  point  can  represent  stable  interaction  between  intake  and  nozzle,  can  only  be  answered  by  the 
perturbation  theory  when  the  intake  characteristic  is  differentiable  in  the  neighbourhood  of  the  operating 
point.  This  is  not  self-evident,  because  the  boundary  layer  separation  or  vortex  sheet  ingestion  would 
normally  produce  a  discontinuity  in  the  characteristic  curve. 

Under  the  assumption  of  supercritical  nozzle  pressure  ratio,  the  nozzle  characteristic  will  be  a  line  with 
a  slope  of  one  in  the  plane.  First  of  all,  it  should  be  examined  whether  stable  interaction  of  intake 
and  nozzle  ceases  at  the  top  of  the  total  pressure  curve,  as  mentioned  in  [  Z  ].  Within  the  scope  of  the 
perturbation  theory,  the  corresponding  total  pressure  characteristic  appears  in  form  of  a  line  of  constant 
total  pressure  in  the  left  side  of  Fig.  12.  Assuming  stable  operation  at  time  t0,  the  nozzle  discharge  may 
be  immediately  reduced  byj'zi.  The  resulting  shift  of  the  nozzle  characteristic  will  cause  a  small  compression 
wave  to  travel  upstream.  The  total  pressure  rise  Vqi\,  coupled  with  the  mass  flow  reduction  y2\,  depends  0,1 
the  internal  flow  Mach  number  in  accordance  with  eq.  6. 

The  compression  wave  21  will  lead  to  an  excessive  total  pressure  at  the  intake  exit.  Therefore  the  intake 
will  respond  with  a  rarefaction  wave  32,  decreasing  the  mass  flow,  and  pressure,  down  to  the  new  intake 
operation  point  3.  No  entropy  discontinuity  will  be  generated  because  the  total  intake  pressure  recovery 
did  not  change  within  the  intake  reaction  (3’s  3).  The  mass  flow  3  is  now  below  the  required  nozzle  through- 
flow.  Consequently,  the  nozzle  will  react  on  the  perturbation  32,  and  accelerate  the  gas  with  the  aid  of 
a  rarefaction  wave  43.  Therefore,  the  intake  will  respond  with  an  attenuated  compression  wave  54, 

The  pressure  wave  decays  while  oscillating  between  intake  and  nozzle  and  illustrates  stable  interaction  of 
intake  and  nozzle  at  the  peak  of  total  pressure  recovery.  On  the  right  side  of  Fig.  12,  the  analogous  inter¬ 
ference  is  treated  for  the  case  of  positive  slope  of  the  intake  characteristic.  To  obtain  a  clear  picture  of 
the  main  process,  the  p.ths  and  consecutive  nozzle  reactions  of  all  the  entropy  discontinuity  generated  by 
intake  reactions  have  been  neglected.  Within  the  scope  of  that  simplification,  a  reduced  attenuation  of  the 
wave  cycle  can  be  seen. 
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looking  for  the  boundary  of  stable  interaction  (using  eqs.  (6).  (7),  (9),  (11),  (12),  (13)).  it  can  be  seen 
that  in  general,  an  undefinite  n usher  of  weak  secondary  pressure  waves  are  generated  at  the  nozzle  by  entropy 
discontinuity  reactions  [  61,  62 ].  For  an  undetermined  number  of  special  cases,  it  can  be  shown  however  i-i 

761,  62  J  that  all  the  entropy  discontinuities  have  a  damping  or  excitingeffect  on  the  formation  of  the 
main  cycle.  Fig.  13  shows  the  two  cost  simple  cases. 

After  some  manipulations,  the  following  boundary,  for  stable  interaction  of  intake  and  supercritical  nozzle, 
is  obtained  [  61,  62  J: 
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The  value  of  q  depends  on  the  mean  effect  of  all  entropy  discontinuities  on  the  formation  of  the  main 
cycle. 


10.  COMPARISON  OF  DIFFERENT  STABILITY  THEORIES 


Fig.  14  shows  the  influence  of  the  mean  internal  flow  Hach  number  M  on 
the  limit  of  absolute  intake  instability  slope  cr^j 

the  limit  of  intake  nozzle  interaction  instability  slope  O'  tc  -  for  the  critical  cases  of  maximum 
attenuation  q  =  1 ,  indifferent  effectioness,  and  maximum  exitaticn  by  the  entropy  discontinuities. 

Any  change  from  the  above  assumptions  (differentiable  intake  characteristic,  length  of  intake  and  nozzle 
negligible  compared  to  total  length  L,  and  for  interaction  stability  boundary;a  supercritical  nozzle 
pressure  ratio)  car.  result  in  quite  different  stability  boundaries: 

+  Increasing  the  relative  intake  length,  will  cause  a  growing  zone  of  wave  dispersion  at  the  intake  and 
result  in  additional  attenuation  of  the  sain  cycle  /  61,  61  ].  Therefore,  even  with  an  intake  greater 
than  c>  u,  the  intake  flow  may  be  stable. 

*  The  boundary  of  stable  interaction  can  be  changed  if  the  consumer  characteristic  does  not  agree  with 
the  assumed  supercritical  nozzle. 

+  A  discontinuity  within  the  intake  characteristic,  which  immediately  moves  the  slope  from  stable  to 

unstable  values,  may  not  be  observed  because  pulsations  can  start  just  at  the  discontinuity.  Therefore, 
a  measured  slope  of  the  intake  characteristic  at  the  origin  of  instabilitydoes  not  need  to  coincide  with  the 
interaction  instability  limit  O’ jc. 

The  preceding  stability  statements  can  be  compared  with  otter  well  known  theories  under  the  above-mentioned 
simplifications  (1)  and  (2): 

o  The  result  obtained  by  Mirels  /  7  J  is  equivalent  to  eq.  (6)  under  the  additional  assumption  of  small  Hach 
number  M,  the  entropy  discontinuities  being  able  to  be  neglected  (q  *  0)  /  63  J. 
o  The  statement  of  Pearce  [  35 J  does  not  take  the  interactions  with  the  consumer  into  account.  The  result 
would  be  comparable  with  eq  (15). 

The  widely  used  Helmholtz  resonator  theory,  proposed  by  Sterbentz,  Eward,  Davids  7  21  ,  22],  has  been 
criticized  extensively  [  14,  15  7.  The  resulting  instability  slope  limit  is  proportional  to  the  relative 
length  of  the  intake.  In  the  case  of  a  negligible  relative  intake  length,  the  theory  would  state  a  stabil¬ 
ity  limit  of  C  m  0,  which  was  also  stated  by  Oswatitsch  and  Teipe1  [  2  J.  The  Helmholtz  resonator  theory- 
can  not  explain  why  sometiraes(for  higher  internal  Hach  numbers  ar.d  relatively  long  intakes)  stable  intake 
characteristics  with  large  slopes  can  be  observed. 

11.  STRONG  INTERACTIONS  BETWEEN  INTAKE  AND  NOZZLE 


The  methods  for  the  evaluation  of  small  interactions  between  intake  and  nozzle,  which  was  presented  in 
chap.  7  to  10,  car.  easily  be  extended  for  the  investigation  of  strong  nonlinear  interaction  processes.  It 
can  be  seen  that  the  intake  characteristic  is  the  source  of  principal  nonlinearity.  Using  simplification  4 
(chap.  4),  the  change  in  state,  due  to  arbitrary  simple  wave, .can  be  depicted  in  the  pp,  p  plane  in  closed 
form  7  61,  62  J,  or  can  be  integrated  step  by  step  in  the  p0,ra  plane  with  respect  to  the  parameter  H. 


In  the  case  of  a  seoigraphical  construction  (Fig.  15)  of  the  intake  response,  the  relation  between  the 
mass  flow  ratio  of  the  entropy  discontinuity,  and  the  intensity  of  both  pressure  waves,  becuses,  according 
to  eq.  (14),  ^ 
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Using  eq.  (17),  the  effect  caused  by  the  entropy  discontinuity  can  be  outlined  in  relation  to  the  intensity 
of  the  reflected  pressure  wave  35.  The  example,  illustrated  in  Fig.  15,  shows  the  nonlinear  intake  response 
due  to  a  mass  flow  reducing  compression  wave  after  a  sudJ’n  reduction  of  the  nozzle  exit.  The  change  in  mass 
flow  and  total  pressure  caused  by  the  entropy  discontinuity  is  very  small. compared  to  the  intensity  of  the 
pressure  waves.  Therefore,  the  investigation  of  the  principle  nonlinear  interactions  between  intaie  and  nozzle 
can  be  simplified  by  the  omission  of  all  entropy  discontinuities.  Such  simplifications  of  typical  nonlinear 
interactions  are  presented  in  the  following  figures: 


Fig.  16  shows  an  isolated  buzz  cycle  as  the  result  of  a  sudden  nozzle  discharge  throttling  up  to  a  value 
near  to  stability  boundary.  The  strong  rarefaction  wave  cooing  from  the  intake  will  be  reflected  from 
the  nozzle.  Due  to  the  reduced  back  pressure,  the  terminal  shock  will  return  from  the  position  in  front 
of  the  cowl,  and  try  to  reach  a  supercritical  state  of  equilibria.  The  respective  operating  point  5 
was  attained  by  a  simple  downstream  running  pressure  wave  (and  an  associated  entropy  discontinuity) 
starting  from  the  disturbed  oper»t’n9  condition  4. 

Within  the  scope  of  the  simplifications  1  and  2,  it  is  not  necessary  to  pay  particular  attention  to  the 
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different  possible  intermediate  states  during  the  unsteady  change  of  intake  operation.  In  the  sequence,  the 
1 intensity  of  the  internal  pressure  waves  running  back  and  forth  is  attenuated  because  the  new  inter- 
1  section  of  inlet  and  nozzle  characteristic  still  represent  a  stable  operation. 

Fig.  17  shows  a  series  of  simple  limiting  cycles  for  various  throttle  ratings.  They  have  a  period  correspond¬ 
ing  to  an  organ  pipe  and  are  typical  for  intakes  with  a  wide  stable  subcritical  operating  range.  With 
closing  throttle  the  total  pressure  asplitude  grows,  starting  from  a  considerable  high  initial  level, and 
goes  through  a  maxies,  the  pulsation  dies  away  when  a  second  stable  subcritical  operating 
range  is  reached.  in  the  illustrated  example,  the  intake  enters  the  reversed  flow  regies.  The  in¬ 
creasing  intake  total  pressure  with  reversed  flow  has  been  observed  experimentally  £  59  J  and  corres- 
pondends  with  the  transition  of  a  nozzle  characteristic. 

Fig.  18  shows  limiting  cycles  for  an  intake  with  a  small  stable  subcritical  operating  range  and  a  large 
amount  of  subsonic  diffusion  (small  value  of  H).  A  throttle  ratio  just  below  the  stability  limit  will 
produce  a  staged  supercritical  pressure  rise  and  an  appropriate  elongated  periodic  cycle.  With  closing 
throttle,  the  number  of  supercritical  interactions  during  the  fill-up  phase  of  the  cycle  is  reduced 
since  the  asplitude  of  the  pressure  waves  traveling  down  and  back  grow  progressively.  Finally,  a 
limiting  cycle  with  an  organ  pipe  oscillation  period  will  be  reached. 

An  additional  consideration  of  the  effects  caused  by  entropy  discontinuities  and  internal  wall  friction  can 
lead  to  the  following  results  /61,  62 

o  Due  to  the  impingement  of  entropy  discontinuities  on  the  nozzle,  a  large  number  of  weak  secondary 
pressure  waves  will  be  generated.  If  such  a  secondary  wave,  during  buzz  cycle,  strikes  the  inlet, 

operating  just  near  the  stability  limit,  it  can  provoce  the  next  cycle.  Therefore,  the  cycle  period  can 

vary  slightly.  Even  without  regard  of  the  intake  and  nozzle  delay,  the  period  does  not  need  to  be  a 

multiple  of  half  the  organ  pipe  period. 

o  A  '-ocal  internal  friction  zone  causes  attenuation  and  stabilizing  effects  wnen  it  is  concentrated  at  the 
int'-c  exit.  Total  pressure  losses,  due  to  instrumentation  at  the  intake  exit,  can  therefore  produce  a 
too  optimistic,  stability  behaviour. 

12.  LIMITATIONS  OF  THE  THEORETICAL  MODEL  AND  COMPARISON  OF  THEORETICAL  TRENDS  KITH  EXPERIMENTAL  WORK 

The  principal  simplification  of  the  theoretical  model,  L t  L  indicates  a  significant  limitation: 

Calculations  of  the  transient  behaviour,  made  for  an  intake  with  a  long  throat  [  61 J.showed  that  cany 
interactions  between  the  external  shock  system,  and  the  internal  diffuser  can  be  required  to  obtain  a  new 
operating  point  after  distortion.  Remembering  the  high  Mach  number  level  inside  the  throat  region  and 
the  resulting  low  propagation  speed  for  the  upstream  traveling  waves,  a  long  reaction  time  is  produced. 

Even  in  the  case  of  very  long  internal  duct,  a  stabilizing  and  attenuating  effect,  caused  by  wave 
dispersion  at  the  intake  exit,  can  be  expected.  In  comparison  to  the  demonstrated  example  calculations, 
a  smaller  oscillation  amplitude  may  result. 

-  In  contrast  to  the  simple  theoretical  model  discussed,  an  intake  of  medium  relative  length  will  not 
reach  a  quasistationary  operating  point  during  a  buzz  cycle. 

In  the  case  of  similar  length-of-intake  and  connected  consumer,  the  dynamic  behaviourof  the  intake  may 
be  slow  compared  with  the  consumer.  In  this  case,  a  totally  different  theory  has  to  take  the  dynamic 
behaviour  of  the  intake  flow  into  account  while,  in  accordance  with  £  36  7,  a  quasistationary  consumer 
characteristic  nay  be  assumed. 

In  spite  of  the  strong  limitations,  resulting  from  the  principal  assuaptions,  the  presented  simple  model 
can  explain  in  closed  form  different  observed  features  of  diffuser  buzz  using  the  associated  intake  charact¬ 
eristics: 

1.  By  just  crossing  the  stability  boundary,  large  pulsations  can  be  induced. 

2.  The  building-up  process  will  quickly  lead  to  a  limiting  cycle.  Even  the  first  discernible  cycle  shows 
the  typical  shape-  of  the  following  cycles. 

3.  The  pressure  amplitude,  measured  upstream  the  nozzle,  grows  in  general  with  a  closing  throttle,  start¬ 
ing  from  a  considerable  large  initial  value. 

4.  In  the  case  of  a  wide  stable  subcritical  operation  range,  as  can  be  noticed  occasionally  for  intakes 
exhibiting  Ferri  instability,  a  buzz  period,  comparable  with  the  first  mode  period  of  an  organ  pipe, 
and  nearly  undependent  from  throttle  ratio,  can  be  found. 

5.  With  a  small  subcritical  operation  range,  buzz  begins  with  a  much  longer  period  which  will  be  shortened 
by  increased  throttling  till  finally  a  fundamental  period  will  result. 

5.  Due  to  the  disturbances  always  present  in  free  stream,  it  is  clear  that  by  approaching  the  stability 
boundary,  a  growing  nuaber  of  isolated  buzz  cycles  in  irregular  sequencecan  be  noticed,  especially  in 
the  case  of  intakes  having  a  small  subcritical  operation  range  and  a  large  amount  of  subsonic  diffusion. 
This  phenomenon  is  called  buffet  £ 39,  40  J. 

7.  The  considerable  differences  of  the  stability  behaviour  of  similar  intakes  may  be  explained  by  the  strong 
effect  of  the  small  fora  differences  in  the  pressure  recovery  characteristics. 

8.  Limited  irregularities  of  the  buzz  cycle  pattern  can  even  result  from  only  entropy  discontinuities. 

9.  Examinations  of  the  unsteady  interaction  between  shock  system  and  internal  diffuser  £ 61 J,  shoi*d  an 
instantaneous  decline  of  mass  flow  and  Bach  number  in  the  throat  of  a  subcritical  operating  Intake, 
following  the  arrival  of  a  compression  wave  at  the  intake  exit. 

The  final  question,  as  to  how  far  the  consumer  influences  the  onset  of  buzz  pulsations,  my  be  answered 
by  the  following  statements: 
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If  the  intake  characteristic  is  differentiable  in  the  neighbourhood  of  the  stability  boundary,  then  the 
consumer  will  have  an  influence  on  the  stability  behaviour.  The  stability  boundary  will  be  situated  at 
such  a  throttle  ratio.where  exciting  by  the  intake  is  compensated  by  the  daeping  effect  of  the  consumer. 


When  the  stability  boundary  is  crossed,  a  rapid  buildup  process  of  butt  pulsations  say  result  from  a  narked 
curvature  of  the  intake  characteristic.  So  >'t  say  be  possible  that  the  stability  boundary  is  determined  by 
seal!  linear  intake  constser  interactions,  even  in  the  case  where  the  first  d'scemible  cycle  shows  the 
entire  buzz  pressure  amplitude. 
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Fig  2  Typical  total 
pressure  recovery  for 
an  intake  without 
internal  contraction 


Fig.  1  Subcritical  and  supercritical  intake  operation 


Detail:  i rertex  sheet 
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Fig.  3 

Vortex  sheet  froa  shock 
intersection  that 
triggers  the  Ferri 
instability 


Fig.  4  Shock  induced  boundary 
layer  separation  which 
triggers  the  Dailey 
instability 
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Fig.  5 

Some  geometric  parameters  influencino 
ln  the  case  of  a  siis?1e  axisyroetrit 


Sireple  elongated  model  for 
stability  analysis 


Fig.  7 

Propagation  of 
pressure  waves  and 
entropy  discontin¬ 
uities  after  a 
distortion  of 
notale  throgghflow 


ngglowration  of  a 
diverging  rarefaction 
wave 
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Fig.  9 

Reflection  of  a  pressure  wave 
fros  an  arbitrary  open  end  of  a  tube 
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DISCUSSION 


C-Limagc 

In  recent  experiments  in  the  USA,  it  has  been  observed  tltat  the  inlet  instac ility  has  been  driven  by  the  ramjet 
combustion  instability.  Have  you  considered  this  type  of  inteiaction? 

Author’s  Reply 

Tile  interference  between  inlet  instability  and  combustion  has  been  known  for  many  years  and  have  been  reported, 
for  instance,  by  Triinpi14,15.  Daily18  and  Stcrbentz21’22. 

There  also  exists  some  theoretical  approach  for  this  problem  (Mircls2,  Trimpi14,1*). 

Because  the  buzz  phenomenon  is  not  generally  altered  by  the  combustion  process,  it  was  decided  to  avoid  the 
complication  of  calculating  the  wave  dispersion  and  reflection  by  an  internal  combustion  zone. 

It  seems  to  be  possible  that  the  theoretical  method  presented  in  References  6 1 , 62  which  include  effects  of  internal 
area  change  and  local  friction  could  be  extended  for  the  consideration  of  the  effects  due  to  local  heat  addition. 


H.  Wittenberg: 

In  the  last  section  of  vour  paper,  you  have  compared  the  results  of  your  theory  with  experimental  work  in  a  qualita¬ 
tive  way.  Have  you  also  made  comparisons  with  experimental  data  quantitatively  to  investigate  if  your  method  can 
be  used  to  predict  the  stability  behavior  of  inlets? 

Author’s  Reply 

No,  we  are  now  just  trying  to  make  such  comparisons  with  experimental  work  performed  at  the  DFVLR  by 
Mr  Krohn.  In  my  theoretical  work  which  was  performed  at  the  technical  university,  I  had  no  opportunity  to  make 
experimental  measurements.  1  used  for  calculations  one  experimental  pressure  recovery  characteristic  which  I  found 
in  the  literature. 
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SUMMARY 

Mission  performance  of  ramjet  powered  missiles  is  strongly  influenced  by  the 
trajectory  flown.  The  trajectory  optimization  problem  considered  is  to  obtain  the  control 
time  histories  (i.e.  propellant  flow  rate  and  angle  of  attack)  which  maximize  the  range 
of  ramjet  powered  supersonic  missiles  with  preset  initial  and  terminal  flight  conditions 
and  operational  constraints.  The  approach  chosen  employs  a  parametric  control  model  to 
represent  the  infinite-dimensional  controls  by  a  finite  set  of  parameters.  The  resulting 
suboptimal  parameter  optimization  problem  is  solved  by  means  of  nonlinear  programming 
methods,  operational  constraints  on  the  state  variables  are  treated  by  the  method  of 
penalty  functions.  The  presented  method  and  numerical  results  refer  to  a  fixed-geometry 
solid  fuel  integral  rocket  ramjet  missile  for  air-to-surface  or  surface-to-surface 
missions.  The  numerical  results  demonstrate  that  continuous  throttle  capabilities  increase 
range  performance  by  about  5  to  1 1  percent  when  compared  to  more  conventional  throttle 
control. 


1 .  INTRODUCTION 

Ramjets  are  currently  being  considered  as  the  primary  propulsion  candidate  for  a 
number  of  future  atmospheric  missiles  as  they  offer  the  combined  advantage  of  high  speci¬ 
fic  impulse,  high  speed,  continuous  thrust  and  compactness  The  integral  rocket 

ramjet  concept  in  its  solid  fuel  ramjet  version  or  solid  ducted  rocket  version  is  of 
particular  interest.  The  present  paper  addresses  the  problem  of  range  maximization  of  an 
integral  rocket  ramjet  missile  and  reports  on  application  work  which  was  performed  in 
order  to  establish  the  performance  capabilities,  throttle  requirements  and  parameter 
sensitivities  of  a  given  missile.  The  vehicle  design  and  propulsion  characteristics  as 

well  as  the  mission  requirements  were  defined  in  previous  industry  studies  and  were 
(2) 

prescribed  .  The  mission  of  interest  is  schematically  shown  in  Figure  1 .  We  assume  at 
the  outset  that  the  structure  of  the  optimum  trajectories  co  .sist  of  climb,  cruise, 
descent  and  sea-skimming  segments.  Not  shown  in  the  sketch  is  the  rocket  boost  phase 
which  will  accelerate  the  missile  to  ramjet  ignition  velocities-  Only  the  ramjet  powered 
flight  will  be  considered.  Mission  objectives  require  trajectories  below  a  prescribed 
maximum  flight  altitude  in  order  to  delay  radar  detection  and  a  final  weaving  flight 
phase  at  sea-skimming  altitudes.  This  type  of  maneuver  will  maximize  the  survivability 
of  the  missile  against  shipboard  defense  weapons.  Ramjet  trajectory  problems  have  not 
received  much  attention  m  the  control  literature  yet.  This  may  be  attributed,  in  part, 
to  the  fact  that  these  works  are  rarely  published  beyond  industrial  reports  for  security 
reasons.  Open-loop  optimal  trajectories  for  minimum  fuel-to-climb  ,  minimum  time-to-climb 
and  minimum  time-to-intercept  problems  for  an  air-to-air  liquid  fuel  ramjet-propelled 
missile  are  considered  in  A  separate  important  issue  is  the  on-board  implementation 
of  the  optimal  control  solution.  This  requires  that  the  solution  be  found  in  a  closed- 
loop  form.  The  focus  of  the  work  and  ^  is  mainly  concerned  with  the  derivation  of 
such  optimal  control  laws  using  singular  perturbation  theory. 

Our  goal  is  to  obtain  the  optimal  open-loop  control  program.  The  control  problem  is 
formulated  by  constructing  a  cost  functional  which  penalizes  violations  of  the  inequality 
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constraints.  An  efficient  method  to  optimize  complex  atmospheric  trajectories  is  to  trans- 
form  the  continuous  optimal  control  problem  to  one  of  parameter  optimization.  This 
technique  has  seen  wide  application  to  a  great  number  of  optimal  control  problems  of 
varying  complexity,  ^  to  ^ 1  ^  and  in  our  example  proved  to  be  less  complex  anc. 

difficult  to  solve  than  calculus  of  variation  methods. 

The  remainder  of  this  paper  is  organized  as  follows.  In  section  2  the  optimization  prob¬ 
lem  is  stated.  Then,  in  section  3,  the  numerical  solution  technique  is  des  'ribed  and  in 
section  4  the  missile  simulation  model  is  defined.  The  final  section  5  presents  some 
numerical  results.  The  first  examples  concern  level  flight  at  sea-skimming  altitude. 
Finally  results  for  low-high-low  flight  profiles  are  obtained. 


2.  PROBLEM  STATEMENT 

The  general  nonlinear  optimal  control  problem  can  be  formulated  as  a  problem  of 
Bolza  in  the  calculus  of  variations,  i.e.  extremize  the  performance  index 


(u,n)  -  4  tx{tf),  n]  +  J 


L  (x(t) ,  u(t) ,  n)  dt 


with  respect  to  u(t)  and  n,  subject  to  the  equations  of  motion 

x(t)  «  f (x,u,£)  ,  x(t0)  =  xQ  specified  (2) 

the  boundary  conditions 

4>fx(tf)  ,jt]  *  0  (3) 

and  inequality  constraints 

hfx(tf),n)  >0  (4) 

Stx(t)  ,u(t)  ,r]  >0  (5) 

In  equations  (1)  to  (5)  x(t)  represents  the  n-dimensional  state  vector,  u(t)  denotes  the 
r-dimensional  control  vector,  t  represents  a  design  parameter  vector  of  dimension  m„, 

4  is  a  q-dimensional  vector  function  and  4  ,  I,  are  scalar  functions.  The  subscripts  'O' 
and  't'  refer  to  the  initial  and  final  values  of  the  independent  variable  time  “t", 
respectively.  The  initial  time  tQ  corresponding  to  ramjet  ignition  is  specified  while  t^ 
is  free.  Final  time  t^  is  determined  from  the  specified  final  mass  which  is  used  as 
stopping  condition  in  the  numerical  algorithm. 


4  contains  the  specified  values  for  terminal  velocity  v^,  flight  path  angle 
altitude  h^  and  possibly  lateral  displacement  y^.  The  inequality  consTaints  (4)  and  (5) 
result  from  structural  limits,  mission  and  propulsion  requirements  which  bound  ;he 
altitude-Mach  number  operational  region  and  the  controls.  Specifically,  it  is  required 
that  recovery  temperature  Tr(t)£Tn  ,  Mach  number  M(t)£Mc(h,u) ,  flight  altitude 
0<h(t)<h_i„,  propellant  flow  rate  u_,_  <  u,  <  u(t)  <  <  u „  with  throttle  ratio 

“  litaX  win  ■“  l  “  “ ■  u  —  .utaX  « 

4  m  U ,,/t,  <  and  the  resulting  angle  of  attack  e  (t)=/a  (tj+g^tt)  <  £ _ _  stay  within 

u  i  max  —  max 

pregiven  limits. 


stay  within 


Optimal  control  problems  with  constraints  on  the  state  and  /  or  control  are  often 
solved  by  converting  them  to  a  sequence  of  unconstrained  subproblems  by  means  of  penalty 
functions.  These  are  added  to  the  primary  indicator  of  the  system  performance  which  in 
our  case  is  the  downrange  coordinate  x(tf).  Thus,  the  functions  4  and  L  of  equation 
are  augmented  to  include 
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q  ,  w  , 

♦  fx(tF),7i)  =  -  x(t,>  +  Z  <1  f.p(v  S  hf.u, 
-  t  -  -  i=1  1  1  i=1  1  1 
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L  [x,u,7r]  “  £  S,  R. 
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(6)  ts-s  j 
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where 


C±  >  0  if  ht  <  0 

O  if  >  0 

>  0  if  S,  <  0 

0  if  si  >  0 


(8) 


(9) 


pi'  ®i  *ci^  and  Ri  rePresent  coefficients  penalizing  violations  of  the  different 

constraint  conditions  (3)  to  (5).  The  functional  inequality  constraints  (7)  are  evaluated 
by  integrating  the  constraint  violations  over  the  irterval  [tQ,  tf]  along  with  the 
numerical  integration  of  equation  (2).  A  sequence  of  optimal  control  problems  with  in¬ 
creasing  penalty  coefficients  must  be  solved.  In  the  limit,  minimizing  the  augmented 
alty  function  maximizes  the  range  performance  and  drives  the  constraints  into  satis- 
-action.  The  derivation  of  necessary  conditions  for  the  optimal  control  problem  stated 
above  by  means  of  the  calculus  of  variations  is  straightforward  and  well  documented  in 
literature  ^,1)  ?  and  will  not  be  repeated  here.  Some  aspects  of  numerical  solution 
techniques  applied  to  the  ramjet  trajectory  problem  will  be  discussed  in  the  next  section. 


3.  SOLUTION  METHODS 

The  most  widely  used  iterative  computational  algorithms  to  determine  optimal  controls 
represent  variations  of  either  the  gradient  method  or  Newton's  method  in  either  function 
or  Euclidean  spaces  and  are  local  in  nature. 

Function  Space  Conjugate  Gradient  Method 

In  the  beginning  we  sought  the  solution  by  use  of  a  function  space  conjugate  gradient 
IS  7 ) 

(FCG)  method  '  ' ,  We  used  this  technique  successfully  to  obtain  optimal  controls  for 
rocket  ascent  trajectory  problems  to  near  earth  orbits.  However,  when  applied  to  the 
ramjet  trajectory  problems  the  FCG  method  failed  due  to  excessive  computing  time.  This 
failure  may  be  attributed,  in  part,  to  1 .  the  highly  nonlinear  characteristics  of  the 
missile  and  the  ramjet  propulsion  system  and  2.  to  the  high  number  of  equality  and 
inequality  constraints  involved  in  our  problem,  which  were  handled  by  the  method  of 
penalty  functions.  During  the  iterative  process  the  trajectory  tended  to  leave  the 
bounded  altltude-Mach  number  region,  for  which  valid  ramjet  propulsion  data  were  available. 
Hence,  comparatively  high  penalty  coefficients  had  to  be  chosen  already  at  eho  beginning 
in  order  to  force  the  trajectory  to  stay  within  the  limitations  of  the  propulsion  model. 
Adding  penalty  functions  to  the  performance  index  containing  periodically  increased 
constants  may  change  the  original  optimization  problem  to  a  large  extent  by  creating 
narrow  valleys  in  the  state  space  resulting  in  extremely  slow  convergence.  Therefore,  the 
FCG  method  has  been  abandoned. 

Parameter  Optimization  Methods 

The  appearance  of  efficient  and  robust  algorithms  to  solve  nonlinear  programming 
problems  (NLP)  during  the  last  decade  has  ied  to  the  replacement  of  the  more  complex 
calculus  of  variation  methods  by  techniques  which  dicretize  the  problem  in  some  way.  Such 
an  approach  reduces  the  original  continuous  optimal  control  problem  to  one  of  finite¬ 
dimensional  parameter  optimization,  l.e.  NLP.  The  approximation  of  the  original  problem 
may  parameterize  the  states  as  well  as  the  controls  1 ^ .  The  methods  employed  in  the 
remainder  of  this  study,  however,  parameterize  only  the  controls.  Parameter  optimization 
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methods  and  unresolved  problems  connected  to  it  are  surveyed  by  , 


An  obvious  direct  parameterization  method  is  to  represent  the  control  vector  function 
u  (t)  by  an  explicit  function  of  a  parameter  vector  g  s  E™  and  thus  control  the  trajectory 
by  means  of  equation  (2) .  Although  it  is  natural  to  treat  the  controls  as  the  independent 
variables  and  the  states  as  the  dependent  variables  in  the  systems  equations  (2)  it  is  not 
essential  to  do  so.  In  problems  involving  terminal  state  constraints  and/or  state 
inequality  constraints  it  may  be  more  convenient  to  treat  some  of  the  states  as 
independent  or  nominal  variables  and  to  determine  some  or  all  control  variables  in  terms 
of  these  independent  variables  through  the  state  equations. 

In  our  method  of  approach  some  control  variables  (t)  are  approximated  by  specifying 

Vt)  =  T^,  t)  i  =  1,2,...,  r,<  r  (10) 

where  T ^  are  known  functions  of  the  nu -dimensional  parameter  vector  .  The  remaining 
r-r^  control  variables  url+1<  uri+2'""  ur  wil1  be  uniquely  determined  in  terms  of  a 
selected  set  of  independent  or  nominal  state  variables.  Similar  to  (10)  a  specific  para¬ 
meterization  for  these  nominal  state  variables  is  adopted 


x.(t)  =  T.(g.,  t) 


j  =  1 ,2, ....  r-r. 


where  each  T ^  is  a  known  function  of  the  itK-dimensional  parameter  vector  g^.  The  form  of 
the  parameterization  (11)  chosen  should  be  consistent  with  the  terminal  conditions  and  the 
state  inequality  constraints  of  the  problem.  If  the  j  state  variables  are  enforced 
according  equation  (11)(  the  control  variables  «rl+1  uri+2"‘*'  ur  are  uni<3uelY  deter¬ 

mined  through  the  state  equation  (2) .  Unfortunately,  in  most  cases  these  control  variables 
cannot  be  determined  explicitely  in  a  straight-forward  manner  without  having  to  integrate 
the  differential  state  equation  (2)  numerically.  To  circumvent  this  difficulty  we  consider 
the  variables  x^  of  (11)  as  nominal  values  for  a  pitch  controller,  whic.i  determines  the 
controls  u^(t)  in  such  a  way  as  to  drive  the  current  state  variables  to  the  nominal  values 
of  equation  (11).  Thus,  the  controls  url+1,...,  ur  are  defined  by  a  control  law 

uk(t!  D  Tk(Ek'  •vk<t)'  °  Tk(£k'  k  =  1,2,...,  r-r1  (12) 

where  T^  represents  a  specific  relation  of  the  nominal  values  xfc(t)  and  the  m^ -dimensional 
vector  which  combines  the  paranetervector  g^  of  eq.  (11)  and  g(  .  The  control  models 
utilized  in  different  flight  path  segments  are  described  in  the  next  section. 

Let  m  =  m,  +  m,  +...  +  ra  +  m_  and  define  the  m-dlmensional  parameter-vector  g  by 
<ti  T  T  *  *T  T  r  " 

g  3  I  £3  I  •••  1 £r 1 2L  J*  For  given  initial  values  x  (tQ)  the  dependent  variables  x  can 

then  be  solved  in  terms  of  g  by  numerical  integration  of  the  differential  state  equation 
(2)  in  the  interval  (t0,  t^).  The  cost  functional  J(u,s)  reduces  to  a  function  z(g)  and 
thus  yields  an  ordinary  minimization  problem.  This  will  be  solved  by  a  variable  metric 
penalty  function  method  employing  either  the  Davidon-Fletcher-Powell  (DFP)  algorithm  or 
the  Broyden-Fletcher-Goldfarb-Shanno  (BFGS)  formula  *10'  ,4*.  However,  with  respect  to  the 
boundary  conditions  (3)  either  penalty  functions  or  projections  may  be  employed.  We  found 
for  our  control  problem  that  the  DFP  or  BFGS  algorithm  coupled  with  a  gradient  projection 
technique  for  handling  terminal  state  constraints  offers  computational  advantages.  Most 
trajectory  optimization  examples  of  section  5  were  solved  by  an  accelerated  gradient 
projection  scheme.  In  this  case  the  penalty  terms  associated  with  the  condition  (3)  are 
dropped  from  equation  (6)  and  the  parameter  optimization  problem  may  be  stated  as  follows 


minimize 
subject  to  the 
boundary  condition 


z(g) 

tj(£)  =0 


Dote,  that  the  differential  constraints  (2)  do  not  enter  into  formulation  (13)  as  they  are 
solved  by  numerical  integration. 


The  gradient  projection  algarithm 


consists  of  a  sequence  of  two-phase  cycles. 


composed  of  one  or  more  constraint  restoration  steps  and  one  minimization  step.  Starting 
from  an  initial  point  d°  a  varied  point  p  51+1  is  computed  according 


f 


V  It 

where  a  represents  the  step  length  taken  along  the  search  direction  s  and  the  super¬ 
script  indicates  the  iteration  cycle.  In  the  restoration  phase  the  task  to  be  accomplished 
by  the  parameter  update  scheme  is  to  meet  the  desired  end  conditions  within  prescribed 
tolerances.  The  parameter  set  is  updated  using  the  displacement 


&21  =  cr-s1  =  V-H1'  2*  (Sp-H1-  Sp)'1  ■  21 


(15) 


with  a  nominal  value  a1  =  1/  which  may  be  reduced  within  0.05  £  a  £  1  to  enlarge  the 
convergence  region.  In  equation  (15)  H1  is  a  diagonal  weighting  matrix  which  attempts 
to  normalize  the  effects  of  the  various  parameter  and  will  be  updated  as  described  below. 
The  notation  q^  indicates  cf  =  g  (£■*■)  .  The  matrix  g*  contains  the  partial  derivatives  of 
the  constraints  with  respect  to  the  parameters  and  g*  is  the  vector  of  constraint  errors 
for  the  i^-iterate.  The  minimization  step  is  accomplished  along 


s 


k 


-P 


where  Fk 


represents  an  augmented  cost  function 


(16) 


»k  _  k  .T  k 
c  =  z  +  •  q 


which  adds  the  constraint  errors  g  via  a  constant  Lagrange  multiplier 

b  =  -<2p  iik  2p>~’-  (2p>T-  Hk  ip 
to  the  original  cost  function  z  <£) . 

The  step  lenght  a*5  is  determined  by  a  one-dimensional  search 

F(£k  +  ak-sk)  =  min  (F(£k  +  a-sk)) 
a 


(17) 


(18) 


(19) 


v 

using  cubic  interpolation  to  locate  the  scalar  parameter  a  which  yields  the  greatest  cost 

v 

decrease.  This  search  is  terminated  prior  to  passing  the  minimum  at  a  if  either  the 
parameter  changes  or  the  constraint  errors  exceed  some  prescribed  bounds.  In  this  case  a 
new  restoration  cycle  is  initiated  without  modifying  the  matrix  H.  Otherwise  H  is  updated 
by  use  of  quasi-Newton  methods.  These  include  the  famous  Davidon-Fletcher-Powell  (Dfp) 
and  Broyden-Fletcher-Goldfarb-Shanno  (BFGS)  formulas  (see  for  instance  Ref.  14): 


,.k+1 


k  k 
Y  *  H  + 


.  ,  k.k 

1  +  Y  6 - — TTr — ir*- 


<AEk)T  AFk 


i£k  (i£k)T 


(i£k)T  iFk 


Yk - J'V'k'T  •  nk- ^4~(a-p)T'-k 

(AF*)THKlFk  -  -P  "P  - 


(2o) 


- »k  +  £k  •  ^Ep  (4Ek,T  1 

{&£  Vaf£  L  p  p  J 


where 


=  1,5=  o  for  DFP  method 


and  IF  denotes 
-P 


iFn 

“P 


=  1  ,  cK  =  1  for  BFGS  method 


EP <Ek+’i  -  Ep<Ek) 


and  the  subscipt  p  once  again  indicating  partial  differentiation  with  respect  to  £. 

The  required  partial  derivatives  with  respect  to  £  are  computed  numerically  using  either 
the  method  of  forward  finite  differences 


/ 


;s--& 


32  _  Z+  -  z  (pi 

3Pj  -  «Pj 


„  gt  ~  gi(£) 

3Pj  ”  iPj 


(21) 


or  central  finite  differences 


3z 

3Pj 


J 


3P, 


gt  -  gI 

2  -oPj 


(22) 


where  the  notation  z+  =  z(p.,...,  p.  +  6p. p  )  and  z~  =  z(p.,...,  p.  -  Sp., — ,  p  ) 

*  J  j  ™  ^ 

is  used.  In  the  latter  case  a  scheme  suggested  by  Hull  and  Williamson'  '  is  employed  to 
verify  the  magnitude  of  perturbation.  However,  the  use  of  the  central-difference  formulas 
is  avoided  whenever  possible  to  reduce  the  computational  expenditure.  In  most  examples 
the  use  of  forward  differences  was  appropriate.  Another  way  of  generating  the  partial 
derivatives  is  by  the  quadratures  of  the  error  of  the  optimality  conditions  ^11J.  In 
gradient  generation  by  forward  differences  compare  favorable  with  error-quadrature 
gradients. 


4.  SIMULATION  MODEL 
Dynamic  Model 

The  flight  of  the  missile  is  described  by  a  set  of  seven  differential  equations 
written  in  a  relative  velocity  coordinate  system.  This  system  has  its  orgin  at  the 
current  position  of  missile's  c.g.  relative  to  an  Earth-fixed  nonrotating  xyz-axes  system 
and  its  axes  are  aligned  as  shown  in  Pig.  2.  The  equations  of  motion  are  as  follows: 

=  ;g  [F-cos  a -cos  8  -  W)  -  %-sir.  y 
Y  =  [F-sin  g  +  A]  -  |0-cos  y 

*  °  mv~cos  Y  ~  tF-cos  a  sm  8  +  OJ 

ih  =  -li 

x  =  v-cos  y  -  cos  x 
y  =  v-cos  y  •  sin  x 
=  v  •  sin  y 


T 

The  associated  elements  of  the  state  vector  x  =  [v,  x,y,h)  are  the  relative 

velocity  magnitude  v,  the  flight  path  angle  y,  the  relative  azimuth  the  mass  and  the 
coordinate  of  the  missile  point  mass,  g  is  the  surface  gravitational  acceleration.  The 

o  «p 

missile  is  controlled  by  the  control  vector  u(t)  =  Iu(t),  o(t),  ${t)3  whose  components 
are  propellant  flow  rate  utt),  angle  of  attack  a(t)  and  sideslip  angle  8(t).  Structural 
limits,  mission  and  propulsion  requirements  impose  four  operational  constraints  the 
violations  of  which  are  numerically  integrated  along  (23)- 


«1  "  <Tr(t>  -W2 

if 

Tr(t) 

> 

T 

max 

otherwise 

=  0 

C2  =  (Mc  -  M(t) )  2 

if 

Mc 

> 

M(t) 

otherwise 

^2 

=  0 

*  <h(t>  '  W2 

if 

h(t) 

> 

hmax 

otherwise 

h 

=  0 

54  =  (h(t)  -  h  2 
with  initial  values  s^(t0)  =  0 

if 

and  required 

h(t)  <  hQ=  0 
condition  r 

otherwise 

t'V  = 

^4 

«  0 

Aerodynamic  and  Propulsion  Model 

to 

The  aerodynamic  and  propulsive  forces  are  obtained  from  the  relationships 

L  =  C  (  a,M)-q.S 

U 

D  =  C_(  a,M,h)-q-S 

D  (25) 

Q  =  CQ<  a,M) ■ q -S 

P  =  Cp(M,h,y)-  q-S 

1  2 

where  q  denotes  the  dynamic  pressure  q  =  j  o  v  and  S  is  the  reference  area.  Thrust  F  is 
considered  to  act  along  the  vehicle  body  axis.  The  aero-thermodynamic  heating  load  is 
described  by  the  recovery  temperature  Tr  which  is  given  by  the  adiabatic  equation 

Tr  =  T-(1  +  ^  .  M2)  (26) 


where  T  is  the  ambient  temperature  and  c  is  the  specific  heat  ratio.  The  atmospheric  proper¬ 
ties,  i.e.  density  a,  temperature  T,  speed  of  sound  a  to  define  Mach  number  M  =  v/a, 
are  derived  from  the  1962  US  Standard  Atmosphere  model. 

The  aerodynamic  data  are  given  as  drag  polars  and  the  dependence  of  the  aerodynamic 
coefficients  on  angle  of  attack  o  and  sideslip  S  is  assumed  linear  at  each  Mach  number, 
thus 

CL  =  CLa(‘M)-“ 

CD  J  CD0<M)  •>'1+c-h>  +  K(M)-C2  (27) 

CQ  -  CQ£(M)-6 

Since  the  missile  is  considered  to  be  symmetric  we  assume  Cq.(M)  =  C,  ^(M).  The  aero¬ 
dynamic  coefficients  C^;j  (M) ,  C^iM)  and  the  induced  drag  constant  K(M)  are  represented 
as  tabular  functions  of  X  and  are  determined  in  dependence  of  the  current  Mach  number 
by  means  of  cubic  spline  interpolation.  The  thrust  coefficient  Cp(M,h,u)  is  characterized 
by  a  strong  sensitivity  to  the  flight  conditions  M,  h  and  to  the  propellant  flow  rate  a. 

It  is  also  given  in  the  form  of  tabular  data.  Cp  is  modelled  for  different  values  of 
v  =  const,  by  bicubic  spline  functions  and  the  dependence  on  y(t)  is  determined  by  cubic 
interpolation  between  the  several  planes  Cp(.M,h)|  v  =  const  . 

The  lower  operational  limit  for  the  ramjet  propulsion  considered  is  given  by  the  critical 
Mach  number  Mc  =  Mc(h,y) ,  which  is  also  given  In  form  of  tabular  data  and  modelled  utilizing 
bicubic  spline  functions.  With  respect  to  the  fuel  flow  rate  y  the  propulsion 


characteristics  require  y(t)  to  obey 


with  the  additional 


restriction  of 


J  "1  - 


for  the  throttle  ratio  t. 


Control  Model 

The  trajectory  is  determined  by  three  control  variables:  the  mass  flow  rate  y(t),  which 
implies  thrust  magnitude,  the  angle  of  attack  a(t)  and  the  sideslip  angle  £{t).  To 
formulate  a  trajectory  optimization  problem  as  a  parameter  optimization  problem,  the 
infinite-dimensional  control  must  be  represented  by  a  finite  sot  of  parameters.  There  are 
several  ways  in  which  a  parameter  vector  g  can  conveniently  be  chosen  to  approximate  the 
continuous  control  u(t). 

The  time  interval  ito,  )  can  be  partitioned  and  the  parameter  of  s  can  specify  the 
magnitude  of  the  control  variables  at  specified  points  in  time.  Simple  linear  inter¬ 
polation  or  cubic  spline  interpolation  can  then  be  used  to  define  the  control 

variables  at  intermediate  points  in  time.  Alternatively,  the  parameters  can  be  regarded 
as  coefficients  of  some  mathematical  model,  which  may  be  either  a  function  of  time  or  a 
function  of  the  current  state.  Both  methods  are  employed  in  our  control  model. 

Generally,  wo  approximate  the  y (c) -control,  i.e.  propellant  flew  rate,  by  straight-line 
segments.  In  a  limited  number  of  examples  cubic  splines  were  used  instead. 
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The  angle  of  attack  a (t)-parameterization  assumes  constant  flight  path  v  segments  and 
'cruise' phases  at  constant  altitudes  h#  i.e.  a  flight  profile  as  shown  in  Figure  1.  The 
desired  values  of  constant  y  °r  h  within  path  segments  are  considered  as  the  nominal 
values  for  a  simple  pitch  controller  which  defines  a (t) -control  in  a  closed-loop  form. 
During  a  climb  cr  descent  segment  i  the  angle  of  attack  is  determined  by 


aft)  =  a„*(t)  -  a  [- 


Y(t)  -  Y„, 


+  c— J 

vi 


Within  a  constant  altitude  flight  path  segment  a  is  calculated  frcra 


aft)  =  as„ft) 


-  hft)  -  h  .  >  ft) 

-  a  { - = - +  ^— ] 


In  equations  (23), (29)  denote  Ynj  and  hn-  the  desired  values  of  flight  path  angle  and 
flight  altitude,  Cv,  C..,  C  represent  weighting  coefficients  and  -a  is  a  preset  constant. 
Furthermore,  as_  denotes  the  steady-state  angle  of  attack 

aft)  ■  gQ  -  cos  Yj., 

®st  =  t  F  f  t )  +  C,  q-S)  <30S 

La 

resulting  from  the  second  state  equation  (23)  by  setting  f  =  O  and  sin  a  =  a.  Kote,  that 
Ynl  =  O  for  constant  altitude  flight  phases.  The  bracket  terms  in  equation  (28)  and  (23) 
represent  linear  combinations  of  the  error  function  and  error  rates  of  change.  The 
a-control  derived  from  (28)  or  (29)  is  restricted  to  |a(t)|  <  r  with  -  a  specified 

“  liaA  ■‘■"a 

control  bound. 

At  least  four  flight  path  segments  are  assumed:  climb,  constant  altitude  cruise,  descent 
and  constant  altitude  sea-skimming  phase.  The  climb  and  descent  phase  may  each  be 
partioned  in  additional  flight  segments.  However,  only  two  constant  altitude  flight 
segments  will  be  considered.  In  the  constant  altitude  cruise  leg  the  desired  nominal 
altitude  h  is  set  equal  to  the  specified  maximal  altitude  h _ and  in  the  sea-sk isminc 

n  »-oa 

phase  the  nominal  value  hn  is  chosen  to  correspond  to  the  specified  terminal  altituVe  h 

As  wi ?  ’  become  obvious  from  the  next  section,  h_Jy  represents  the  optimal  cruise  altj.f- 
for  our  trajectory  problem. 


The  nominal  values  Yn^  as  well  as  the  weighting  coefficients  C^j,  C^,  C.„;  for  the  pirr'- 
controller  (28)  or  (29)  of  the  different  flight  path  segments  i  are  collected  in  the 
parameter  vector  c  to  be  optimized.  Proper  selection  of  the  weighting  constants  will 
result  in  an  optimal  transient  - ren  the  current  states  yCt)  or  hft)  to  the  desired, 
nominal  values. 

The  a-control  model  chosen  represents  an  attempt  to  ellisinate  the  explicit  appearance 
of  the  final  states  h*  and  in  the  boundary  condition  (3).  Both  are  satisfied  directly 
by  the  control  (23).  Furthermore,  satisfaction  of  the  path  inequality  constraints 
h(t)  ^  h-.ax  ana  h(t)  >  0  is  achieved  easily  without  the  need  of  high  penalty  coefficients 
in  the  associated  penalty  functions.  Hence,  the  numerical  difficulties  mentioned  in 
section  3  regarding  the  use  of  penalty  functions  are  kept  to  a  minimum. 

The  sideslip  angle  is  3(t)  =0  for  ail  but  the  last  path  segment.  In  the  final  sea- 
skimming  flight  leg  lateral  maneuvering  of  the  missile  is  a'rcosplished  by  a  bang-bang 
type  6-control .  The  magnitude  of  6 (t)  is  numerically  determined  from  the  third  state 
differential  equation  (23)  for  a  specified  lateral  acceleration.  A  control  constraint  is 
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where  a (t)  results  from  equation  (29).  Hence,  high  lateral  acceleration  requirements 
resulting  in  higher  3-angles  will  not  be  realizable. 

The  optimization  technique  determines  the  controls  u(t)  and  a(t)  in  the  sense  of  the 
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above  stated  approx  l nut ion.  With  this  control  model  the  resulting  trajectory  say  not  be 
optical  for  the  problem  originally  stated  but  should  be  very  nearly  sc  for  most  problems 
of  interest. 


5.  KUHERICAb  EXAMPLES 

This  section  presents  tv©  ewaples  illustrating  the  potential  performance  improve¬ 
ments  that  can  result  from  "the  Implementation  of  optimal  controls.  The  first  example 
considers  a  missile  flight  mission  at  sca-rkicssing  altitudes  and  demonstrates  the 
improvements  gained  by  continuous  throttle  capabilities.  The  second  example  corresponds 
to  a  low-high-lo*-*  mission  profile.  For  all  examples  to  be  presented  in  this  section  the 
following  remarks  hold:  ail  trajectory  calculations  were  performed  on  a  ilSZVAC  11DS 
cccputer  using  double  precision  arithmetic.  All  simulated  flights  werde  initiated  at  the 
same  condition,  which  corresponds  to  ramjet  ignition,  ami  ail  had  to  meet  the  same 
boundary  conditions  v,,  and  h,-  The  trajectory  calculations  were  terminated  at 
depletion  of  a  specified  amount  of  fuel. 


As  mentioned  above  tne  first  mission  to  be  considered  is  one  of  level  flight  at  low 
altitude  and  includes  a  final  weaving  flight  path  segment  of  prescribed  length.  The  sea- 
skimsing  altitude,  which  is  chosen  equal  to  the  terminal  condition  h,,  is  maintained  by 
s(tl-controls  determined  Iren  equation  {25=  the  coefficients  of  which  has  been  optimised 
in  a  separate  calculation.  Thus,  only  the  fuel  flow  control  six)  is  to  be  optimized, 
since  the  sidsiio  angle  5  is  determined  by  the  requirement  of  a  specific  lateral  accele¬ 
ration.  The  boundary  conditions  h,  *  *0  ?»  and  vf  *  cc  are  satisfied  directly  by  a-cantrol 
(255  -  The  retaining  conditions  to  be  net  are  the  terminal  velocity  the  required 
distance  cf  weaving  flight  ls^  and  flight  path  irvccuality  constraints  (241-  Sett,  no 
condition  or.  the  lateral  displacement  is  imposed  eznee  yU#l  is  generally  small.  In  the 
simplest  case  hot-  and  lx^  could  be  satisfies  (within  numerical  tolerances)  by 
utilising  a  control  parameter  consisting  cf  just  tvo  parameters  ?2  :  o  ■  Is.i^r,  i.«. 
constant  fuel  flow  rate  u  and  the  ifiatuute  time  of  wearing  flight-  Severer,  since 
there  arc  two  enf  conditions  and  cniy  two  control  parameters  there  is  ns  parameter  left 
for  optimization  and  thus  the  problem  reduces  to  one  of  targeting.  The  specification  of 
*>  and  uniquely  defines  two  parameters  mentioned  which  in  car  procedure  are 

rwmerically  determined  by  a  cSewton-1  restoration  cycle  (Section  15 .  As  this  special  case 
P2  is  of  same  practical  interest  sea  results  are  presented  in  Figures  3  to  5. 

Figure  3  shows  the  effect  cf  parameters  s  and  t _ on  veavisr  flight  distance  for  a 

specified  final  velocity  v,  and  diffesent  lateral  accelerations  a,.  For  example,  the 
choice  of  fuel  flow  -  it}  »  O.t  *  const  together  with  t^__  =  0.42  would  yield  a  weaving 
distance  cf  2.1  while  meeting  the  cdcwdlti-s  t,  for  a  maneuver  lag  acceleration  cf  a;  *  2 
It  from  Figure  3  that  fer  high  maneuvering  acceleration  r«slre«ti  a,  “  1  and 


t  consider  the  Constraint  ~  <  T  on  the  r*gg 

r  —  max 

problem,  renders  ssy  trajectories  of  Figure  2  c 
y  tise  profiles  of  Figure  $.  This  graph .eevresp 
g  acceleration  a,  *  2  and  the  effect 

ai  resents.  If  there  is  mo  weaving  flight  scenes 
iijsssiy  accelerated  free  the  initial  to  the  t 


and  will  be  decelerated  in  the  interval  tw  <  t  <  t,  of  maneuvering  flight  to  the 
prescribed  terminal  condition.  The  thrust  associated  with  the  specific  fuel  flow  rate 
»(t)  •  const  required  to  sect  both  end  conditions  v#  and  is  not  sufficient  to 

cancel  the  increased  drag  during  this  flight  phase.  Thus*  in  order  to  sect  increasing 
ix^  -  requirements  the  missile  has  to  be  accelerated  to  higher  velocities  in  the  inter¬ 
val  t0  <t  <tfcV  if  the  terminal  condition  v,  is  to  be  achieved.  This  is  accomplished 
by  utilising  higher  fuel  flow  rates  c -  Sowver.  this  may  result  in  a  violation  of  the 
operational  constraint  <T_w  Ci .e.  v^  1  as  is  the  case  for  the  examples  *  2  and 

ix^,  -  4  shown  in  Figure  4.  Hence#  a  constant  fewer  settle  is  not  appropriate  for 
medium  to  high  ix  -  distance  requirements  and  similar* y  for  higher  maneuvering 
accelerations  a,# 

2 f  the  ramjet  has  seme  throttle  capabilities  it  is  reasonable  to  assume  a  constant  fuel 
flew  rate  sit}  *  m  during  the  first  flight  phase  l  <  t  <  tw  and  a  different  value 
■pit}  *■  during  the  maneuvering  interval  t  f  t  <  i,.  Such  an  example 

?3:  p  *  i? j t^l'  is  considered  in  Figure  5  arid  Figure  i  which  correspond  to  a 
weaving  distance  »  2  and  a  lateral  acceleration  a,  *  2.  Fer  comparison  reasons  the 

results  of  P2  as  described  above  are  included.  In  contrast  to  ?2  the  ? 3 -control  para* 
ssetgr  model  results  in  a  velocity  time  profile  which  stay*  wel*  below  the  v.|f  -  limit 
and  offers  the  added  advantage  of  a  range  increase  by  2-*  percent.  Also  is  Figure 

S  and  Figure  £  are  the  results  of  a  trajectory  simulation  assuming  continuous  throttle 

capabilities  o'  the  ramjet  propulsion.  This  example  ptO:  P  *  . uses 

ten  pa.aneters  to  be  optimised  and  utilises  cubic  spline  functions  to  connect  the 
discrete  values  s*  as  described  in  Figure  £-  Pegardisy  Figure  S  this  continuous  thro*  le 
control  results  in  an  initial  velocity  decrease  to  a  value  which  is  roughly  maintained 
throughout  the  main  portion  of  the  first  flight  k@;5  <  t  *  tw  and  then  is  r apidiy 
increased  to  a  Kit  value  at  t  «  *v  required  to  reach  the  specified  terminal  velocity 
dsrifcg  the  decelerating  flight  yrare  *w  «  t  *  t,.  It  Is  evident  from  Figure  *  that  tb# 
velocity  vftl  follows  the  -  boundary  for  sane  tine  and  the  “overshoot'  -  velocity 

is  somewhat  higher  than  for  case  23.  Severer,  the  peat  velocity  occurs  only  for  a  short 
period  of  time  in  contrast  to  the  example  ?2  and  r3.  Indicating  that  continuous  thrott¬ 
ling  would  he  advantageous  for  higher  ix^,  and/or  ag  -  ressi'cesu.  A  short  violation 

af  v  ,,  i.e.  T  .  could  pcssshlv  be  tolerated.  Is  addition  the  ttr.itsow  fuel  control 
sax  sax 

ef  HO  results  in  a  range  benefit  sf  4.3  percent  cngir«  to  the  range  perfcmasce 
achieved  by  snsUsi  power  setting  ?2  f which  may  st  be  feasible:} .  Fer  the  F10  para- 
meteriratioo  the  feel  flew  rises  steadily  to  a  saniszs  value  'Figure  £  I  which  is 
maintained  the  w-ariny  flight-  The  f)  control  exanyle  utilizes  the  xnlsii 

possible  propellant  flew  daring  this  final  f  1  Sgtst  secsent _ 

la  the  refsalnder  of  this  section  we  consider  fi^les  of  low-hiyh-lcw  trajectories.  i.t. 
the  rssjH  missile  is  allowed  to  climb  to  a  more  efficient  cruise  alaitmee, 

As  stated  in  sect  ran  4  Use  cl  mb  and  descent  1^  say  he  partitioned  each  into 

several  szbse^eots  of  desired  cooastamt  fliobt  pars  ancles.  To  this  cate  at  most  three 
cl  ass  three  desceat-sabsefoesris  been  used  and  a  satpst  of  11 

c»Ut!  parameters  hmt  been  optimized  which  parameterir*  heti  fuel  flew  wit:  asd  i^lt 
of  attach.  s  eostrel.  &7»<rtt.  in  order  to  fedare  1st  tonal  expenditure  necessary 

for  semsltlvity  stales  the  dacsi»  of  the  parameter  tgcur  s>  was  reduced  to  2  to  12 
deressilssf  cn  res  I  resents  _  Is  these  eristflg  the  simplifying  assumption  of  ore 

climb  1*4  s;  descent  segment  was  used,  foe  weighting  coefficient*  of  the  pitch 

eoetrol  laws  eg*  111!  and  C2H  were  chosen  equal  the  c^rrtS'Virfj^j  optimized  values 
Ktxicsi  sssliiia  res*  and  thus  excluded  from  the  parameter  vector  m.  Americas 
KuptUK^j  Indicate  an  accuracy  loss  of  less  than  0.4  percent  of  the  simplified  model 
for  most  missions  of  interest. 

Figure  7  represents  the  time  histories  cf  flight  altitude  hftl *  velocity  vftS  and 
recovery  t^;-grat*rs  T^ftl.  This  trajectory  csrresgoncs  to  sissies  lequirenerts  of 

*  2  toran^  flight  distance  tsi  lateral  acceleration  a,  *  2.  Pegarding  hfU  eternal 


cruise  occurs  at  the  maximal  allowed  altitude.  There  is  a  snail  violation  of  the  altitude 


constraint  h_,v  at  ti 
at  the  expenditure  o; 


he  beginning  of  the  cruise  segment.  This  violation  could  be  cancelled 
if  additional  colouring  effort,  however,  it  was  considered  to  be 


tolerable.  The  velocity  rise  history  shows  a  continuous  increase  during  the  cruise  phase, 
indicating  that  with  the  preset  conditions  no  steady*  state  is  achievable.  The  magnitude 
of  vCt)  undergoes  rapid  changes  during  the  descent  and  final  shirking  phase.  It  is  noted 
iron  Figure  3  that  fuel  flow  rate,  i.e.  thrust,  is  increased  already  during  the  descent 
phase.  Thus,  velocity  is  increased  during  the  final  portion  of  descent  in  order  to  cancel 
the  deceleration  of  the  weaving  flight  segment  and  to  sect  the  boundary  condition  vr. 

The  recovery  temperature  increases  accordingly  and  hits  the  T  ^  limit  for  a  short  tire. 
Once  again,  this  violation  could  be  further  decreased  by  additional  computation  but  was 
considered  acceptable.  The  corresponding  controls  are  plotted  in  Figure  8.  Considering 
the  fuel  flow  control,  which  is  parameterized  by  eight  straight  line  segments,  it  is 


the  fuel  flow  control,  which  is  parameterized  by  ei 
noted  that  fuel  flow  is  steadily  reduced  during  cli 


;t  straight  line  segments,  it  is 
s.  This  result  is  in  contrast  to  the 


classical  steaay  state 
throttle  is  found  cc  be 
utilization  of  maxima 
X  >  *?  and  hence  is  not 
corresponds  to  the  maximal 


nance  analysis  and  to  the  tin 
a!  using  singular  per turbo tic 


;icw  resuits  in  a  viola  t 


so:  where  maximum 

thods .  In  our  examole  t 


teasiole.  It 


that  tu  tcrsttie  ratio  *  *  ;  /*,, 

S.  This  limit  Is  not  restrictive  for 


flight  examples  requiring  no  weaving  maneuvers.  In  such  eases  the  maximal  fuel  flow  rate, 
which  occurs  during  the  sea-skls=ing  phi  so,  is  lower  thar=  in  the  tocanple  of  Figure  3. 
Therefore  somewhat  lower  fuel  flow  rates  can  be  utilized  during  cruise,  esericil  results 
fer  such  flights  show  a  steady,  though  small  decrease  ©f  the  optical  propel iart  flow  rate 
during  cruise  at  maximal  possible  altitude  rsfleetimg  decreasing  argles  of  attack 

a*'tS. 

Figures  ?  to  I*  results  of  sonri tivity  Mist  performance  is 

characterized  by  a  stro ng  sensitivity  to  zixuu*  flight  altitude  h  .  to  the  distance  of 


weaving  flight 


and  to  the  maneuvering  acceleration.  Is  Figure  I1  two  simulation 


results  are  included  (narked  by  triangles) ,  which  Wwr©  obtained  utilizing  simplified  fuel 
flow  control  while  i*cortrol  remained  unchanged.  Both  correspond  to  a  maximal 

flight  altitude  0.3,  a  maneuvering  a-  ^deration  of  2  and  a  distance  of  2.  The 

first  example  refers  t©  a  fuel  flow  rate  vhicn  is  linearly  decreased  during  climb  to  the 


rbas*.  This  sLrrlif 


r©a  remits 


s  :n  a  ©eterioraiio©  c-i  t 


"ire  cruise  asm 


I  flight  oath  s 
Lion  K  >  X  and 


The  metrical  results 


ar  sss  mission  regiiTi 
the  fuel  control  sodtl 


system.  For  a 


ii cates  that  range 
Kit  f  1  ight 


ever,  wbes  missicn 
ratio  results  in  n 


PROPELLANT  CONSUMPTION  f  [n.d] 


TIME  t  [n_d] 


Figure  5:  Velocity  Time  History  for  three  Examples  of  Fuel  Flow  Control 


Figure  6:  Propellant  Flow  Rate  vs  Time  for 


three  Examples  of  level  Flight 


TIME  I  [n.d] 


FIGURE  7:  FLIGHT  ALTITUDE,  VELOCITY  and  RECOVERY  TEMPERATURE  vs  TIME 


TIME  t  [n.d] 


FIGURE  8:  CONTROL  VARIABLES  as  FUNCTION  of  TIME  for  FLIGHT  EXAIfLE  of  FIGURE  7 
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LATERAL  MANEUVERING  ACCELERATION  a,[nd.] 


Figure  11:  Range  Performance  vs  Lateral  Acceleration 


Figure  12: Effect  of  Jhrottle  Ratio  on  Range  Performance  for  low-kigh-lon 
Flight  Pruiiles  kith  Cruise  at  Altitude  h  as  noted 


DISCUSSION 


H.'Vittenberg 

Tile  optimum  control  for  maximum  range,  which  you  have  shown  in  your  examples,  seems  rather  complicated  to 
perform  in  actual  (light.  This  is  often  the  case  for  solutions,  which  arc  found  by  optimisation  theory.  Have  you 
compared  your  optimum  range  with  the  ranges  which  are  obtained  by  simpler  control  functions,  which  approximate 
the  ideal  ones? 

Author's  Reply 

Some  examples  of  trajectory  simulation  results  utilizing  simple  controls  are  given  it  the  written  paper  The 
simplified  controls  result  in  a  range  performance  decrease  of  abO"t  5  to  10  percent  when  compered  to  the  optimal 
solution.  However,  the  main  advantage  of  the  more  complex  control  programs  is  seen  in  the  fact  that  these  controls 
can  be  adjusted  such  as  to  avoid  violations  of  the  operational  constraints. 

The  problems  of  on  board  implementation  of  the  control  solution  has  not  been  considered. 


T.Ballingcr 

Have  you  considered  using  your  method  with  fewer  constraints,  particularly  with  regard  to  the  altitude  limits  which 
seem  a  little  low?  If  this  were  higher,  would  tile  throttle  limits  still  be  encountered?  if  such  were  the  case.  1  wonder 
if  you  would  encounter  a  more  continuous  control  for  both  the  angle  of  incidence  and  for  the  throttle? 

Author's  Reply 

Both  the  altitude  constraint  and  tiie  throttle  limits  imposed  on  our  problem  are  due  to  mission  requirements  and/or 
due  to  Hie  characteristics  of  the  propulsion  system.  Wc  have  considered  higher  altitude  trajectories:  however,  the 
altitude  had  to  be  restricted  to  the  range  of  available  propulsion  data,  which  is  limited  with  respect  to  height. 

Also,  for  a  wide  range  of  trajectory  optimization  problems,  we  have  neglected  the  constraints  on  throttle  ratio. 
Allowing  higher  altitudes  and  neglecting  the  propellant  flow  constraints  would  result  in  the  same  structure  of  the 
(light  profile  due  to  the  control  model  chosen  and  hence  would  not  change  the  characteristics  of  both  the  angle  of 
attack  and  the  throttle  control. 


Comment  by  R.Marguet  (In  Trench) 

Application  studies  in  Trance  have  shown  that  going  to  higher  altitudes  helps  the  optimization  of  range.  The 
improvement  in  range  at  20  to  22  kilometres  is  closer  to  !5ff  thin  5r>>. 

Author's  Reply 

Well.  1  think  it  doesn't  make  much  difference  whether  I  use  trajectories  for  several  maximum  altitudes  in  the  range 
between  10,  15  or  20  kilometres.  It  doesn't  make  any  difference  to  the  optimization  effort.  The  reason  why  v.e 
constrained  ourselves  to  this  range  is  that  we  were  considering  ducted  rocket  ramjets  with  restricted  throttle 
capabilities. 
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SUMMARY: 


For  the  axisymmetric  base  flow  problem  in  presence  of  an  exhaust  jet  a  study  is  carried  out  taking  into 
account  essential  physical  parameters.  Using  the  method  of  characteristics  ror  the  inviscid  flow  regions 
and  Korst’s  treatment  for  the  turbulent  shear  layers,  the  influence  of  the  approaching  boundary  layers 
is  introduced  by  the  concepts  of  equivalent  bleed  and  origin  shift,  and  the  ONERA  angular  criterion  is 
used  for  the  recompression  process.  With  respect  to  the  interference'  in  the  confluence  problem  of  inter¬ 
nal  and  external  shear  layers  special  attention  is  given  to  the  morentim  terms  in  the  ONERA  criterion  and 
a  modification  is  performed  in  order  to  achieve  agreement  of  both  reattachment  pressures  at  the  confluence 
point.  The  investigations  include  separation  from  conical  boattails  by  applying  a  simple  separation 
criterion  and  extend  to  small  angles  of  attack  by  computing  the  inviscid  '‘low  with  the  aid  of  a  linearized 
characteristics  method.  Furthermore,  for  the  axisymmetric  case  a  first  result  is  provided  from  numerical 
solutions  of  the  full  Navier-Stokes  equations  which  are  presently  calculated  in  order  to  gain  deeper  in¬ 
sight  into  the  flow  structure. 


1.  INTRODUCTION 

The  importarce  of  the  base  flow  problem  with  respect  to  performance  of  missiles  is  obvious  since  a  great 
part  of  tne  total  drag  might  result  from  the  afterbody  if  its  design  is  not  optimal.  Therefore,  the  after¬ 
body  contains  frequently  a  boattail  for  drag  reduction  (see  e.g.  /I/) .  But  the  increasing  pressure  on  the 
surface  of  an  axisymmetric  afterbody  when  the  diameter  diminishes  leads  easily  to  separation.  Once  the 
flow  is  separated  the  stability  is  affected  because  the  separation  position  moves  asymmetric  in  consequence 
of  a  disturbance  in  the  angle  of  attack.  Additionally,  in  presence  of  an  exhaust  jet  the  separation  re¬ 
gions  may  be  largely  extended  due  to  high  internal  pressure  resulting  in  loss  of  control  if  the  control 
surfaces  are  covered  by  the  separated  flow. 

I  the  past  some  authors  developed  prediction  methods  for  mis  complicated  flow  problem  in  the  axisymme¬ 
tric  case  by  use  of  a  component  model  (see  e.g.  the  survey  paper  /2/),  based  on  the  approach  of  a  simple 
downstream  facing  step.  The  supersonic  backstep  problem  can  be  calculated  in  the  following  way.  For  a 
trial  value  of  the  base  pressure  pe,  which  is  assumed  to  be  constant  in  the  stagnating  separated  regions, 
the  inviscid  boundaries  of  the  base  region  are  determined  by  the  method  of  characteristics.  Then  a  viscous 
shear  layer  is  imposed  on  each  boundary  and  the  streamline  discriminating  between  the  external  mass  flow 
and  the  mass  being  reversed  to  the  base  region  can  be  found.  Finally  a  closure  condition  must  be  formula¬ 
ted  for  the  reattachment  process  using  the  flow  conditions  on  the  discriminating  streamline.  By  iterative 
improvement  of  the  base  pressure  this  condition  is  fulfilled  and  the  solution  is  found.  The  first  success¬ 
ful  closure  was  accomplished  in  the  theories  of  Korst  / 3/,  Chapman  /4/,  and  Kirk  /5/.  They  assumed  that 
the  f’ow  on  the  discriminating  streamline  stagnates  at  the  reattachment  point  ir,  an  isentropic  stagnation 
process  and  that  the  corresponding  stagnation  pressure  is  equal  to  the  static  pressure  far  downstream. 

While  Korst  predicted  the  base  pressure  satisfactorily  for  the  case  of  turbulent  shear  layers  without  any 
account  of  an  initial  boundary  layer  at  separation,  Kirk  has  already  introduced  an  approximation  for  this 
feature.  Detailed  analysis  of  experiments  showed  the  quantitative  success  of  the  first  approach  of  Korst 
having  been  due  to  the  fact  that  two  effects  cancelled  each  other  approximately,  namely  the  neglect  of  the 
approaching  boundary  layer  and  an  incomplete  pressure  recovery  at  reattachment  /6/,  /7/.  This  knowledge 
led  to  the  construction  of  angular  reattachment  criteria  which  produce  good  results  in  connection  with 
initial  boundary  layers. 

The  more  conplicated  problem  of  a  flow  over  an  axisymmetric  afterbody  containing  a  centered  propulsive  jet 
has  been  treated  by  Addy  /8/,  who  applied  the  ideas  of  Korst’s  restricted  theory  on  the  confluence  of  the 
two  shear  layers.  But  for  good  agreement  with  experiments  it  was  necessary  to  modify  the  original  recom¬ 
pression  criterion  by  an  empirical  recompression  coefficient  depending  on  the  ratio  of  nozzle  radius  to 
afterbody  radius  only.  Further  investigations  for  boattailed  afterbodies  led  to  modifications  of  this  re¬ 
compression  coefficient  introducing  further  parameters  for  such  cases  /9 /.  Since  such  a  procedure  cannot 
account  for  all  physically  important  influences,  especially  not  for  a  Reynolds  number  dependency,  it  led 
sometimes  to  still  unsatisfactory  flow  predictions.  Hence,  it  was  decided  at  Dornier  to  introduce  the 
boundary  layer  corrections  in  combination  with  the  ONERA  reattactaent  criterion  into  that  method  and  to 
study  the  sensitivity  of  results  to  changes  in  uncertain  empirical  parameters  or  in  differences  concer¬ 
ning  the  treatment  of  the  approaching  boundary  layer  /10/.  While  this  procedure  corresponds  in  essence  to 
the  ONERA  calculations  for  cylindrical  afterbodies  /ll/,  the  addition  of  a  first  approximate  account  has 
been  made  for  the  interference  between  both  shear  layers  during  recompression.  The  present  paper  continues 
the  previous  investigations  by  additional  discussions  which  are  stimulated  by  an  excellent  survey  paper 
given  recently  /2/. 


x)  This  work  has  been  supported  by  the  German  Ministry  of  Defense 
under  contract  Ru'Fo  T/RF  42/80014/81413 


If  the  external  flow  exhibits  separation  already  on  the  boattail  surface  in  consequence  of  high  ratios  of 
jet  pressure  to  external  pressure,  a  simple  separation  criterion  has  been  included  into  the  method  /9/ 
extracted  from  many  experiments  on  upstream  facing  steps  /J 2/ .  Further  evaluations  of  experiments  indica¬ 
ted  the  importance  of  incipient  separation  effects  /13/  and  thus  led  to  a  modified  version  of  tne  separa¬ 
tion  criterion  which  is  presently  used. 

Only  a  few  investigations  are  known  which  deal  with  angle  of  attack  effects  for  afterbodies  containing  a 
propulsive  jet  (e.g.  /14/,  /IB/).  Restricted  to  small  angles  of  attack  for  avoiding  lee  side  vortices  the 
separation  line  nas  been  calculated  in  ref.  15  by  neglecting  the  angle  of  attack  influence  on  the  invis- 
cid  externa!  flow.  Then,  the  variation  of  the  separation  position  in  circumferential  direction  followed 
solely  from  changes  in  the  separation  criterion  due  to  corresponding  changes  in  the  boundary  layer  thick¬ 
ness  known  from  the  experiments  /IS/.  In  the  present  study  the  angle  of  attack  influence  on  the  externa! 
inviscid  flow  is  added  by  linearizing  the  angle  of  attack  effect  with  respect  to  the  non-linear  axisytnr,e- 
tric  solution.  This  approach  uses  the  well  known  linearized  method  of  characteristics  {see  e.g.  /16/)  and 
is  justified  by  restriction  to  sufficiently  small  incidence  excluding  the  shedding  of  lee  side  vortices. 
Knowing  the  inviscid  pressure  and  Mach  number  distribution  and  the  three-dimensional  boundary  layer  deve¬ 
lopment,  the  base  pressure  and  the  separation  point  can  be  calculated  for  each  meridian  plane  separately. 

Since  a  base  pressure  calculation  with  the  aid  of  the  component  model  requires  a  lot  of  empirical  para¬ 
meters,  which  contain  more  or  less  uncertainties,  the  results  are  somewhat  uncertain,  too,  if  no  further 
detailed  experiments  become  available.  Hence,  the  progress  in  numerical  solutions  of  the  Hav(er-Stokes 
equations  suggests  the  use  of  these  methods  (e.g.  /17/)  in  the  present  context  in  order  to  get  further 
insight  ir.to  the  details  of  the  flow  structure.  Although  such  numerical  solutions  may  include  some  un¬ 
certainties,  too,  due  to  deficiencies  in  the  knowledge  about  the  turbulence  structure  in  separated  regions, 
this  way  is  at  present  pursued  at  Dornier  for  the  axisymmetric  case  and  a  first  result  is  included  in  th° 
paper. 


2.  COMPONENT  APPROACH 
2.1  |xternal_Inyiscid_F!ow 

Assuming  homentropic  flow  and  prescribing  trial  values  for  the  base  pressure  p„  and  the  separation  location 
the  external  inviscid  'low  in  tne  axisy;, metric  case  is  computed  with  the  aid  oT  the  method  of  characteris¬ 
tics  for  potential  supersonic  flow.  Hence  the  separation  shock  {Fig.  1)  is  represented  by  an  isentropic 
compression  and  lip  shock  effects  cannot  occur,  which  were  supposed  to  cause  considerable  effects  /18/  and 
could  only  be  calculated  by  methods  of  characteristics  for  rotational  flow.  Correspondingly,  also  the 
inviscid  internal  jet  flow  is  calculated,  assuming  it  to  be  uniformly  conical  if  not  known  otherwise-  At 
the  impingement  point  of  both  inviscid  boundaries  of  the  separated  base  region  a  system  of  two  oblique 
shocks  is  presumed  for  determining  static  pressure  and  initial  Slipline  direction  behind  the  confluence 
point. 

For  cases  with  angle  of  attack  additional  characteristic  equations  have  to  be  solved  for  the  disturbances 
of  Mach  number  and  flow  direction  due  to  the  incidence.  Fortunately,  the  partial  differential  equation  for 
the  disturbance  potential  is  linear  and  it  exhibits  the  same  characteristics  in  the  physical  space  as  the 
quasi-1 inear  equation  for  the  underlying  axi symmetric  case.  Therefore,  the  numerical  procedure  is  straight¬ 
forward  once  the  axisymmetric  solution  has  been  found  in  an  iterative  way.  If  the  base  pressure  varies 
in  circumferential  direction,  the  parts  of  the  inviscid  flow  fields  which  are  influenced  by  pg  must  be 
calculated  separately  for  each  meridian  plane,  the  axisymmetric  solution  implicated.  In  applications  of 
linearized  characteristics  methods  discontinuities  appear  in  the  solutions  when  those  characteristics  are 
crossed  which  emanate  from  contour  points  of  discontinuous  curvature  or  discontinuous  slope.  Fortunately, 
the  influence  of  these  discontinuities  concentrates  on  local  zones  while  the  global  effects  remain 
negligible.  More  details  can  be  found  in  Ref.  /19/. 


2.2  §hear_Layers 

The  method  imposes  two-dimensional  shear  layers  on  the  three-dimensional  inviscid  boundaries  assuming  an 
asymptotic  error  function  profile  for  the  velocity  distribution  in  the  shear  region.  The  local  breadth 
of  this  layer  depends  on  the  distance  of  its  origin  and  on  the  spread  rate  parameter,  presently  used  ir. 
the  form  of  Korst  and  Tripp  /20/  as  a  pure  function  of  Mach  number  M 

O'  =  12  +  2.758  M  .  (!) 

Since  the  experimental  values  for  <r  exhibit  large  scatter,  the  influence  of  that  scatter  has  been  studied 
in  /10/.  Because  the  pressure  is  presumed  to  be  constant  and  identical  with  the  base  pressure  across  the 
sheer  layer,  the  density  profile  can  be  derived  from  the  velocity  distribution  under  the  assumption  of 
unity  turbulent  Prandt!  number.  This  correlation  follows  from  Crocco’s  relationship  where  non-isoenergetic 
cases  are  admitted  with  the  stagnation  temperatures  in  the  external  flow  and  in  the  separated  base  region 
being  different  /2l/.  Hence  the  principal  treatment  of  hot  exhaust  jets  is  provided  in  the  method  /8/,  but 
presently  no  use  is  made  of  this  facility  since  the  poor  experimental  information  on  those  problems  affects 
the  reliability  of  corresponding  predictions.  The  location  of  the  velocity  profile  with  respect  to  the 
inviscid  boundary  is  found  by  fulfilling  the  momentum  conservation  law  while  the  mass  conservation  fixes 
the  position  of  the  discriminating  streamline  already  mentioned. 

If  an  approaching  boundary  layer  is  present  it  undergoes  a  rapid  expansion  at  the  separation  point  or  a 
rapid  compression  in  case  of  a  shock.  This  event  can  be  calculated  with  sufficient  accuracy  by  a  simple 
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fora,* la  of  Nash  /22/  for  the  change  of  the  n^sentya  thickness 

fh_  .  ?l8  ula  (2,  Hc-'i 
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with  the  subscript  a  denoting  the  inviscid  flew  outside  of  the  shear  layer.  Differences  between  eq.{2) 
and  other  treatments  can  be  shown  to  have  negligible  influence  on  the  ease  Pressure,  Introducing  the 
initial  disturbance  by  this  layer  and  adding  a  bleed  stream  into  the  base  region,  the  momentum  and  mass 
conservation  laws  yield  that  the  position  of  the  discriminating  streamline  and  hence  also  the  velocity  or, 
it  depend  only  on  a  general  bleed  coefficient. 

C<?  =  '  9^*1  1  (3> 

where  «  is  the  mass  flow  and  i  the  momentum  of  the  bleed  streaa.  The  length  L  consists  of  the  length  of 
the  nixing  layer  from  separation  to  impingement  and,  in  addition,  of  a  virtual  upstream  displacement  of  the 
shear  layer  origin  due  to  the  finite  thickness  of  the  initial  layer.  In  that  way  eq,  (3)  contains  the 
classical  concepts  of  "equivalent  bleed"  and  “origin  shift"  where  the  origin  shift  is  presently  carried 
out  by  the  experimentally  well  proven  procedure  of  ref,  /23/.  The  present  formulation  of  Cq  (3)  is  slight* 
]y  different  to  the  original  one  of  the  ONERA  (see  /2/  or  X 24/ )  in  order  to  make  the  recompress  ion  crite¬ 
rion  formulas  independent  of  O' (see  '10/). 


2.3  ??ogopression_Cri terion 


Many  efforts  have  been  undertaken  to  mode!  the  recompression  process  properly  /2/.  From  an  engineering 
point  of  view  the  well  established  ONERS  angular  criterion  is  very  convenient  /6/  because  it  gives  simple 
correlations  and  contains  comprehensive  empirical  information.  It  is  based  on  two  experimentally  evident 
facts  for  simple  backsteps.  Firstly ,  the  recompression  deflection  angle  for  the  restricted  case  of  no 
bleed  and  no  boundary  layer  y  cannot  be  predicted  theoretically  but  must  be  taken  from  experiments.  For 
isoenergetic  cases  this  limiting  angle  is  a  pure  function  of  the  outer  flow  Mach  amber  shown  in  Fig.  2. 

It  is  very  close  to  the  corresponding  angle  calculated  from  Page’s  criterion  /?/  :n  the  important  Mach 
number  range  (2£Ha  £  4),  but  differs  essentially  from  Worst's  restricted  case.  The  limiting  angle  is  well 
approximated  by  the  hyperbola  given  also  in  fig,  2  /24/.  Secondly,  the  changes  of  the  actual  recosprsssion 
angle y  as  function  of  the  general  bleed  coefficient  C  (3)  are  well  predicted  by  the  theory  of  Korst  which 
gives  an  analytical  expression  for  the  gradient  of  y depending  again  on  the  Mach  number  alone  for  isoener- 
getic  cases.  Tnerefore,  frer.  the  first  two  terms  of  a  Taylor  series  expansion 
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the  general  bleed  coeff'cient  Cn  can  be  calculated  which  states  by  eq.  (3)  a  balancing  condition  between 
approaching  boundary  layer  and  Base  bleed.  For  a  simple  backstep  the  base  pressure  Pa  is  now  iteratively 
improved  until  eg.  (3)  is  fulfilled  while  for  the  two  layer  confluence  problem  eq.  (3)  gives  an  expression 
for  the  flux  leaving  each  shear  layer  between  the  discriminating  streamline  and  the  streamline  which  sepa¬ 
rates  the  original  external  mass  flux  from  the  entrained  mass,  the  so-calleo  j-streamline. 


Whereas  this  procedure  signifies  an  independency  of  the  reattactaent  pressure  development  in  both  shear 
layers  except  with  the  final  pressures  being  equal,  the  treatment  has  been  modified  in  Ref.  /10'  with 
respect  to  the  expected  interference  of  both  layers  /10/.-  In  reality  already  the  pressures  at  the  confluen¬ 
ce  point  must  be  equal  and  that  common  pressure  can  be  affected  by  the  downstream  flow  conditions  only  in 
a  very  restricted  manner  /25/.  Hence,  instead  of  prescribing  the  reattachsent  by  the  inviscid  flow  direc¬ 
tion  behind  the  trailing  shock  system,  the  reattachment  pressures  -  identical  with  the  stagnation  pressures 
on  the  discriminating  streamlines  -  are  required  to  be  equ’l  for  both  layers  implying  a  curvature  of  the 
slipline  between  reattachment  and  final  direction.  The  resulting  reattachment  direction  accounts  in  a  first 
approximate  fora  for  the  interference  between  both  reattaclment  processes  in  the  confluence  problem.  This 
procedure  is  called  "modified  ONERA  criterion"  in  the  following. 


2.4  t?55!_?3l4nce_and_Final_SoHition_ 

The  sun  of  the  entrained  mass  fluxes  leaving  both  shear  layers  at  the  confluence  point  in  addition  to  the 
original  external  and  interna!  mass  streams  must  be  balanced  by  an  eventually  present  base  Meed 

%  +  rai  *  «h-  ’  (5) 


Also  if  no  real  base  bleed  a  is  present,  eq.  (5)  permits  in  general  a  mass  stream  through  the  separated 
region  from  one  shear  layer  to  the  other.  The  determination  of  m  or  m,  from  eq.  (3)  requires  therefore 
an  estimation  of  the  corresponding  momentum  term  i.  While  this  term  has  been  neglected  in  /10/,  It  seems 
to  be  of  relevance  in  the  corresponding  ONERA  calculations  /2/  and  its  effects  are  therefore  investigated 
in  some  detail  by  the  present  study. 

If  both  shear  layers  are  treated  independently  the  mass  m  and  the  momentum  i  can  be  taken  from  the  outflow 
of  each  layer.  This  way  is  denoted  by  "momentum  terms  without  interference"  in  the  results  presented. 
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However,  in  the  important  case  of  no  base  bleed  also  the  bleed  terms  in  eq.  t3)  for  one  of  the  shear 
■  ,  lasers  can  be  understood  as  a  result  of  the  negative  bleed  due  to  the  outflowing  mss  in  the  other  layer. 

/{>-H  That  cethod  is  presently  characterized  by  "interference  momentum  teres*  since  it  models  an  interference 
influence  between  both  layers  in  addition  to  the  mass  flew  interference  (5). 

Finally,  in  all  cases  the  solution  can  he  found  by  improving  the  base  pressure  until  eq.  -5)  is  fulfilled. 
In  toe  non-isoenergetic  case  which  seans  different  stagnation  temperatures  in  the  external  and  internal 
inviscid  flow  the  solution  could  be  found  by  using  an  additional  iteration  loop  in  order  to  fulfill  the 
energy  balance  for  the  base  region.  Although  Addy’s  cethod  provides  this  facility,  no  attempt  h3s  been 
cade  to  compute  those  flews  since  the  ONERA  criterion  has  not  been  established  for  such  cases  ana  only 
few  corresponding  experiments  are  known. 


2.5  §?2dr?ti20.Qc!i§ri2D 


Zukoski  extracted  from  cany  exoerisents  on  upstream  facing  steps  in  supersonic  turbulent  flow  the  relation 
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where  the  subscript  1  denotes  quantities  insediately  upstream  of  separation  and  p  means  a  plateau  pressure 
developed  downstream  in  the  separated  zone  or  the  final  pressure  insediately  upstream  of  the  step  depending 
on  the  value  of  the  constant  C  (0.365  or  0.5  respectively;.  But  eq.  (6)  did  not  lead  to  generally  good 
agreement  with  experiments  and  when  recalculating  C  free  experiments,  a  strong  variation  of  this  constant 
was  found  >f  the  separation  point  moved  within  the  rearward  part  of  the  afterbody  /13/  as  shown  in  Fig.  3. 
Since  the  values  of  C  could  approximately  be  reduced  to  a  single  curve  if  they  are  plotted  against  the 
distance  from  the  base  plane  divided  by  the  boundary  layer  thickness,  these  variations  could  be  assigned 
to  systematic  incipient  separation  effects  and  could  be  approxicated  by  the  relation 
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where  s  is  the  distance  from  the  base,  &  the  boundary  layer  thickness  and  Cg  andet  two  constants  which 
approximate  the  experimental  findings  best  tor  the  values  0.5  and  1  respectively  (Fig.  3). 


Since  Kj  and  pj  in  eq.  (6)  for  an  arbitrary  position  of  the  separation  point  are  known  fros  the  fr, viscid 
solution,  eqs.  (61  and  (7)  relate  the  base  pressure  uniquely  to  the  separation  position.  Hence,  in  tne 
solution  procedure  the  iterative  change  of  the  tase  pressure  could  easily  be  replaced  by  an  iteration  of 
the  separation  point  without  affecting  the  rest  of  the  solution  process. 


3.  RESULTS  OF  THE  COMPONENT  APPROACH 

Figures  4  and  5  contain  comparisons  of  the  theoretical  base  pressure  plotted  versus  the  ratio  of  nozzle 
exit  pj  to  external  pressure  p«  with  FFA-experioents  /13/  where  the  data  of  the  nozzle  boundary  are  un¬ 
known.  The  case  of  Fig.  4  was  used  in  /10/  for  comparison  with  all  variants  of  the  component  model  dis¬ 
cussed  in  that  paper.  The  best  result  was  obtained  by  applying  the  modified  ONERA  recospresslon  criterion 
in  combination  with  the  other  components  as  indicated  above.  This  result  is  represented  by  the  solid  line 
in  Fig.  4.  Changing  over  to  the  usual  ONERA-criterion  but  including  interference  momentum  terms  (dashed 
line)  leads  to  the  deterioration  of  the  predictions  by  a  large  avaunt  in  the  directions  of  the  original 
Korst  criterion  of  isentropic  rec oppression  up  to  the  final  static  pressure.  However,  introducing  the 
momentum  terms  without  regard  tc  the  interference  (dashed-dotted  line),  being  identical  with  the  ONERA 
results  given  in  >c/,  the  results  achieved  zre  for  small  pressure  ratios  similarly  good  as  with  the  modi¬ 
fied  ONERA  criterion  while  convergence  failures  occured  for  high  pressure  ratios  just  as  in  the  Addy 
method  which  considerably  underpredicts  the  base  pressure.  The  convergence  failures  could  be  shown  to  be 
due  to  the  fact  that  tne  necessary  flow  deflection  in  the  external  inviscid  flew  at  impingement  exceeds  the 
maximum  possible  deflection  angle  in  an  oblique  shock.  Herce,  this  problem  is  probably  related  to  the 
experimental  observation  of  embedded  normal  shocks  /I5/  i-esultiig  in  a  flow  pattern  similar  to  the  well- 
known  Hach  reflection. 

Fig.  5  shows  a  further  FFA-case  having  a  higher  external  Kach  number.  Now  only  the  momentum  terms  without 
interference  are  used  and  the  conclusions  are  analogous  to  those  for  fig.  4.  In  addition,  a  result  is 
presented  for  the  modified  ONERA-criterion  including  rawentua  terns  wfticn  leads  to  a  further  improvement 
of  the  predictions.  However,  for  high  pressure  ratios  essential  discrepancies  still  remain  which  can  possi¬ 
bly  be  attributed  to  lip  shock  effects  /IS/  being  not  calculable  with  the  present  method  because  of  the 
restriction  to  homentropic  flow  in  the  inviscid  regions. 

Fig.  6  depicts  the  comparions  with  an  ONERA  expt:  iment  for  two  different  Hach  mxsbeirHj  in  the  nozzle 
exit  which  has  a  relatively  small  diameter  /2/.  Since  tne  data  of  the  nozzle  boundary  layers  are  known, 
they  are  introduced  in  the  calculations.  The  ONERA-criterion  including  momentum  terns  without  account  for 
interference  leads  similarly  as  the  ONERA  theory  ,'Zf  to  good  agreement  with  the  experimental  values  up  to 
tne  high  pressure  ratios  of  the  case  Nj  =  Z  while  the  txxiitied  ONERA  shows  slightly  higher  deviations  and 
the  interference  momentum  terms  cause  large  discrepancies.  Fig.  7  again  presents  a  comparison  with  an 
ONERA  experiment  which  agreed  excellently  with  the  ONERA  theoretical  predictions  /!!/,  the  ONERA  theory 
almost  coinciding  with  the  Addy-curve  in  Fig.  7.  The  present  method  overpredicts  the  base  pressure  some¬ 
what,  also  if  momentum  terns  without  interference  are  used  in  the  normal  ONERA  criterion.  In  order  to  give 


in  impression  how  the  very  thin  ncz2le  boundary  layer,  which  is  neglected  in  cost  investigations,  affects 
the  base  pressure,  corresponding  results  with  and  without  interna]  boundary  layer  are  given  in  Fig.  7. 
Although  the  internal  boundary  layer  is  about  an  order  of  magnitude  thinner  than  the  external  one,  it  in¬ 
fluences  considerably  the  base  pressure. (The  complete  experimental  data  for  this  configuration  are  knew, 
from  private  coMinicationJ 

Summarizing  these  results  it  say  be  stated  that  the  momentum  terms  in  the  rectsfression  criterion  are  of 
obvious  isortance.  Sat  because  of  doubts  cr.  the  correct  way  to  introduce  then  a  further  uncertainty 
arises  in  the  method  in  addition  to  those  already  discussed  in  flQf.  Furthermore,  the  nozzle  boundary 
layer  appears  to  be  always  of  reasonable  influence  also  if  it  is  extremely  thin,  hence,  in  order  to  remove 
uncertainties  from  the  prediction  methods  further  thoroughly  performed  experiments  are  urgently  needed 
which  give  detailed  insight  in  the  structure  of  the  flow  field  for  the  two  layer  confluence  problem,  with 
regards  to  these  aspects  also  rmerical  solutions  oi  the  full  time  averaged  Kavier-Stokes  equations  can  b_- 
vary  helpful. 


3.2  5§5u}ts^for_5egaration_frgm_£onical_Boattails 

8cccrding  to  Fig.  8  a  good  prediction  of  the  separation  point  is  achieved  for  all  boattail  ang1esA?of  the 
FFA-experisents  /13/  in  the  rear  part  of  the  afterbody  using  the  modifications  of  the  separation  criterion 
discussed  above.  But  disagreement  takes  place  in  forward  positions  which  is  caused  by  the  sensitivity  of 
the  separation  criterion  to  seal 1  base  pressure  variations  and  by  differences  between  theoretical  and  ex¬ 
perimental  pressure  -nd  Xach  number  distributions  on  the  afterbody  due  to  viscous  effects  at  the  body- 
boattail  junction,  ne  results  of  Fig.  3  are  achieved  using  the  empirical  '•ec expression  coefficients  for 
conical  boattails  / 9 /  which  give  ^specially  good  results  for  the  FFA  experiments.  A  change  to  the  sore 
physically  based  approach  described  in  section  2  worsens  the  agreement  between  theory  and  experiment,  again 
revealing  the  sensitivity  of  the  separation  point  position  to  small  changes  in  the  base  pressure. 

Fig.  9  shows  the  corresponding  results  for  the  coefficient  of  the  total  afterbody  drag  C„~  plotted  versus 
boattail  angle  fie  with  the  ratio  of  internal  to  external  static  pressure  as  parameter.  bD  The  agreement 
with  the  experiments  /I3/  is  good  for  small  boattail  angles  ard  low  pressure  ratios  where  no  sepa/atiun 
or  only  incipient  separation  is  present  while  the  predictions  become  worse  if  extended  separation  regions 
occur. 

In  conclusion  these  results  for  boattail  separation  also  establish  the  need  for  further  detailed  experi¬ 
ments  and/or  Mavier-Stokes  calculations  in  order  to  explore  the  sensitivities  shown  and  to  improve  the 
reliability  of  the  predictions. 


3.3  55gle_of_Attack_Resul ts 

First,  for  verification  of  the  results  from  the  linearized  characteristics  method  a  calculated  boattail 
pressure  distribution  is  prepared  with  a  corresponding  experiment  /14/  in  Fig.  10.  In  three  meridian  planes 
which  can  be  identified  easily  with  the  aid  of  the  principal  sketch  given  in  this  figure,  the  differences 
between  the  pressure  coefficient  of  the  angle  of  attack  case  and  the  corresponding  axisyametric  case  is 
depicted  versus  the  distance  from  the  body-boattail  junction.  The  results  show  clearly  the  principal  ad¬ 
vantage  of  linearized  characteristics  method  ("present  method’ )  ccrparec  with  the  usual  linearization  for 
supersonic  flow  ("linearized  theory"),  which  means  a  linearization  based  on  the  undisturbed  parallel  flow. 
The  present  method  represents  much  better  the  tendency  of  the  measured  pressures  than  the  values  from 
linearized  theory  which  are  constants  in  each  meridian  plane,  nevertheless,  in  the  rear  part  of  the  after¬ 
body  the  agreement  becomes  obviously  poor  because  of  boundary  layer  separation.  But  one  must  not  be  con¬ 
cerned  on  the  following  comparisons  with  FFA  experiments  from  this  point  of  view  since  the  corresponding 
afterbodies  extend  only  to  one  caliber  behind  the  body-boattsil  junction.  However,  other  discrepancies 
appeared  in  these  measurements  as  already  pointed  out  in  Ref.  / I 5/ . 

The  boundary  layer  data  needed  for  the  separation  prediction  are  taken  from  the  experiments  at  angle  of 
attack  /15/  but  these  data  are  available  only  immediately  upstream  of  the  afterbody.  Fig.  11  shows  the 
calculated  pressure  distributions  on  an  annular  base  of  a  conical  afterbody  compared  with  FFA-experiments 
/IS/  for  different  ratios  of  jet  pressure  to  external  pressure.  In  general  the  experimental  trend  is 
approximated  satisfactorily  by  the  theory.  For  cases  without  separation  on  the  boattail  surface 
(pj/p  =1)  the  theoretical  base  pressure  distribution  compares  well  with  the  experimental  pressure  oistri- 
bution  at  the  end  of  the  afterbody, and  the  agreement  between  theory  and  experiment  is  better  by  use  of  the 
empirical  recompression  coefficients  /8 /  than  by  use  of  the  more  physically  based  approach  ("fundamental 
influence  parameters").  This  inaccuracy  of  the  last  mentioned  and  above  discussed  approach  is  probably  due 
to  the  unknown  changes  of  the  boundary  layer  thickness  over  the  boattail  surface.  For  higher  pressure 
ratios  only  the  recompression  coefficients  are  used  because  of  the  worse  separation  prediction  by  use  of 
the  more  physically  based  approach  as  mentioned  above.  The  predicted  base  p.  essure  distribution  exhibits 
little  sensitivity  to  changes  in  the  separation  criterion  as  can  be  seen  by  comparison  of  the  calculations 
using  the  real  local  pressures  and  Kach  numbers  with  those  based  on  the  underlying  axisymmetric  data. 

In  contrast  to  the  base  pressure  behavior  the  position  of  the  separation  line  is  considerably  sensitive  to 
such  changes  in  the  separation  criterion  (Fig.  12),  especially  in  the  forward  part  of  the  afterbody. 

Fig.  13  shows  a  comparison  for  the  inclination  of  the  plane  going  through  the  outermost  leeside  and  wind¬ 
ward  side  points  with  the  measured  inclination  and  with  the  simplified  calculations  ty  neglecting  the  de¬ 
viations  from  the  axisyrasetric  case  in  the  external  inviscid  flow  /IS/,  Obviously,  the  present  method  gives 
worse  agreement  for  the  higher  pressure  ratios  but  for  a  final  judgement  further  details  on  the  experi¬ 
mental  separation  line  are  needed. 


In  conclusion,  for  the  angle  of  attack  case  the  reliability  or  the  predictions  suffers  ever,  sore  than  in 
the  axisysseiric  case  from  tiie  lack  of  detailed  experiments !  information.  Savier-Stokes  solutions  could  not 
yet  be  provided  because  of  the  high  cooogtational  effort  needed  for  fully  tftree-ditensional  calculations. 


4.  SOLUTIONS  Of  THE  Full  KAVIER-STSxES  cQUAT  1 G-NS 

Another  approach  to  the  afterbody  probite  is  to  scive  reserically  the  tise-dependent,  compressible  Navier- 
S tokes  equations  with  time-averaged  turbulence  structure  / 26/ .The  planar  two-disensional  computer  program 
developed  by  S.  Qeiwert  has  been  codified  by  J.  L.  Jacocks  717/  to  enable  computation  of  axixyasetric  flew 
over  nozzle  afterbodies  with  either  real  or  sisulated  pluses.  The  basic  numerical  algorithm  is  the  expli¬ 
cit  predictor-corrector  scheme  of  HacCoraack.  Turbulence  swelling  is  accomplished  using  the  algebraic, 
two-!?  er  eddy  viscosity  code!  of  Baldwin  and  Looax  with  a  local  codification  as  a  function  of  vortieity 

described  by  Jacocks  /I?/.  This  method  is  presently  being  evaluated  at  Cornier  and  mc-dified  to  account  for 

the  sore  recent  sememes  of  Ref.  727/  ano  Bef.  / 28/. 

The  sesh  generation  is  fully  automatically  based  on  a  plume  shape  guess,  the  missile  shape  and  an  x-siation 
prescription  as  a  C-typ®  cesh.  Symmetry  is  ensured  by  cirror-inane  volumes  at  the  centerline.  The  sesh 
consists  of  a  fine  mesh  with  a  first  cel!  size  scaled  with  Vlfke  and  totally  20  cells  to  represent  the 

viscous  dominated  region  and  15  cells  for  the  outer  mainly  inviseid  region.  Fig.  14  depicts  the  sesh  being 

used  in  the  present  example.  Zero-slip  conditions  at  solid  surfaces  are  applied  using  the  reflection 
principle  on  velocities,  evaluation  of  the  normal  momentum  equation  for  pressure,  adiabatic  wall  condi¬ 
tions  for  internal  energy,  and  the  equation  of  state  for  density.  Inflow  boundary  conditions  are  fixed  in 
time  at  tha  initial  free  stress  conditions  as  is  the  upper  boundary  condition.  The  outflow  or  downs t rear, 
boundary  condition  is  updated  assuming  zero  gradients  in  the  streamwise  direction.  For  the  supersonic 
real-plume  calculation,  the  nozzle  conditions  are  fixed  to  the  initial  supersonic  jet  conditions. 

As  indicated  by  fig.  14,  the  shear  layer  between  jet  plume  and  separated  base  region  is  not  satisfactorily 
resolved  in  this  preliminary  test  computation.  Hence,  no  definite  base  pressure  could  be  achieved  and  the 
calculated  pressure  exhibits  considerable  scatter  immediately  behind  the  base  (fig.  15).  The  velocity 
profiles  of  the  body  boundary  layer  and  the  external  shear  layer  (fig.  16)  are'well  represented, but  trey a re 
within  the  expected  impingement  region  (x/DssS.B)  still  far  from  the  asymptotic  fora  presumed  in  the 
component  model.  Therefore,  this  first  result  provides  already  a  valuable  insight  into  an  aspect  of  the 
shear  layer  development  which  may  cause  considerable  deviations  fre-s  the  component  model  assumptions. 
Further  work  will  be  done  at  Oornier  in  the  near  futuie  in  order  to  model  properly  also  the  second  shear 
layer  bounding  the  separated  region. 


5.  CONCLUSIONS 

The  cospanent  approach  in  tr.e  present  fora  allows  to  account  for  initial  boundary  layers  and  leads  with  tie 
aid  of  the  modified  GHERA  angular  criterion  to  reasonable  predictions  of  base  pressures  in  spite  of  a  few 
p-reseters  and  components  remaining  still  somewhat  uncertain.  The  separation  point  on  boattail  surfaces 
can  be  satisfactorily  determined  for  the  incipient  separation  range.  For  small  angles  of  attack  the  calcu¬ 
lated  circumferential  behavior  of  the  base  pressure  is  in  agreement  with  experiments  while  the  calculated 
separation  lines  seem  to  be  less  accurate.  In  order  to  improve  the  prediction  method,  additional  detailed 
experiments  are  needed  with  respect  to  the  confluence  of  two  shear  layers,  to  the  separation  on  boattails, 
and  to  the  angle  of  attack  effects.  Corresponding  numerical  solutions  of  the  full  Na/ier-Stokes  equations 
can  be  very  helpful,  too,  although  then  other  uncertainties  may  arise  from  turbulence  modelling  in  sepa¬ 
rated  regions. 


6.’ 

REFERENCES 

/!/ 

WHITE,  R.A. 

Optimum  afterbody  considerations  for  supersonic  flow  with  a  centered  propulsive 
nozzle  including  the  effects  of  the  flow  separation. 

FFA  TN  AU-863 ,  1971 

72/ 

DELERr,  0 
SSR1EIX,  H 

Ecculesents  de  culot. 

In:  AGARD  Lecture  Series  No.  93  "Missile  Aerodynamics",  1979 

737 

KORST,  H.H. 

A  theory  for  base  pressure  in  transonic  and  supersonic  flow.  Journal  of  Applied 
Mechanics,  Vol.  23,  pp.  593-600,  1956 

/«/ 

CHAPMAN,  O.R. 
KUEHN,  D.H. 
LAPSON,  H.K. 

Investigation  on  separated  flows  in  supersonic  and  subsonic  streams  with  emphasis 
on  Lie  effect  of  transition. 

NACA  Rep.  1356,  1953 

75/ 

KIRK,  F.N. 

An  approximate  theory  of  base  pressure  in  two-dimensional  flow  at  supersonic  speeds 
3AE-TS  Aero  2377 ,  1959 

76/ 

CARRIERS, P. 
SIRIEIX.H. 

Facteurs  d’ influence  du  recolleoent  d’un  eeouleaent  supersonique. 

Proe.  10th  Int.  Cong,  of  Applied  Mechanics,  Stresa,  Italy,  I960 

17/ 

PAGE,  r.h. 
hESSLER,  T.J. 
HILL,  W.S.Or. 

Reattachsent  of  two-dimensional  supersonic  turbulent  flows. 

ASHE-Paper  67-FE-20,  1967 

. . I . . . IIIMIIIIIIII1IIII . . ' 


/a/ 

ASST,  A.L. 
XORST,  h.H. 
icilTE,  R.A. 

/s/ 

ieilTE,  R.A. 
ADDT.  A.L. 

asrell.j. 

/JO/ 

WASTES,  3. 
WHITE,  R.A. 

/II/ 

S1RIE1X,  K. 
DiLERY,  J. 
WRASSE,  J. 

mi 

PJXOSM,  E.E. 

mi 

-SPELL ,  0. 
WHITE,  R.A. 

mi 

CORTRIGHT,  £. 
SCHROEDES.A.i 

nu 

WHITE,  S.A. 
ASRELL,  0. 

na 

FERSI,  A. 

nv 

JACOCKS,  J.L. 

/is/ 

XESSLER.T.O. 

nv 

WAGNER,  3. 

/20/ 

XORST ,H.H. 
TRIPP,  W. 

/2i  / 

XORST,  H.H. 
CHOW,  W.L. 

nv 

HASH,  J.F. 

mi 

S1R1EIX,  K. 
SOUGHAC.J.L 

mi 

SQLIGHAC,J.L 

OELE.RT.J. 

mi 

SISIEIX.H. 
WRANDE.J. 
SiLERT ,J. 

mi 

schx:dt,v. 

nv  jahesqh.a. 

SCmiOT.H. 
TUSXEL,  E. 

/W  MACCOSHACK,R.W. 


A  study  of  flow  separation  in  the  base  region  end  its  effect  during  powered 
flight. 

AGARO  CP-12S,  1373 

An  improved  experimental -theoretical  base  pressure  correlation  far  conical  and 
cylindrical  afterbodies  with  centered  propulsive  nozzle. 

?roc.  10th  Snt.  Sy«sosium  on  Space  Technology  and  Science,  Tokyo,  Japan,T973 

Supersonic  base  flow  problem  in  presence  of  an  exhaust  jet. 

AIAS-Jouroa! ,  Voi.  IS.  Pp-  376-882,  1 9:0 

Rechercr.es  exp^rinentales  fcndasentales  sur  les  ecou’ese-.ts  sfoares  et  applica- 
5NERA.  TP  So.  620,  135? 

Turoalent  soundary-layer  separation  in  front  of  a  forward  facing  step. 
AlAA-Ooumal  5,  pp.  1746-1753,  1957 

An  experimental  investigation  of  supersonic  axisysseir-'c  flow  over  boat  tails 
containing  a  centered  propulsive  jet. 

."A  TH  AL'-Si3,  1974 

Investigation  at  Mach  nunber  1.91  of  side  a  ns  base  pressure  attributions  over 
conical  boattails  without  and  with  jet  flow  issuing  f res  base. 

-MCA  RH  E51F26,  13:1 

coattail  and  base  pressure  prediction  including  flow  separation  fc  afteroodies 
with  a  centered  propulsive  jet  ana  supersonic  external  flow  at  s-nall  angles  of 
attack. 

AiAA-paper  77-358,  1577 
Linearized  characteristics  methods. 

In:  Sear,,  W.R.  (editor):  General  Theory  of  High  Speed  Aerodynamics, 

Princeton  University  Press,  Princetor.,  h.j.,  pp.  557-558,  !3SA 

Computation  of  axisyseetric  separated  nozzle-afterbody  flew. 

AE3C-TR-79-71,  1330 

A  theory  for  two-diaensional  supersonic  turbulent  base  flews. 

AIAA-Paper  63-63,  1369 

Auswirkung  wichtiger  physikalischer  EinfluSfaktoren  auf  die  Strosung  an 
zylind1 ischen  und  konischen  Hecks  sit  "reibstrahl  is  Oberschall. 

DORMER  73  78/213,  1373 

The  pressure  on  a  blunt  trailing  edge  separating  two  supersonic  two-dimensional 
air  streass  of  different  tech  number  and  stagnation  pressure  but  identical 
stagnation  temperature. 

Free.  5th  Hidwestem  Conference  on  Fluid  Hech.,  1357 

Nor.-isoenergetic  turbulent  (?r  =1}  jet  mixing  between  two  compressible  stress 
at  constant  pressure.  1 

NASA  CR  419,  1356 

An  analysis  of  tws-disensional  turbulent  base  flew,  including  the  effect  of 
the  approaching  boundary  layer. 

ARC  S  i  K  3344,  155? 

Contribution  i  ! 'etude  experisentale  de  la  couche  do  sAlange  turbulent  isobare 
d’ua  ecouleser.t  supersonique. 

AGARS  CP-4,  1956 

Contribution  S  l’itude  aerodynamique  des  systeses  prooulsifs  a  double  flux. 
ONESA  TP  No.  1050,  1372 

Experiences  fondasentaies  sur  le  recol’esent  turbulent  d’an  jet  supersonioye, 
A5AR3  CP-4,  1966 

Havier-StokeS-Untersushungen  an  axisyasetrisehen  Flugs.jrper-Heckforser.  sit/ohne 
Treibstrahi . 

Presented  at  the  15th  meeting  of  the  0O,R-Ausschu5  231  "rlugkorper", 

DPf'LR  Cologne,  March  1931. 

Nyserical  solutions  of  the  Euler  equations  by  finite  volume  methods  using 
Runge-Kutta  time-stepping  schemes. 

AI.AA-Paper  31-1253,  1331 

A  nmerical  method  for  solving  the  equations  of  compressible  rsscous  flow. 
AIAA-Paper  81-0110,  1S8: 


DISCUSSION 


T.Ballinger 

Do  you  have  an  idea  as  to  whether  your  method  can  be  used  with  a  hot  jet  efflux,  and  do  you  know  of  or  plan  to 
carry  out  any  new  experiments  using  a  hot  jet  efflux? 

Author's  Reply 

We  do  not  intend  to  cany  out  such  experiments,  but  we  appreciate  if  research  establishments  would  undertake 
detailed  measurements  on  that  subject.  Jn  principle,  the  method  is  capable  to  treat  hot  gas  effects  similarly  as 
Addy’s  method.  But  at  present,  the  ONERA  recompression  criterion  accounts  only  for  isoenergetic  cases  (equal 
stageration  temperatures  in  the  jet  and  in  the  external  stream).  Hence,  we  need  further  experimental  information 
in  order  to  make  the  predictions  reliable  for  the  case  of  hot  jets. 


J. Berat'd 

L’auteur  peut-il  preciser  si,  a  son  avis,  !e  module  ue  culot  qu'il  a  d£velopp :  est  capable  de  trailer  le  cas  des  jets 
rdactifs?  ctt  par.iculier,  dans  le  cas  des  moteurs-fusde  a  propcrgols  solides,  les  ga£  de  combustion  sont  rdducteurs,  et 
la  prediction  de  la  post-combustion  est  tin  probieme  important. 

Author's  Reply 

I  think  that  in  principal,  it  could  be  introduced,  but  we  don’t  know  details  of  the  hot  gas  effect  on  the  recompres¬ 
sion  process. 
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SUMMARY 

Experimental  studies  are  reported  upon  concerning  base  and  external  burning  behind  an  axisymmetric  bluff  base 
body  in  Mach  3  flight.  Pure  hydrogen  and  hydrogen  diluted  with  COj,  He  and  Nj  were  the  fuels.  A  variety  of  base 
configurations  were  used  and  external  burning  used  radial  jut  injection  with  bo'h  subsonic  and  supersonic  jets.  Some  wind 
tunnel  interference  problems  arose  which  limited  consideration  of  the  results  to  base  pressure  elevation  to  free  stream 
static  pressure.  A  maximum  performance  condition  was  identified  as  a  line  in  I^p  -  base  pressure  rise  space  which  was 
achievable  with  all  configurations  and  combinations  of  base  and  external  burning.  The  major  determinant  of 
performance  is  the  total  heat  dump  rate  into  the  wake,  and  only  minor  differences  In  performance  result  from 
configuration  and  fuel  type  details. 


INTRODUCTION 

There  are  several  conceivable  missions  for  bodies  in  supersonic  flight  where  drag  reduction  would  be  beneficial. 
One  method  of  achieving  such  drag  modification  is  by  external  or  base  burning  or  a  combination  thereof.  Various  spurts  of 
attention  have  been  paid  to  these  techniques,  with  the  latest  concerted  effort  having  taken  place  recently. 

In  external  burning  the  idea  is  to  inject  a  fuel  peripherally  from  a  body  in  order  to  place  it  into  the  rnore-or-less 
inviscid  stream  external  to  the  near  wake.  The  compression  waves  from  the  combustion  in  the  supersonic  flow  would  then 
impinge  on  the  largely  subsonic  near  wake  and  elevate  the  base  pressure,  in  pure  base  burning  the  injection  takes  place 
into  toe  subsonic  near  wake  and  combustion  elevates  the  base  pressure  by  increasing  the  stagnation  temperature  of  the 
dividing  streamline.  This  in  turn  destroys  the  capability  of  the  fluid  to  sustain  a  reattach. .'ent  pressure  rise  and  the  base 
pressure  tends  toward  the  freestream  static  pressure.  In  pure  external  burning  there  is,  in  principle,  no  such  constraint  on 
the  base  pressure  and  levels  above  free  stream  static  pressure  could  be  expected. 

Analysis'"  has  revealed  that  with  pure  external  burning  the  specific  impulse  performance  is  quite  poor  for  large 
base  pressure  rises.  This  has  been  confirmed  experimentally/"  However,  analysis^"  and  experimentation^’^have 
determined  that  a)  for  low  drag  reduction  pure  base  burning  is  efficient  and  b)  the  combination  of  base  burning  and 
external  burning  may  be  attractive  for  moderate  drag  reduction. 
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Through  a  sequence  of  programs,  starting  with  cold  flow  manipulation  of  the  near  wake  and  progressing  through 
burning  tests,  this  laboratory  has  gathered  substantial  data  on  external/base  burning  phenomena.  The  purpose  here  is  to 
draw  this  work  together  and  attempt  any  generalizations  which  may  be  made. 

TEST  FACILITY 

The  blowdown-type  test  facility  was  designed  to  simulate  the  base  flow  for  an  axisymmetric  body  at  Mach  3  with  a 
bluff  base.  The  Reynolds  number,  based  on  the  base  diameter  is  3  x  10®.  The  test  section  is  shown  in  Fig.  1.  The  hollow 
cylindrical  model  is  supported  in  the  ducting  upstream  of  the  nozzle  where  the  Mach  number  is  0.07.  This  virtually 
eliminates  support  effects.  Gases  for  base  injection  and  instrumentation  leads  are  ducted  into  the  model  through  the  four 
support  struts.  Base  pressure  is  evaluated  as  the  average  of  five  pressures  measured  on  the  base  plane.  The  tunnei  flow  is 
not  heated  and  the  stagnation  temperature  drifts  downward  from  about  483K  to  053K  during  a  typical  run.  Several 
pressures  are  measured  on  the  model  and  tunnel  surfaces  to  ascertain  that  flow  conditions  are  repeated  from  test  to  test. 
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A  computer  based  data  acquisition  ystem  controls  testing  and  data  retreival. 
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From  time-to-time  a  traversing  probe  is  inserted  into  the  wake  to  measure  pitot  and  static  pressures  tad  stagnation 
temperature.  This  is  especially  crucial  when  wind  tunnel  interference  effects  are  to  be  studied.  In  this  regard,  noting  Fig. 

1,  any  reflected  wave  from  the  base  lip  will  reflect  from  the  tunnel  wall  and  reintersect  the  wake  at  9.5  base  radii 
downstream  of  the  base.  If  the  wake  it  not  fully  supersonic  by  this  station,  it  is  possible  (and  likely)  that  the  base  pressure 
will  be  altered  by  this  interference  effect. 

The  base  configurations  studied  are  shown  in  Figs.  2  and  3.  Wi*h  peripheral  injection  for  external  burning  both 
supersonic  and  subsonic  jets  were  used.  Moreover,  bases  with  and  without  a  circumferential  channel  (for  flameholding) 
were  used.  For  pure  base  burning,  a  simple  porous  base  plate  was  used.  Cne  other  base  plane,  not  shown,  injected  the 
hydrogen  radially  through  a  circumferential  slot,  since  this  was  a  configuration  tested  in  Ref.  (5)  at  Mach  2. id. 

For  foreign  gas  dilution  of  the  hyorogon  the  facility  is  equipped  to  mix  CO-,  He  or  Nj  with  the  Hj  upstream  of  the 
injection  positions.  This  dilution  was  used  to  investigate  the  effect  of  injectant  molecular  weight  and  effective  fuel 
heating  value  (hpp  ). 

RESULTS 

The  specific  impulse  0sp  )  is  defined  as  the  change  in  base  pressure  with  and  without  injection  times  the  base  area 
divided  by  the  injectant  flow  rate.  That  is,  it  is  the  drag  change  divided  by  fuel  flow  rate.  The  base  pressure,  p^ ,  and  the 
free  stream  static  pressure,  pp  are  determinants  of  base  drag.  If  Pj  base  drag  has  been  eliminated. 

For  pure  base  burning,  cold  Hj  injection,  radial  slot  injection  and  subsonic  radial  jet  injection  the  results  are 
summarized  in  Fig.  4.  These  results  are  all  for  pure  Hj.  Except  for  the  radial  jet  injection,  a  unique  I<-p  vs  injection  rate 
appears  on  Fig.  4.  The  injection  parameter,  1,  is  equal  to  the  injectant  flow  rate  divided  by  the  free  stream  wind  tunnel 
air  mass  flux  through  an  equivalent  base  area.  The  Slightly  poorer  performance  shown  by  the  radial  jet  injection  is 
probably  due  to  some  axisymmetries,  which  arc  known  to  reduce  performance/®^ 

Perhaps  a  more  illuminating  way  to  present  the  data  is  on  a  plot  of  Ijp  vs  base  force  due  to  burning,  as  shown  in 
Fig.  5.  Here  the  maximum  performance  line  of  Fig.  4  tecomes  a  straight  Fne  winch  has  been  placed  in  Fig.  5.  On  Fig.  5 
have  been  shown  only  data  with  supersonic  jet  injection  combined  with  base  burning  or  for  pure  base  burning.  There  is 
significant  scatter  on  this  figure;  the  lower  performance  points  were  visually  identified  with  poor  combustion  with  the 
radial  jets.  But  the  major  point  is  the  following:  If  dverything  is  working  well,  it  doesn't  matter  if  pure  base  burning  or  a 
combination  of  external  burning  and  base  burning  are  used;  the  performance  Can  achieve  tlx  maximum  performance  line  if 
base  ,'orce  changes  are  less  than  or  equal  to  the  base  drag.  The  efficiency  is  also  impressive;  85%  base  drag  reduction  can 
!•.  .  .moved  at  an  ‘sp  of  4000  sec.  This  is  comparable  to  ramjet  efFciencies  at  these  conditions  and  is  achieved  without 
i'  let,  combustion  chamber  or  nozzle. 

Three  points  lie  to  the  right  of  the  maximum  performance  line  on  Fig.  5,  and  they  do  so  when  attempting  strong 
radial  injection  to  increase  the  base  force  level  (note  the  scale  break  on  Fi,q,  5).  High  force  levels  were  achieved  here  but 
probing  of  the  wake-  indicates  wind  tunnel  interference;  the  wake  still  contained  subsor.lc  portions  of  flow  at  9.5  radii 
downstream  of  the  base.  Sixe  base  pressure  on  these  runs  W3S  above  free  stream  st.-tic,  the  wave  emanating  from  the 
base  lip  is  a  compression  wave  and  undoubtedly  increased  the  base  pressure  upon  reflection  and  intersection  with  the 
wake.  Cons-quently,  these  points  must  be  regarded  as  suspect.  In  this  regard.  Ref.  (2)  had  a  free  jet  boundar-  as  the  wave 
reflection  surface  and  the  opposite  effect  may  have  occurred,  causing  an  underestimate  of  performance. 

For  the  case  of  base  pressure  less  than  free  stream  static  pressure,  the  wave  emanating  from  the  base  lip  is  an 
expansion  wave,  and,  if  interference  occurs,  it  is  argued  that  performance  is  degraded.  Hence,  the  results  here  are 
believed  conservative  at  low  base  force  levels. 

Turning  now  to  the  effect  of  diluents,  Fig.  6  presents  the  resuHs  at  force  levels  corresponding  to  base  drag 
reduction.  It  is  found  that  by  and  large,  if  Ijp  is  scaled  by  the  inverse  ei  hpp  ,  the  maximum  performance  line  again 
represents  all  data.  There  is  some  scatter,  especially  at  the  min- drag  reduction  f»int,  but  there  is  a  remarkable  collapse 
of  the  data.  With  dilution  the  molecular  weight,  density,  flame  temperature  turbulent  mixing  rates  all  must  change. 
There  is  also  3  visible  change  in  flame  location.  Nevertheless,  the  primary  determinant  of  performance  appears  to  be  the 
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tolal  heat  dump  rate  into  the  wake. 

Tempeiature  traverses  on  the  wake  centerline  are  shown  in  Fig,  7.  It  has  always  been  found  up  to  3  radii 
downstream  of  the  base  that  the  mixture  must  be  air-rich.  Interestingly,  the  temperature  differences  with  dilution  cannot 
be  accounted  for  by  the  dilution  effect  alone.  The  mixing  rates  must  be  altered  to  account  for  the  differences  in  the 
temperature  with  the  CO^  dilution  on  Fig.  7. 

Measuring  temperature  and  pitot-static  pressures  on  the  wake  centerline  allows  a  .Mach  number  estimate  to  be 
made,  as  shown  in  Fig.  S.  Recall,  if  the  Mach  number  does  not  exceed  unity  by  9.5  radii  downstream  interference  is 
probably  present,  but  the  results  should  be  conservative.  On  the  basis  of  Fig.  8  it  appears  that  the  results  presented  are 
interference-free  if  the  base  (frag  reduction  is  less  than  80S6  and  h^p  <  10,000  Btu/ib. 

CONCLUDING  REMARKS 

When  operating  at  base  force  levels  below  those  required  to  totally  eliminate  base  drag,  it  appears  that  either  base 
burning  or  combined  cxternal/base  burning  may  be  made  to  operate  along  a  unique  line  in  l^p  -  base  force  space.  This  will 
occur  for  any  fuel  type  if  l<-p  is  scaled  by  the  inverse  of  hgp  .  At  high  base  force  levels  the  issue  of  performance  and 
force  level  achievable  is  clouded  by  wind  tunnel  interference  effects  with  all  available  data.  Presuming  these  performance 
levels  are  of  interest  for  some  missions,  it  is  imperative  to  design  future  high  foice  level  experiments  in.  an  interference- 
free  environment. 
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Figure  1.  ExternaJ/Base  Burning  Test  Section  Schematic. 


Figure  2.  ExternaJ/Base  Burning  Injection  Configurations. 
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figure  6.  Dif.-ent  Effect  on  Performance- 
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DISCUSSION 


Comment  by  F.StulI 

The  slides  shown  do  not  match  the  preprint. 

Author’s  Reply 

While  some  of  the  slides  do  match.  I  have  shown  some  later  results  than  those  in  the  preprint. 


P.Choudhnry 

It  seems  that  with  “pre-bumin/’,  the  peak  temperature  will  move  toward  the  body.  In  view  of  the  superior  drag 
reduction  with  “pre-burning",  isn’t  the  spatial  rate  of  heat  release  rather  than  the  total  heat  released  more  important 
for  your  correlation?  Perhaps  this  will  correlate  both  prc  and  after  burning  better. 

Author’s  Reply 

I  am  quite  sure  that  is  what  is  happening.  We  are  getting  combustion  of  hot  gas  injection,  but  it  is  altering  the 
structure  of  the  wake  so  that  heat  release  occurs  earlier. 


RMatguel 

(a)  Avez-vous  fait  dcs  essais  avec  des  combustibles  solides  approprics.  compte  tenu  des  resultats  avec 
(Hj  +  Nj  +  Oj).  Combustibles  spicisux? 

(b)  Pcnsez-vous  obtenir  des  pressiens  culot  supericurcs  a  la  pression  statique  cxtemc.  cn  utilisant  une  combinaison 
d'injcction  laterale  +  centrale  (avec  des  bonnes  impulsion  spccifiqucsj? 

Author’s  Reply 

(a)  The  reason  that  wc  diluted  the  hydrogen  with  the  various  dilutants  was  to  simulate  a  solid  propellant  exhaust 
with  lower  heating  value  than  pure  hydrogen.  We  have  been  unable  to  find  a  solid  propellant  to  put  in  the 
facility  that  will  bum  at  the  low  pressure  conditions  without  developing  an  actual  rocket  chamber  to  fire.  So 
the  answer  is  no.  wc  have  not  done  any  solid  propellant  work.  I  would  like  to. 

(b)  The  second  question  concerns  lateral  injection.  Ip  the  supetsonic  case,  we  got  very  good  performance,  but  the 
problem  is  the  wind  tunnel  interference.  1  am  posi’ivc  that  our  wind  tunnel  had  broken  down  when  we  got 
that  impressive  performance  with  both  lateral  injection  and  base  injection. 

When  wc  inject  laterally  subsonically.  wc  get  exactly  the  same  performance  that  wc  got  from  the  base  injection 
and  could  not  raise  the  pressure  above  frerstream  static.  But.  we  hare  been  above  freeitream  static  pressure 
with  the  supersonic  lateral  injection. 


P.Knmer 

You  mentioned  an  ljp  —  5000  sec  for  that  system,  which  has  a  lower  pressure  and  a  lower  temperature  in  the 
combustor  than  a  ramjet.  Did  you  compare  with  the  ramjet?  How-  did  you  define  1^,7 

Author's  Reply 

ljp  is  defined  as  the  change  :n  base  force  level  divided  by  total  flow-  rate.  At  Mach  3  with  the  diluted  fuei  on  the 
same  basis  that  wc  computed  the  numbers,  wc  get  better  Ijp's  than  those  of  a  ramjet.  The  trouble,  of  course,  is  that 
we  can’t  get  net  thrust.  T>  ;  reason  that  the  is  better  than  a  ramjet  is  that  there  is  no  inlet,  which  is  a  drag  surface 
in  ramjet. 
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SERVICE  EXPERIENCE  WITH  THREE  GENERATION'S  OF  RAMJETS 

BY!  C  F  FLETCHER  ATT)  D  R  LANE 

ROLLS-ROYCE  LIMITED,  PO  BOX  3,  FILTCfi,  BRISTOL  BS12  7QE 


Rolls-Royce  has  had  the  unique  experience  of  developing  three  generations  of 
ramjets  for  use  in  operational  Surface-to-air  missiles,  two  with  the  RAF  and  one 
with  *he  Royal  Navy.  Deployment  overseas  and  in  the  forces  of  other  nations  has 
provided  knowledge  of  operation  and  maintenance  in  tropical,  arctic  and  marine 
environments,  Rolls-Royce  have  made  more  ramjets  than  any  other  company  in  the 
West.  The  paper  recounts  the  precautions  taken  during  design  to  achieve  reli¬ 
ability  and  a  low  level  of  maintenance  effort.  In  the  third  generation,  design 
has  progressed  to  the  establishment  of  'wooden  rcund*  status  for  a  factory  filled 
liquid  fuelled  ramjet,  with  simple  maintenance  checks  only  at  five  year  intervals. 
The  reliability  of  the  ramjet  propulsion  system  in  many  practice  firings  of 
service  maintained  missiles  by  service  crews  is  discussed  and  shown  to  compare 
well  with  that  of  rocket  systems. 

INTRODUCTION 

The  cautious  approach  by  designers  and  development  engineers  of  first  generation 
ramjet  propulsion  systems  for  missiles  implanted  a  belief,  which  to  some  extent 
still  survives  today,  that  ramjets  are  complicated  and  require  extensive  test  and 
maintenance  to  ensure  acceptable  reliability  in  service.  While  it  will  remain  a 
fact  that  ramjets  of  any  type  have  a  degree  of  complexity  greater  than  that  of  a 
simple  rocket,  experience  has  si  own  that  modern  systems  can  be  expected  to  have 
an  equal  reliability  with  similar  in-service  handling, ie  no  testing.  This  paper 
aims  to  show  that  with  three  generations  of  liquid  fuelled  ramjets,  namely  Thor 
for  Bloodhound  Hkl  and  2  and  Odin  for  Sea  Dart,  the  reliability  'track  record* 
and  the  lessons  learned  have  led  to  the  understanding  of  the  practicability  of 
supersonic  airbreathing  propulsion  without  operational  penalties.  All  three  of 
these  missiles  were  developed  against  very  stringent  requirements  of  performance 
and  operating  environment.  Production  programmes  Jiave  involved  approximately 
5000  ramjets  so  far  with  that  of  Odin, for  Sea  Dart, continuing. 
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Figure  2  Thor  Ramjet  in  Bloodhound  Mk2 


Figure  1  Bloodhound  Kk2 


Bloodhound 


During  the  late  1940* s  it  was  recognised  that  ramjet  propulsion  should  be 
necessary  to  provide  the  range,  speed,  altitude  capability  and  operational 
flexibility  for  the  surface-to-air  defence  nissiles  being  contemplated  at  that 
tine*  Following  early  successful  flights  of  rasjet  propelled  test  vehicles* 
protect  studies  by  the  then  Bristol  Aeroplane  Company  and  Ferranti  led  to  the 
evolution  of  the  Bloodhound  land  based  anti-aircraft  nissile  and  the  Thor  series 
of  raniets  to  propel  it.  These  sere  the  first  production  rasiets  in  Europe  to  he 
offered  for  the  propulsion  of  supersonic  missiles.  The  Thor  engine  ?sas  designed 
as  a  pod  unit  for  external  counting,  ar#d  si th  this  type  of  installation  the 
rasjet  receives  a  unifom  floor  of  air  and  the  hot  tailpipe  and  exhaust  nosale  can 
he  adequately  cooled  by  the  external  airflow*  The  twist  and  steer  control  net  hod 
adopted  for  the  fissile  inposed  relatively  nodes t  incidence  levels  on  the  engine. 

Development  work  started  on  the  Thor  100  series  engines,  for  BlsKtopwixl  ml,  in 
1952  with  tin-  Type  Test  in  1957.  Som  XO  to  400  missiles  were  fired  (Soring 
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development .about  half  of  which  were  used  to  investigate  propulsion  aspects* 
Although  now  obsolete  it  first  entered  service  in  1959  with  the  RAF  and  subse¬ 
quently  with  the  Royal  Australian  Air  Force  and  the  Royal  Swedish  Air  Force. 
Bloodhound  Mkl  was  followed  in  1964  by  the  much  improved  Bloodhound  Mk2,  see 
Figure  1.  The  improvements  in  missile  capability  in  terras  of  speed,  altitude  and 
range  imposed  changes  on  the  propulsion  system  which  lea  to  the  development  of 
the  Thor  200  series  engines*  Development  work  started  in  i<?58  and  the  engine 
Type  Test  was  completed  in  1963.  Only  40  development  flights  wei e  carried  out  on 
this  missile, of  which  8  were  specifically  for  propulsion  investigations*  This 
reduction,  compared  with  Mkl,  resulted  both  from  the  experience  gained  on  Mkl  and 
from  the  r^ajor  increase  in  the  engine  ground  test  capability  provided  by  the  then 
new  High  Altitude  Test  Plant  at  Rolls-Royce.  This  missile  entered  service  in 
1964  and  is  currently  deployed  with  the  RAF,  the  Swiss  Government,  and  the 
Singapore  Air  Defence  Command,  it  was  also  used  at  one  time  by  the  Swedish  Air 
Force. 

2.2  Thor  Engine  Design 


Onlj*  the  basic  design  features  of  the  Bloodhound  Mk2  propulsion  system  are 
considered  here  because  those  of  Bloodhound  Mkl  were  generally  similar. 

Figure  2  illustrates  the  general  arrangement  of  the  Thor  ramjet.  It  comprises  a 
supersonic  air  intake  and  subsonic  diffuser  and  a  combustion  system  and  exhaust 
nozzle  as  well  as  fuel  system  components.  Combust ion  is  initiated  by  two 
pyrotechnic  igniters  mounted  externally  on  the  engine.  Auxiliary  air  intakes, 
which  are  mounted  adjacent  to  the  sain  intake  of  each  engine# supply  ram  air  to 
drive  engine  f*  od  missile  hydraulic  pumps  and  these, together  with  the  main 
intakes, are  fi -  with  environmental  protection  covers  on  the  launcher. 
Considerable  testing  was  necessary  during  development  to  ensure  that  these  covers 
were  reliably  ejected.  The  front  cover  is  automatically  blown  off  prior  to 
launch  by  gas  pressure  generated  within  the  engine  by  a  pyrotechnic.  The  rear 
cover  is  removed  when  the  missile  raves  off,  by  a  lanyard  attached  to  the 
launcher. 

I:>  the  Bloodhound  installation,  where  two  podded  engines  are  used,  the  fuel  tanks, 
fuel  turbopump,  feel  control,  thrust  control  and  part  of  the  metering  system  are 
mounted  in  the  missile  fuselage  while  the  main  secondary  fuel  throttle  and 
distributor  system  are  installed  in  the  engine  intake  centre body.  The  fuel  sys¬ 
tem  is  hydrosechanical  with  a  Mach  n vir.be r  control  override  to  control  missile 
speed.  Undesirable  intake  operating  conditions  at  high  angles  of  incidence  a;e 
prevented  by  a  device  which  reduces  fuel  flow  when  pre-determined  limits  are 
exceeded  by  a  free  streaming  cone  in  the  missile  nose.  At  launch  the  engine 
fuel  system  is  already  primed  with  fuel  right  up  to  a  check  valve  situated  in  the 
air  intake  cent rebody. 


2. 3  Sea  Part 


The  Odin  ramjet  for  the  Sea  Dart  missile ,  Figure  3,  was  evolved  from  the  require¬ 
ments  for  a  lightweight,  compact  medium  range  surface-to-air  missile  which  was 
capable  of  being  vertically  stored  in,  and  rapidly  launclsed  from,  ships.  The 
configuration  selected  involved  the  ramjet  being  built  an to  the  sain  airframe,  as 
shown  £5^  Figure  4.  The  conical  cen t rebody  supersonic  intake  which  contains 
equipment  is  mounted  in  the  nose  of  the  missile  and,  unlike  Bloodhound,  the 
missile  is  cartesian  controlled  and  incidence  levels  can  be  relatively  high. 

Down  stream  of  the  cent  rebody  the  subsonic  air  flow  is  transferred  to  a  central 
cylindrical  duct  which  is  surrounded  by  missile  equipment  and  the  annular  fuel 
tanks.  Uni ike  Thor  in  Bloodhound,  the  buried  installation  of  the  ramjet  combustor 
and  exhaust  nozzle  within  the  nissile  rear  airframe  made  an  internal  air  cooling 
arrangement  necessary. 


dJ)-3 


t 


Development  work  started  on  this  engine  in  1963  and  Type  Test  was  achieved  in 
1966.  The  number  of  development  -lights  associated  with  this  project  was  about 
180  with  6  of  these  being  nominated  for  early  ramjet  propulsion  proving.  Again 
the  availability  of  the  High  Altitude  Test  Plant  was  fundamental  m  reducing  the 
aumber  of  propulsion  firings  which  were  required.  The  Sea  Dart  missile  entered 
service  in  1975  and  has  been  chosen  by  the  Royal  Navy  as  the  main  defence  system 
for  Type  42  destroyers  and  anti-submarine  cruisers,  and  is  also  used  by  the 
Argentine  Navy. 

2.4  Odin  Engine  Design 

The  Cain  engine  comprises  an  air  intake,  transfer  duct,  combustor  and  exhaust 
nozzle  as  we!1  as  fuel  system  components.  Combustion  is  initiated  by  a  single 
pyrotechnic  igniter,  '.he  orincipal  items  in  the  fuel  system  are  a  Fuel  Air  Ratio 
Control  to  meter  fuel  at  the  correct  rate  and  a  Thrust  Control  Unit  to  control 
missile  speed  in  accordance  with  the  measurement  of  air  stagnation  temperature. 
Unlike  Bloodhound,  the  fuel  tanks  are  factory  filled  and  sealed  off  from  the 
ramjet  fuel  system  components  by  a  stop  valve  until  the  boost  motor  has  fired  and 
the  missile  has  left  the  ship.  This  is  termed  a  'dry1  fuel  system. 

A  chart  showing  the  major  milestone  dates  for  the  Thor  and  Odin  engines,  spanning 
almost  30  years,  is  given  on  Figure  5. 
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Figure  6  Service  Practice  Firings 
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Figure  5  Propulsion  System  Timescales 


3  SERVICE  FIRINGS  RECORD 


The  results  of  these  are  summarised  on  Figure  6  and  it  is  important  to  note  that 
they  relate  to  Service  practice  firings  with  standard  Service  raai:  tained  missiles 
of  varying  M  s  with  either  telemetry  or  with  live  warheads  and  fuses.  They  have 
covered  all  areas  of  the  flight  envelope.  There  have  been  no  propulsion  system 
failures  out  rf  nearly  100  Bioodhoand  Mk  2  firings,  including  one  with  a  complete 
missile  cold  soak  temperature  down  to  -20°C.  In  addition,  about  60  production 
Sea  Dart  missiles  have  been  fired  from  ships  with  no  propulsion  problems.  The 
100%  achieved  reliabilities  to  date  of  these  propulsion  systems  during  Service 
firings  exceeded  those  specified.  It  should  be  noted  also  that  an  equally 
high  reliability  standard  was  achieved  m  the  later  stages  of  R  and  D  firings. 


4  BLOODHOUND  MK  2  OPERATIONAL  REQUIREMENTS  AFFECTING  ENGINE  DF/ 

Missile  requirements  dictated  that  the  Thor  engine  should  be  capable  of  operating 
up  to  high  altitudes  and  at  spc*eds  between  Mach  2  and  Mach  2.6  with  h  maximum 

flight  time  in  excess  of  2  minutes.  Furthermore  the  engine  must  be  capable,  with  '* 

high  reliability,  of  light-up  and  maximum  thrust  develop nent  witnin  about  4  * 

seconds  of  launch  after  long  periods  of  exposure  and,  since  this  missile  is  land-  | 

based,  the  unprotected  environment  m  which  it  may  be  deployed  ranges  from  arctic 
to  tropical  conditions  with  very  high  humidity  levels  often  being  involved.  In 
addition,  the  engine  and  its  fuel  system  components  are  subject  to  high  loads 
during  boost  acceleration  and  during  manoeuvres  in  free  flight  and  from  vibration 
associated  with  flight  and  ground  transportation.  Light-up  and  operation  in 
ambient  temperatures  associated  with  a  land  environment,  ie  -40°C  to  +52°C,  at  Sea 
Level,  are  required.  These  arduous  operational  requirements  are  summarised  on 
Figure  7, 
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LAND  BASED,  SURFACE-TO-AIR 
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3  SIMULATED  UUNC'I  TESTS 
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7  VIBRATION  TESTING  OF  COMPONENTS 


Figure  8  Thor  in  Bloodhound  Mk 2 
Development  Testing 


Figure  7  Bloodhound  Mk2 

Principal  Operational  Requirements' 


THOR  FOR  BLOODHOUND  Mk2  -  DEVELOPMENT  TESTING 

Considering  the  stringent  operational  requirements  of  this  missile,  the  high 
propulsion  system  reliability  achieved  m  Service  firings  stems  from  careful 
design  and  the  experience  gained  on  Bloodhound  Mkl  combined  with  the  comprehensive 
engine  ground  test  programme  which  was  undertaken  during  development.  Some  of  the 
more  important  aspects  are  summarised  on  Figure  8  and  include: 

a)  Engine  protection  cover  ejection,  particularly  under  extreme  icing  conditions, 
see  Figure  9. 

b)  Engine  light-up  reliability.  A  typical  result  is  shown  on  Figure  10  where 
combustor  rich  and  weak  limits  were  determined  over  the  range  of  flight  speeds 
where  light-up  is  required,  to  ensure  that  the  run-up  and  starting  character¬ 
istics  of  the  fuel  system  are  matched  xo  tnese  combustion  requirements. 

c)  Launch  and  light-up  demonstration  on  a  real  time  transient  facility  at  extreme 
ambient  temperatures  using  flight  standard  fuelling  systems, 

d)  Exhaustive  ground  testing  at  simulated  flight  conditions  over  the  whole  of  the 
operational  envelope  of  the  missile.  This  includes  combustion  stability 
investigations  as  well  as  thrust  and  fuel  consumption  determination  over  the 
extremes  of  ambient  temperature  and  at  representative  incidence  levels* 

e)  Mechanical  integrity  tests  on  simulated  * worst  case*  trajectories. 

f)  Drop  tests  to  simulate  shock  loads. 

g)  Vibration  testing  of  components. 


STEADY  TRANSONIC  MACH  vdEBER  TESTS  ESTABLISH  RICH  A«© 
WEAK  UNITS 


CALCULATED  A&  FlCW  TRANSIENT 
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Figure  10  Engine  Light-up  Reliability 
Typical  Ground  Test  Results 

Figure  9  Bloodhound  Mk2 

Intake  Cover  Removal 
Simulation  in  Cold  Conditions 
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SEA  PART  -  OPERATIONAL  REQUIREMENTS  AFFECTING  ENGINE  DESIGN 

To  meet  the  missile  requirements.,  the  Odin  engine  has  to  operate  between  Mach  2 
and  Mach  3  and  from  Sea  Level  to  medium/high  altitudes  to  provide  the  propulsion 
for  the  interception  of  airborne  threats  to  surface  chips.  In  addition  propulsion 
to  fuel  exhaustion  in  both  the  medium/high  altitude  role  and  the  secondary  anti¬ 
ship  role  is  required.  Again  the  engine  must  be  capable,  with  high  reliability, 
of  light-up  and  maximum  thrust  production  within  2  to  3  seconds  of  launch  after 
long  periods  of  storage  with  no  pre-flight  preparation  or  monitoring.  The  Royal 
Navy  specification  called  for  a  very  high  propulsion  system  reliability  (near 
100®)  in  order  to  achieve  the  overall  reliability  requirements  of  the  missile 
against  a  wide  spectrum  of  targets. 
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Figure  12  Diagram  of  Test  Cell 

-  High  Altitude  Test  Plant 


Figure  11  Sea  Dart 

Principal  Operational  Requirements 


Although  the  installed  engine  is  normally  stored  within  the  controlled  tempera¬ 
ture  and  humidity  environment  of  the  ship's  magazine,  it  is  required  to  withstand 
the  environment  which  would  result  from  an  air  conditioning  breakdown  as  well  as 
the  vibration  levels  associated  with  flight  and  transport  in  the  ship  or  by  air 
or  on  land.  The  very  nigh  boost  acceleration  and  that  associated  with  missile 
manoeuvre  imposes  high  component  loads  which  had  to  be  taken  into  account  in 
design.  Additionally,  during  the  short  time  the  missile  is  on  the  launcher,  the 
engine  can  be  subjected  to  considerable  water  ingestion  and  salt  spray.  Light-up 
and  operation  in  ambient  temperatures  associated  with  a  marine  environment,  (ie 
-18°C  to  +30°C  at  sea  level)  are  required.  Because  of  the  potential  fire  hazard 
on  board  ship  as  well  as  the  possible  contamination  of  elcctrc-'ic  equipment, 
particularly  in  the  buried  engine  Sea  Dart  configuration,  leaks  from  the  engine 
fuel  system  could  not  be  tolerated  under  any  circumstances.  These  requirements 
are  summarised  on  Figure  11. 

7  ODIN  FOR  SEA  DART  -  DEVELOPMENT  TESTING 

The  high  propulsion  system  reliability  achieved  during  Service  firings  can  be 
attributed  to  experience  gained  from  Bloodhound  Mkl  and  Mk2  and  to  the  exhaustive 
enqine  and  component  test  programme  which  was  carried  out  during  ground  develop¬ 
ment.  All  engine  'hot*  testing  was  carried  out  with  the  intake  in  a  ’free  jet' 
because  Rolls-Royce  experience  shows  this  to  be  essential  for  the  development  of 
reliable  ram jot  engines  and  their  fuel  systems.  A  diagram  of  the  test  cell  of 
the  'free  jet'  High  Altitude  Test  Plant  is  shown  on  Figure  12, where  full  -scale 
engine  tests  can  be  made  over  a  wide  range  of  flight  conditions  and  incidence 
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Figure  14  Odin  Ramjet 
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Figure  1.3  Odin  in  Sea  Dart 

Development  Testing 


angles*  For  Odin,  major  items  in  the  development  test  programme  are  summarised 
on  Figure  13  and  include: 

a)  Engine  light-up  reliability  investigations  which  were  similar  to  those 
carried  out  on  Thor. 

b)  Launch  ana  light-up  demonstration  on  a  real  time  transient  facility  at 
extreme  ambient  temperatures* 

c)  Fuel  control  priming  investigations  using  neutron  radiography  techniques. 

d)  Exhaustive  ground  testing  at  simulated  flight  conditions  over  the  whole  of 
the  operational  envelope  of  the  missile  and  at  incidence,  as  depicted  on 
Figure  14.  These  tests  included  an  investigation  into  the  stability 
characteristics  of  the  combustor,  particularly  at  extreme  altitudes,  and 
thrust  and  fuel  consumption  measurements.. 

e)  Mechanical  integrity  tests  on  simulated  ‘worst  case*  trajectories. 

f)  Tethered  firings  in  which  the  complete  missile  and  engine  are  ‘flown*  in  a  free 
jet  facility  to  determine  the  vibration  levels  imposed  on  missile  equipment  by 
the  engine.  A  test  rig  for  this  experiment  is  shown  on  Figure  15. 

g)  Rain  erosion  tests  on  the  air  intake. 

h)  Drop  tests  to  simulate  the  shock  loads  which  can  result  from  depth  charge 
action. 

i)  Vibration  testing  of  components 

j)  Operation  with  dirty  fuel 

During  production,  manufacturing  quality  of  the  Odin  is  assured,  as  it  was  for  Thor, 
by  Production  Quality  Tests  on  engines  selected  at  random  at  annual  intervals. 

These  tests,  which  are  carried  out  on  the  High  Altitude  Test  Plant  facility, 
comprise: 

-  An  engine  thrust  check  at  a  specified  flight  condition 

-  A  demonstration  of  the  engine  altitude  capability  at  a  specified  flight  speed 

-  A  mechanical  endurance  test  to  a  schedule  which  embraces  the  most  arduous  missile 
trajectories 


Figure  15  Sea  Dart  -  Tethered  Firing 
Trial 


Figure  16  Thor  and  Odin  Ramjets 
In-service  Maintenance 


8  PROGRESSION  TOWARDS  ZERO  IN-SERVICE  MAINTENANCE 


8.1  General 

The  aim  has  always  been  that  of  achieving  standards  <"*f  maintenance  equivalent  to 
those  of  gun  ammunition, ie  no  testing.  In  the  days  of  Bloodhound  Mkl  however  it 
was  necessary  to  establish  the  serviceability  of  the  fuel  system,at  quarterly 
intervals, by  running  the  turbopump  in  order  to  check  the  characteristics  of  the 
fuel  flow  controls  and, in  addition, careful  priming  of  the  fuel  control  was 
•equired  to  ensure  a  reliable  light-up*  Bloodhound  Mk2  progressed  to  annual 
tests  of  the  fuel  system,  and  turbopump  running  was  eliminated  because  the  flow 
characteristics  of  the  engine  could  be  checked  from  an  external  fuel  supply.  In 
Sea  Dart  the  fuel  tanks  are  factory  filled  and  only  two  components  in  the  engine 
fuel  system  need  be  tested.  Currently  this  occurs  at  5  year  intervals  but 
clearance  for  a  longer  period  is  being  sought.  It  is  clear  therefore  that  the 
reduction  in  maintenance  complexity  and  the  progressive  increase  in  time  between 
in-service  tests  over  three  generations  (see  Figure  16)  gives  confidence  that  no 
tests  will  be  required  in  future  generations  of  ramjet. 


Thor  Maintenance 

- - - -  / 

y 

A  p\£j,menance  diagram  is  shown  for  Thor  in  Bloodhound  Mk 2  on  Figure  17  which 
indicates  the  fuel  system  components  which  are  tested.  Connections  for  these  are 
made  via  tapping  joints  on  the  missile  skin,  thereby  obviating  any  need  to 
de-panel  the  missile.  It  has  been  predicted  that  the  manpower  requirement  for 
the  complete  servicing  of  the  ramjet  propulsion  system  is  about  1  man  per  50 
rsissiles.  The  estimated  defect  rate  for  the  Thor  engine,  which  has  improved 
considerably  over  the  years  as  a  result  of  development  and  modification  action, 
is  as  follows: 


Defect  Rats 

At  entry  into  service 

At  present  time  (1981) 


One_l>cfect  Per 
5.3  missile  years 
11.9  missile  years 


where  Defect  Rate  is  defined  as: 

Number  of  missiles  in  service  x  Number  of  years  of  survey 
Number  of  defects 

The  main  problem  areas  have  been  concerned  with  the  thr**st  control  unit  because 
of  the  extremely  high  degree  of  accuracy  originally  demanded  to  satisfy  the  per* 
forreance  requirements  over  the  whole  flight  envelop::.  With  today’s  knowledge 
some  relaxation  might  be  tolerated  without  having  a  significant  effect  on  the 
overall  system  reliability* 

The  extended  service  life  requirements  of  the  Bloodhound  system  has  led  to  the 
adoption  of  a  reconditioning  programme  whereby  engines  are  returned  to  the  manu¬ 
facturer  after  io  years, and  all  rubber  components  including  seals  and  diaphragms 
are  replaced  and  fuel  system  items  are  reset  and  calibrated  to  be  within  the 
original  manufacturing  limits. 

Odin  Maintenance 

Experience  with  Bloodhound  showed  that  well  designed  raro-air  fuel  turbopumps 
could  be  relied  on  to  perform  instantly  after  many  years  of  storage.  For  Odin, 
therefore,  fuel  system  tests  were  simplified  to  those  of  the  hydromechanical 
controls  in  isolation.  To  ensure  freedom  from  contamination  of  missile  equipment 
by  kerosene, a  procedure  for  the  removal  of  these  units  for  test  was  adopted  which 
was  readily  accomplished  with  the  ‘dry*  system  described  earlier.  Priming  and 
rur-up  of  this  »dry*  system  was  proved  in  many  real-time  launch  simulations 
(including  engine  light-up)  on  ground  tests  in  the  High  Altitude  Test  Plant. 

These  tests  included  those  with  engines  subjected  to  accsierated  storage  and 
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Figure  17  Thor  in  Bloodhound  Mk2 
-  Maintenance  Features 


Figure  18  Drawino  of  Odin  MainteaanC' 
Bay 


extreme  temperature  conditions.  The  Fuel  Air  Ratio  Control  and  Thrust  Control 
units  require  relatively  simple  calibration  testing  every  5  years  at  a  shore 
depot  and  removal  of  these  is  via  the  access  panel  on  the  missile* as  shown  on 
Figure  28.  The  decision  to  test  these  controls  was  taken  in  the  absence  of  firs 
evidence  of  the  effect  on  them  of  storage  in  the  ship*s  magazine.  Evidence  is 
gradually  being  accumulated  which  is  aimed  at  permitting  the  time  between  tests 
to  be  extended  to  10  years.  Eventually  they  may.  in  agreement  with  the  Royal 
Navy,  be  dropped  altogether.  The  reliability  demonstrated  with  the  twin  pyro¬ 
technic  igniters  of  Thor  and  early  Odin  showed  that  a  single  igniter  unit  with  a 
percussion  initiating  device  would  be  satisfactory  for  Sea  Dart  in  service.  This 
unit  requires  no  testing  and  currently  has  a  life  of  3  to  6  years,  depending  upon 
the  environment. 

The  manpower  requirement  for  the  maintenance  of  Odin  is  about  1  man  per  200 
missiles.  Using  the  same  definition  as  for  the  Thor  engine,  analysis  has  shown 
that  the  Odin  defect  rate  is  1  per  30  missile  years.  This  improvement  is  a 
direct  result  of  the  lessons  learned  from  Bloodhound  and  the  generally  more 
favourable  environmental  conditions  enjoyed  by  Sea  Dart. 
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Figure  20  For  the  Future 
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LESSONS  LEARNED  IN  ACHIEVING  HIGH  RELIABILITY 


The  design  task  is  to  obtain  instant  readiness  with  trouble  free  operation  and 
the  correct  performance  levels  after  long  periods  of  storage  and  ground  handling. 
As  a  result  of  the  experience  gained  from  the  Eloodhound  and  Sea  Dart  engine 
programmes, there  has  been  a  steady  progression  in  the  understanding  >f  the  key 
design  areas  and  the  precautions  which  are  necessary  to  achieve  high  reliability 
and  the  elimination  of  in-service  testing.  These  are  summarised  on  Figure  19  and 
comprises 

a)  The  use  of  stainless  steel  where  possible  and  protective  dipped  coatings 
where  necessary  to  eliminate  corrosion  during  long  tern  service  life  in  all 
environmental  conditions. 

b)  The  avoidance  of  electrolytic  action  between  sating  parts  by  careful  matching 
of  materials. 

c)  The  adoption  of  a  ‘sealed*  fuel  system  in  which  engine  components  remain  dry 
until  launch. 

d}  The  use  of  sealed  igniters. 

e)  The  use  of  engine  blanks  while  the  missile  is  on  the  launcher  to  reduce 
environmental  effects. 

f)  Seal  materials  selected  for  compatibility  with  operating  temperatures  and 
with  liquid  fuels  in  accordance  with  missile/engine  life  cycle  requirements. 

g)  Moving  parts  in  the  fuel  system  positioned  to  reduce  the  effect  of  worst 
acceleration  forces. 

h)  Utilise  boost  acceleration  and  fuel  control  position  relative  to  the  fuel 
tanks  to  assist  the  fuel  system  prising  process. 

i)  Design  for  ground  transportation/handling  protection  to  prevent,  for  example, 
sensing  probe  damage  and  skin  denting. 


From  the  foregoing,  it  should  be  clear  that  the  design  and  development  of  reliable 
raejets  depends  critically  on  the  early  and  precise  statement  of  the  missile  long 
term  storage  and  deployment  environmental  conditions. 
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Figure  21  Conclusions 
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EXPERIMENT*!,  INVESTIGATION  OF  A  HYDROCARBON  SOLID  FUEL  RAMJET 

by 

Dirk  Meinkbhn  and  Jtirgen  W.  Borgmann 

Deutsche  Forschungs-  und  Versuchsanstalt  fflr  Luft-  und  Raumfahrt  e.V,  (DFVLR) 
Institut  fiir  Chemisette  Antrlebe  und  Verfahrenstechnik 
D-7101  Hardthausen-Lampoldshausen  (Germany) 


Summary 

A  solid  fuei  ramjet  motor  was  investigated  in  a  connected-pipe  air  supply  system  under 
simulated  in-flight  operating  condition  By  taking  into  account  diffuser  losses  based 
on  empirical  efficiencies,  a  set  of  states  of  the  air  upstream  of  the  ramjet  combustor 
was  theoretically  derived  in  order  to  simulate  certain  in-flight  conditions  of  a  ramjet- 
powered  missile.  The  experimental  investigation  of  internal  ballistics,  combustion  effi¬ 
ciency  and  overall  combustor  performance  covered  a  range  of  Mach-numbers  between  1.5  and 
3.0  for  altitudes  between  sea-level  and  6000  m.  Polyethylene  was  chosen  as  hydrocarbon 
fuel  in  most  of  the  tests.  It  was  found  that  a  suitable  fuel  regression  can  be  estab¬ 
lished  for  varying  performance  requirements  resulting  from  a  particular  ramjet  mission, 
even  by  providing  for  trajectory  dependent  combustion  efficiencies. 


1  -  Introduction 

Within  the  family  of  airbreathing  engines,  the  solid  fuel  ramjet  represents  a  design  of 
utmost  simplicity  due  to  the  lack  of  any  moving  parts  (like  valves,  pumps,  etc.).  It  con¬ 
sists  basically  of  an  air  intake  system,  a  thrust  producing  exhaust  nozzle,  and  a  coEbus- 
tcr  comprising  the  flameholding  device,  the  ignitor,  the  combustion  chamber  containing 
the  solid  fuel,  and  the  afterbum  chamber  for  c  nhancement  and  completion  of  the  combus¬ 
tion. 

For  all  Its  apparent  simplicity,  the  ramjet  engine  brings  about  particular  difficulties 
in  its  operation,  since  the  combustion  processes  strongly  depend  on  the  flight  conditions. 
The  operation  of  a  solid  fuel  ramjet,  in  particular,  depends  on  the  interaction  between 
the  air  intake  system  and  the  combustor,  because  the  fuel  regression  as  well  as  the  mixing 
and  burning  of  the  propellants  are  governed  by  the  physico-chemical  laws  of  hybrid  com¬ 
bustion. 

It  was  our  objective  to  investigate,  as  a  first  step,  the  combustion  behavior  in  a  model 
ramjet  combustor  for  varied  flight  data  (speed  and  altitude) .  The  flight  data  were  taken 
from  certain  points  of  a  flight  trajectory  of  a  ramjet-propelled  missile,  which  resulted 
from  assumptions  as  to  thrust  and  drag  under  the  conditions  of  a  preselected  ramjet 
mission. 

In  order  to  work  under  realistic  conditions  for  the  upstream  boundary  of  the  combustor, 
the  influence  of  a  typical  air  intake  system  on  the  flight  data  was  calculated  for  us  by 
the  Institut  fflr  Raunfahrtantrlebe  of  Stuttgart  University. 


2.  Proposed  Mission  for  a  Ramjet-Powered  Missile 

For  a  ramjet-powered  missile,  two  types  of  missions  may  be  considered.  There  is,  in  the 
first  place,  a  mission  with  stationary  cruising  conditions,  which  is  equivalent  to  fixed 
height  of  flight  and  fixed  Mach-number.  The  other  mission  consists  in  providing  post 
launch  propulsion  for  some  part  or  all  of  the  flight  trajectory  of  3  small  missile.  The 
investigations  presented  in  this  paper  are  based  on  the  latter" type  of  mission,  for  which 
the  solid  fuel  ramjet  seems  to  be  particularly  suited.  Starting  from  the  requirements 
of  distance  to  be  covered  by  a  given  missile  and  provision  of  acceleration  by  the  ramjet 
engine,  the  trajectory  of  the  missile  is  characterized  by  the  velocity  requirements  given 
in  Fig.1  and  by  the  requirements  as  to  air  mass  flow  and  combustion  pressure  given  in 
Fig. 2.  These  requirements  reflect  the  change  in  engine  performance  necessitated  by  the 
chaiging  flight  conditions.  It  was  found  that  for  the  thrust  requirement  stoichiometric 
burning  has  to  be  assumed.  The  missile  trajectory  in  terms  of  total  pressure  and  total 
temperature  of  the  air  is  given  in  Fig. 3. 

The  solid  fuel  ramjet  motor  was  then  investigated  with  respect  wo  the  derived  missile 
trajectory.  This  was  done  by  selecting  three  points  of  the  trajectory  and  carrying  out 
motor  tests  under  such  stationary  conditions  as  were  required  by  these  three  points.  It 
is  our  plan  for  the  future  to  investigate  a  ramjet  engine  by  continuous  simulation  of  the 
complete  trajectory. 


3.  Ramjet  Motor  Test  Facility 

The  combustor  tests  were  carried  oat  or.  the  connected-pipe  test  -acility  outlined  in  Fig. 4. 
The  air  was  supplied  from  a  storage  bank  designed  to  hold  10  m3  of  air  at  a  pressure  of 
up  to  ISO  bar.  Via  a  series  of  controllable  pressure  regulators,  the  air  pressure  was 
reduced  to  a  predetermined  value ,  whereupon  the  cold  air  mass  flow  was  measured  with  the 
help  of  a  Fischer  s  Porter  swirl  flowmeter.  It  was  then  designed  to  achieve  the  necessary 


air  temperature  by  passing  the  air  flow  through  a  heat  reservoir  consisting  of  two  elec¬ 
tric  heat  exchanger  units  of  7  kw  each.  After  passage  of  a  two-way  valve,  the  air  flow 
then  was  directed  into  the  actual  ramjet  combustor.  On  entering  the  combustor,  the 
state  of  the  air  flow  is  defined  by  a  set  of  three  parameters,  namely  the  air  mass  flow, 
the  total  temperature,  and  the  total  pressure  of  the  air.  For  a  simulation  of  the  se¬ 
lected  conditions  of  the  flight  trajectory,  these  parameters  were  matched  to  the  flight 
data  which  were  modified  by  the  calculated  influence  of  the  air  intake  system.  It  was, 
therefore,  possible  to  simulate  the  ramjet  operations  in  a  connected-pipe  system  and  the 
application  of  real  diffusers  was  obviated. 

The  ramjet  motor  itself  consisted  of  the  fiameholder,  the  ignitor,  and  a  fuel  block  with 
a  cylindrical  combustion  channel,  an  afterburner,  and  an  exhaust  nozzle.  It  was  possible 
to  test  ramjet  combustors  up  to  Mach  2.5  at  sea-level  air  conditions. 

The  aim  of  the  investigation  was 

-  to  derive  the  fuel  regression  rate  in  its  dependence 

or.  the  air  mass  flux  and  the  combustion  chamber  pressure 
for  polyethylene,  which  was  selected  as  reference  fuel 
because  of  its  clean  combustion; 

-  to  determine  the  combustion  efficiencies; 

-  to  investigate  the  effect  of  the  combustion  chamber 
geometry  and  the  combustion  time; 

-  to  investigate  different  hydrocarbon  fuels. 

The  hydrocarbon  fuels  under  investigation  -  other  than  polyethylene  (PE)  -  were  poly¬ 
methylmethacrylate  (PMHA)  and  hydroxy terminated  polybutadiene  (HTPB1 .  Depending  on  the 
initial  state  of  the  fuel  (fluid,  powder) ,  the  fuel  blocks  were  prepared  by  casting  or 
by  compressing. 

4.  Combustion  Efficiency  and  Fuel  Regression 

In  consequence  of  the  requirements  of  a  selected  flight  situation,  the  following  parame¬ 
ters  had  to  attain  given  values: 

total  air  inlet  temperature  Tt  [Kj 

total  air  inlet  pressure  ptot  tbMl 

or  static  combustion  pressure  Pc  'bar! 

air/ fuel  mass  ratio  0/F  Si) 

air  mass  flew  ma  Ig/s) 

By  working  with  the  combustion  pressure  Pc  instead  of  the  total  air  inlet  pressure 

as  a  defining  element  for  the  state  of  the  air  flow,  the  influence  of  a  particular  flame- 

holder  was  eliminated. 

From  the  given  values  of  ma  and  O/F  the  mass  flow  a*  fc/sj  is  fully  determined.  The  fuel 
mass  flow  nf  ,  by  itself,  is  a  function  of  the  fuel 'regression  rate  r  (sms/sj ,  the  density 
of  the  fuel,  and  the  size  of  the  combustion  channel  surface,  which  is  equivalent  to  the 
exposed  fuel  surface. 


The  regression  rate  r  is  one  of  the  characteristic  features  of  a  fuel.  It  is  a  function 
of  the  oxidizer  mass  flux  Ma  [g/cn2],  the  combustion  pressure  ?c  and,  to  a  lesser  extent, 
of  the  oxidizer  temperature  TL  . 

In  view  of  the  requirement  as  to  Sf  and  also  in  view  of  a  strong  demand  for  volume  re¬ 
striction,  the  following  lines  of  research  were  per sued: 

a)  Investigation  of  the  regression  rate  and  the  combustion  efficiencies  in  their 
dependence  on  varying  operating  conditions  for  cast  polyethylene  fuel  blocks, 
which  were  of  one  and  the  same  geometry  (essentially  the  combustion  channel 
geometry  and  fuel  block  length) . 


fuel  block  length 
circular  combustion  channel 
channel  diameter 


ross-seetic 


b)  Investigation  of  the  regression  rate  of  various  hydrocarbon  fuels,  differing 
in  composition,  with  various  additives.  For  these  tests,  the  fuel  blocks  wsre 
of  the  same  size  as  with  case  (a) .  In  order  to  facilitate  the  comparison,  the 
motor  tests  were  carried  out  under  one  and  the  same  set  of  operating  conditions. 

c)  Determination  of  the  combustion  efficiencies  and  the  regression  rates  of  a  model 
combustor  under  the  conditions  equivalent  to  the  selected  flight  situations. 

For  these  experiments,  fuel  blocks  were  made  by  compressing  polyethylene  powder. 
The  combustion  channel  was  cylindrical  and  the  required  O/F-values  were  attained 
by  adjustment  of  the  fuel  block  length  L. 


i)  Search  for  a  suitable  combustion  channel  geometry  vith  the  aim  to  attain  an 
acceptable  length  L  of  the  fuel  block.  These  experiments  were  carried  out 
on  fuel  blocks  obtained  by  compressing  polyethylene  powder.  The  fuel  blocks 
were  of  a  given  length,  with  varying  channel  geometries. 


5.  Test  Results 

5.1  Regression  Rates  and  Combos  tier.  Efficiency  for  Cast  Polyethylene 

For  these  tests,  the  geometry  of  the  fuel  block  was  kept  unchanged.  The  total  temperature 
of  the  incoming  air  was  the  same  for  all  tests  (280  K) .  The  combustion  time  was  kept  at 
60  s,  if  not  otherwise  explained. 

Fig.  5  shows  the  influence  cf  the  combustion  pressure  and  the  air  mass  flow  on  the  PE  re¬ 
gression  rate.  One  sees  that  for  chamber  pressures  between  2  and  1C  bar  the  pressure  ef¬ 
fect  on  fuel  regression  is  net  much  lower  than  the  one  of  the  air  flow.  The  influence  of 
the  air  mass  flux  Ha  on  the  regression  rate  is  nearly  the  some  for  different  chamber 
pressures,  as  Fig.  6  reveals.  Using  double-logarithmic  coordinates  tc  display  f  as  a 
function  of  2^a  ,  the  average  slope  can  be  found  to  lie  around  0.36.  Further  analysis  as 
to  the  pressure  dependence  finally  brings  about  a  power  law  approximation  for  the  PE  re¬ 
gression  rate  of  the  equation 

CD  r  =  0.0414  .  Pc0-3  .  Aa°'3S 

Fig.  7  shows  how  the  approximation  curve  fits  the  experimental  data. 

The  combustion  efficiencies  measured  in  these  tests  are  displayed  in  Fig.  8.  The  diagram 
reveals  -  as  expected  -  the  strong  influence  of  the  chamber  pressure  on  the  efficiency  of 
the  combustion.  Decreasing  efficiencies  for  raising  air  mass  flows  -  as  can  be  extrapolated 
from  the  graph  -  are  due  to  the  fuel  lean  O/F  ratios  used  in  these  tests. 

In  Figures  9  and  10,  the  combustion  channel  regression  is  depicted  for  varied  combustion 
time  tg  and  for  varied  air  mass  flow. 

5.2  Varied  Hydrocarbon  Fuel 

In  Table  i,  the  effect  of  varying  hydrocarbon  fuel  is  displayed.  In  these  tests,  fuel 
blocks  of  one  and  the  same  geometry  were  burned  under  the  same  set  of  conditions. 


Fuel  Composition 

p= 

0/F 

- 

r 

r-D 

HO. 

[bar) 

pw 

Ig/cs^sJ 

64 

IOC*  PE 

4.13 

it 

0-C107 

cast 

004 

ICO!  PE 

3.98 

50 

C-.C185 

cc=press*^ 

HI 

?5*  PE,  25*  HTPB 

4.37 

36 

0.0157 

cccprwsed 

1:7 

35%  PE,  65*  HTPB 

4.57 

26 

0.309 

0.0290 

cast 

118 

25*  PE,  75*  HTPB 

4.75 

23 

0.344 

0.0324 

cast 

109 

100*  HTPB 

4.47 

20 

0.430 

0.0402 

cast 

•16 

50t  PHKA,  JO*  HTPB 

26 

0-289 

0.0335 

cast 

115 

25%  PKXA,  75%  HTPB 

4-74 

2? 

~ 

0.443 

0.0434 

ccrsor essed 

Table  1  :  Regression  for  Various  Bydrocartx  n  Fuels 


It  appears  from  Table  1  that  switching  from  cast  to  compressed  polyethylene  alone  ueany 
results  in  a  doubled  regression  rate-  K  iarther  increase  can  be  obtained  by  adlmixture  of 
&TP2.  Coing  over  to  a  100*  BTPB  fuel  results  in  doubling  the  regression  rate  vith  respect 
to  the  compressed  ICO*  PE  fuel.  As  the  heat  ot  combustion  is  roughly  the  same  for  PE  and 
for  HTPB ,  it  therefore  seems  to  be  possible  to  choose  a  fuel  cctqjcsition  of  PE  and  HTPR 
tsitb  any  regression  rate  between  0-1  and  0.44  rm/s.  For  the  higher  percentage  c i  STPS, 
increasing  soot  formation  ham  been  observed,  whereas  for  a  100*  ^E-fuel  the  combustion 
appears  to  be  clean. 

Taking  PMXA  instead  of  PE  results  in  a  visible  increase  in  the  soot  production  rates,  hut 
as  pwiS  possesses  a  heat  of  combustion  which  is  roughly  half  the  corresponding  value  cf 
PE,  the  specific  energy  content  of  PJOt-./Ji PP -f uu 5 s  is  somewhat  icr.jer  than  thai  cf  the 
PE/BTPS-fuels. 

5.3  Regression  Rates  and  Combustion  Efficiencies 

la  Table  2.  a  selection  of  flight  conditions  with  resulting  regression  rates  and  combus¬ 
tion  efficiencies  are  displayed. 

The  regression  rate  as  a  function  of  the  altitude  of  flight  for  the  three  flight  condi¬ 
tions  which  required  stol-hiossetric  burning  (0/F  -  165  is  given  in  Fig. 11. 


Fig.  8  :  Combustion  Efficiency  as  a  Function 
of  Combustion  Pressure 


Fig.  9 :  Combustion  Channel  Regression  for  Varied  Combustion  Time 


Fig.  10  •  Combustion  Channel  Regression  for  Varied  Air  Massflow 
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DISCUSSION 


P.Korting 

Did  you  observe  during  your  experiments  oscillatory  combustion,  and  if  so.  what  are  the  test  conditions  (chamber 
pressure,  air  flow)  at  which  oscillatory  combustion  occurred? 

Author’s  Reply 

Oscillatory  combustion  has  been  observed,  however,  no  unstable  low  frequency  oscillations  of  large  amplitudes. 

P.Boszko 

Did  you  have  any  problems  obtaining  ignition  of  the  polyethylene  charge?  Did  you  use  a  conventional  pyrotechnic 
composition? 

Authors  Reply 

There  were  no  problems  at  all  in  igniting  the  propellant.  We  used  a  conventional  pyrotechnic  device  and  therefore 
had  no  real  ignition  problem.  The  problems  arose  in  initiating  the  igniting  device.  This  is  done  electrically  and  some¬ 
times  the  wires  became  disconnected 


P.Cazin 

Pouvez-vous  nous  preriser  si  le  taux  de  regression  du  combustible  varie  entre  1‘avant  et  I’arriere  de  la  chambre  dc 
combustion. 

Author's  Reply 

The  local  fuel  regression  is  a  function  of  air  flo-  tate  and  combustion  time.  An  example  of  the  time  dependence 
of  local  regression  is  given  in  Figure  9.  An  exam,  'e  of  the  dep  .i.dence  of  local  regression  on  air  flow  rate  is  given 
in  Figure  10  of  the  paper.  These  two  figures  were  not  shown  in  my  presentation  of  the  paper. 

B. Petit 

Quels  sont  les  nombres  de  Mach  des  dcoulements  aux  differents  endroits  de  la  chambre  de  combustion  (entree, 
accroche-flamine,  avant  et  arriirc  du  diargerncnt  ct  en  fin  de  chambre). 

Author’s  Reply 

Inlet:  M  *S.2;  Flamcholder:  M  <.7;  Combustor  Chamber:  M  <.5;  Afterburner  Chamber:  M  <.3. 


T.Myers 

What  was  the  L/D  ratio  of  your  secondary  mixing  chamber  downstream  of  the  fuel  grain? 

Author’s  Reply 
Nearly  one. 


F.Cutick 

What  were  the  amplitudes  and  frequencies  of  the  oscillations? 
Author’s  Reply 

I  can’t  remember,  but  I  will  personally  give  you  that  later  on. 


C.Ecary 

What  is  the  minimum  pressure  you  expericn.ed  in  the  combustion  chamber? 


Author’s  Reply 

Between  approximately  2  and  15  bar.  The  lowest  pressure  was  !  .8  bar. 
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&OROK  COMBUSTION  IX  DUCTED  ROCKETS 

by 

Klaus  C.  Schadov 
Naval  Weapon?  Center 
Chim  Lak”,  California  93555,  USA 


Two-dimensional,  windowed  combustor  and  water  tunnel  tests  were  performed  to  study  the  qualitative 
effect  of  inlet  and  combustor  parameter  on  mixing  and  overall  performance  for  solid  boron  propellant  gas 
generator  ramjets  with  t**>  opposing  45°  si a?  air  inlets.  Highest  combustion  efficiencies  were  achieved  at 
lowest  air  injection  fc»ruir,cum  (resulting  in  minimum  nixing  rates  at  the  fuel/air  intersection  point)  and 
lowest  fuel  injection  asaentun  (resulting  in  highest  gas-phase  combustion  temperatures  during  boron  particle 
ignition  because  of  fuel-rich  plume  ignition  at  the  fuel  injector).  The  decrease  of  the  combustion  effi¬ 
ciency  with  increasing  air  injection  momentum  nay.  in  part,  explain  t!  e  observed  combustion  efficiency 
decrease  with  Jeereasing  ramjet  combustor  pressure  and  increasing  air-to-fuel  ratio,  which  ct  cons tent  air 
ir.iet  geometry  resulted  in  increasing  air  injection  momentum.  Tests  with  multiple  fuel  injectors  showed 
that  optimum  plume  ignition  at  the  fuel  injector  was  sore  difficult  to  achieve  at  decreasing  fuel  mass  flow 
per  fuel  injector.  The  conclusions  of  this  program  are  qualitative  because  of  lack  of  detailed  data, 
however,  they  provide  insight  into  the  importance  of  the  combustor  aerodynamics  for  achieving  efficient 
boron  combustion. 


NOMENCLATURE 


Area 

Air-to-fuel  ratio 

Characteristic  velocity 

Length 

Mo-  ontuo 

Mass  flew 

Pressure 

Velocity 

ndth 

Angle 

Combustion  fficiency 
Press  ire  difference 


Air 

Air  simulated  by  water 
Coobuscion;  gas  generator 
Combuscicn;  ramjet  combustor 
Fuel 

Fuel  simulated  by  xaCer 

Throat;  primary  motor 

Throat;  y.as  generator 

Throat;  ramjet  cezrbustor 

Difference  in  characteristic  velocity 


INTRODUCTION 


Efficient  boron  particle  combustion  in  solid  propellrct  gas  generator  ramjets  (Fig.  1*  (ducted  rocket j) 
depends  on  r.  iua*er  of  coupled  physical  u'3d  chemical  nrocvsses.  These  include  ♦‘urbulent  sizing  between  the 
air  oiid  the  go:  generator  plume,  which  contains  boron  particles  and  unreseted  gaseous  fuels,  i cion/ coo- 
bus  tlor  of  the  gaseous  fuels,  and  ignition/ combust  ion  of  the  boron  particles. 

■The  insporiar.-e  ef  the  gaseous  fuel  cr  mstion  (gas-phase  combustion)  for  ooron  particle  ignition/coa- 
bustion  was  studied  by  Nchac^w  (Ref.  1-'  *  ■'r  coaxial  mixing  flow  fields.  It  was  shown  chat  only  as  lon£ 

as  the  gaseous  fuels  of  thv  gus  genera  id**  to  react  with  the  air  before  excessive  mixing  occurred, 

the  resulting  ga^-phase  combustion  tern,  .»  were  above  1950k,  and  therefore  M*h  enough  to  free  the 

boron  particles  from  ths  inhioiring  oxi  -tyer. 

These  tests  indicate  that  for  acnieving  nigh  boron  c «sbuscion  efficiency,  in  general,  two  requirements 
arc  demanded  from  the  aerodynamics  of  ,ie  combustors  {!'  to  establish  flow  regions  with  near  stoichiometric 
gaseous  fael/air  mixture  ration  and  (2)  to  initials  gas-  phase  cocbLvticn  in  chess  si  tins  regions.  The 
importance  ot  these  re<Mireaent-  tor  combustors  with  co.xial  mixing  ha*  been  well  established  and  will  be 
farther  illustrated  in  the  following  paragraph.  In  crus  paper,  the  insight  into  coaxial  jsi£;ing  will  be 
used  t?.  interpret  experiments  whic.’  were  perfonned  to  gain  a  qualitative  understand  .g  for  non-coaxial 
"ii  \s  in  oosbustorr  wit!,  sice  air  inlets.  Again,  will  be  plsrtd  or  tho  effect  of  the  eo&oustor 

aer  Jynaaics  on  ges^phase  ignition  and  overall  perfcrmar.ee. 

For  coaxial  mixing,  near  stoichiometric  mixture  ratios  ;\th  highest  gas-phase  combustion  temperatures 
always  exist  in  the  extreme  fore-end  of  the  mixing  region  (Fig.  2.  ?ef,  2).  Tnercfore,  for  achieving  high 
boron  combustion  efficiency,  it  is  necc-.ssry  to  achieve  gas-chase  igniticn  at  the  gas  generator  nozzle 
(fuel  injector).  This  was  demonstrated  in  tesr'*  with  solid  boron  propellants  at  low  ramjet  combustor 
pressure,  for  example,  with  supersonic  gas  generator  exhaust  velocity  (fuel  injection  velocity)  gas-pbree 
ignition  occurred  several  injector  nozzle  diameters  downstream  of  the  fuel  injector  after  excess  air 
had  taken  place  3nd  the  resulting  gas-phase  combustion  temperatures  ware  below  the  boron  ignition  temperature 
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Figure  1.  Gas  Generator  Raj  jet. 


Figure  2.  Theoretical  Gas-*:.'se  Coabustion  Tenperatures 
(Boron  Inert). 

(<  1950K).  As  a  result,  the  boron  combustion  efficiency  was  low.  However,  at  subsonic  fuel  injection 
velocity,  gas-phase  ignition  occurred  at  the  fuel  injector  in  the  extreoe  fore-end  of  the  nixing  region 
where  highest  gas-phase  combustion  temperatures  existc  ..  As  a  result,  boron  combustion  efficiency  was  high 
(Ref.  4).  It  must  be  emphasized  that  gas-phase  ignition  at  the  fuel  injector  has  to  be  accomplished 
without  increasing  the  nixing  rate.  If  gas-phase  ignition  is  achieved  at  the  fuel  injector  with  nixing  or 
flameholding  aids,  Che  nixing  rates  nay  be  too  high  and  therefore  flow  regions  with  near  stoichiometric 
mixture  ratio*  night  not  exist  and  gas-phase  coabustion  temperatures  would  be  again  too  low  (Ref.  4). 

In  general,  coaxial  mixing  is  most  favorable  to  provide  initially  high  gas-phase  combustion  tempera¬ 
tures  for  the  boron  particle  ignition  process  because  the  air  gradually  nixes  with  the  fuel.  These  favora¬ 
ble  temperature  conditions  can  be  achieved  independently  of  the  fuel  injection  momentum  and  air  injection 
momentum.  On  the  other  hand,  coaxial  nixing  requires  long  combustor  length  and  is  not  practical  for  nany 
applications  such  as  combustors  with  side  no an ted  air  inlets. 

For  combustors  with  side  air  inlets,  mixing  at  the  fuel/eir  intersection  point  (Fig.  1),  in  addition 
to  pi*’  s  ignition  at  the  fuel  injector,  is  critical.  Therefore,  in  addition  to  the  fuel  injection  velocity, 
wh:ch  is  ricical  for  gas-phase  ignition,  the  air  and  fuel  momentum  becone  important  parameters.  These 
parameters  are  critical  for  fuel  penetration  into  the  airstreas  and  mixing  rates  at  the  fuel/air  inter¬ 
section  point.  Test  conditions  nay  exist,  at  which  nixing  rates  and  cooling  rates  at  the  fuel/air  inter¬ 
section  point  are  too  high,  thus  resulting  in  reduced  fuel  reaction  rate. 

To  gain  qualitative  insight  into  non-coaxial  mixing,  experiments  were  performed  at  the  Naval  Weapons 
Center  (NWC)  using  a  two-dimensional  (2D)  windowed  combustion  chamber  with  two  opposing  side  air  inlets. 

The  qualitative  effects  of  combustor  parameter  such  as  fuel  momentum  (sv)^,  air  fuel  injection  velocity 
(vf ) ,  air  momentum  (mv)  ,  and  air  inlet  geometry  on  mixing/ combustion  and  overall  performance  was  studied 
by ‘correlating  mixing  data  from  water  tunnel  tests  with  flame  characte  -istics  and  coabustion  efficiency 
data  from  combustor  tests.  Experiments  were  made  with  nvn-aetallized  and  boron-laden  solid  propellants. 

The  majority  of  the  water  tunnel  tests  and  the  combustion  tests  using  non-metallized  propellants  are  pub¬ 
lished  in  Ref.  5.  Highest  cozbustion  efficiencies  in  tests  with  an  air  injection  angle  of  *  90*  were 
achieved  at  lowest  experiaental  (nv).  or  v,  (to  achieve  plume  ignition  at  the  fuel  injector)  and  lowest 
(6v)a  (to  achieve  good  penetration  of  the  reacting  piuse  into  the  airstream). 

In  this  paper,  the  2D  combustor  tests  with  two  opposing  45*  side  air  inlets  and  solid  boron  pro¬ 
pellants,  as  well  as  additional  water  tunnel  tests,  will  be  discussed.  Specific  objectives  of  the  test 
program  described  in  this  paper  were: 

(1)  to  determine  combustion  efficiency  as  a  function  of  independently  varied  v^,  (erv)^,  (av)a>  an<* 
fuel  injector  numbers  and  as  a  fimeeion  of  air-to-fuel  ratio  and  ramjet  cosbustor  Pressure,  which  Included 
the  dependent  variable  of  (mv)^; 
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(2)  to  describe  flasc  characteristics  In  the  windowed  raajct  coebusior  as  function  of  'he  same  para¬ 
meter,  in  particular  to  qualitatively  assess  the  effect  of  position  of  pluxu  ignition,  which  bay  occur  at 
the  fuel  Injector  or  say  be  delayed  to  the  fuel/air  intersection  point,  on  overall  performance; 

O)  to  describe  water  flow  mixing  characteristics  in  particular  at  the  "fuel'V'air"  intersection  point 
as  function  of  ’’fuel**  and  "air"  injection  aoaentua  and  "air**  injection  angle;  and 

(4)  to  provide  qualitative  Insight  into  the  effect  of  v^,  vav)j  and  (=v)  on  oixing  and  overall  per- 
foraance  by  correlating  the  results  froa  water  tunnel  and  windowed  cosLustor  fe3fs.. 

The  variation  of  the  fuel  injector  number  in  the  combustor  tests  was  performed  at  constant  overall 
propellant  (fuel)  su sss  flow,  a^.  Therefore,  with  Increasing  injector  nuaber,  the  per  injector  was 
decreased.  Experiments  in  Ref.  4  showed  that  opticus  pluse  ignition  at  the  fuel  injector  was  norc  difficult 
to  achieve  with  decreasing  a^..  This  a^-scaling  effect,  which  was  related  to  the  interaction  between  gaseous 
fuels  and  boron  particles  during  plume  igruiou  process,  is  not  yet  fully  understood. 

The  2D  design  of  the  water  tunnel  and  cosfcjstor  was  chosen  to  simplify  the  flow  field  and  to  maRj  the 
aixing/ccabustion  aore  accessible  for  experimental  observation.  It  must  be  realized,  that  the  2D  flaw 
field  does  not  fully  represent  a  3D  fiov  in  an  axisysaetric  coabustor  with  two  opposing  side  air  inlets. 

EXPERIMENTAL  SET-UP 

Fig.  3  shows  a  Schematic  drawing  of  the  laboratory  coabustor  with  solid  propellant  gas  generator  and 
windowed  raajct  Coabustor  with  two  opposing  side  air  inlets.  In  the  gas  generator  with  a  45Z  weight  boron- 
laden  solid  propellant,  a  two- throat  arrangement  was  used  to  vary  v^  at  consta.it  sf.  Sonic  and  subsonic 
were  studied.  The  ntsber  of  fuel  injectors  was  varied  from  1  to  2  and  3.  Arrangcaent  of  the  fuel  injectors 
aay  be  seen  froa  Fig.  3.,  In  the  ranjet  coabustor,  easy  variation  of  the  following  air  inlet  geometries  was 
achieved:  axial  position,  L  ;  length,  L  ;  width,  V  ;  and  angle,  a  .  With  the  geometric  air  inlet  changes, 
the  air  inlet  Mach  nunber  varied  between  0.05  <  f  .68. 

During  a  typical  test,  the  air  mass  flow,  a  ,  --as  varied  between  about  2  and  4  lb/s  with  =.  constant 
at  about  0.25  lb/s.  Evaluation  of  the  tests  wasaperforiicd  at  the  lowest  nnd  highest  air-to-fuel  ratio, 
a/f  -  £  /a.,  about  8  and  20  corresponding  to  an  equivalence  ratio#  *,  of  about  1  and  0.4.  The  raajet 
conbustor  pressure.  Pc  ,  was  varied  oetueon  25  end  92  psia  by  varying  the  raajet  coabustor  throat  diameter 
D,.  With  the  changes  of  p  ,  and  the  air  inlet  area,  A  ,  (av)  varied  between  124  and  2980  lb  ft/s  , 
the  fuel  injector  pressurearatio,  P__/?^„,  oetween  about  1  and  14.  (av),  between  52  and  1250  lb  ft/s  , 

and  the  momentum  ratio  (fv)  /(sv).,  wtween  .16  and  5.8.  The  (av)  is  the  product  of  the  total  a  and  v 
of  one  inlec,  (sv)^  the  product  of  »oth  and  v,  of  or.e  injector.3  The  detailed  test  conditions  for  cac^ 
test  tuy  be  seen  froa  Table  I,  vnich  gives  a  suamary  of  the  conbustor  tests. 

Experimental  methods  consisted  of  gas  generator  and  raajct  combustor  pressure  measurements,  p  and 
Pc_,  nnd  high  speed  color  pnotography  of  the  flame  In  the  raajct  conbustor.  For  eacn  test,  the  eokbus.ion 
efficiency,  *2  (referred  to  n  in  the  following)  was  calculated,  which  was  based  on  the  P^  difference  or 
characteristicvelocity  difference,  Ac*,  with  and  without  combustion,  because  of  the  heavy  hardware  and 
relatively  low  rsf,  significant  heat  losses  and  therefore  low  calculated  n  even  for  efficient  coabustion 
must  be  expected. 
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Figure  3.  2D  Ramjet  Cocbustor. 


Fig.  4  shows  a  schematic  d  ravin?  j£  the  water  flow  tunnel.  Aerated  water  was  used  to  simulate  the  gas 
generator  exhaust  products  ("fuel**)  and  clear  water  to  sieualtc  the  air-  The  geometric  "air"  inlet  vari¬ 
ables  are  shown  in  Fig.  4  and  are  summarized  for  each  water  tunnel  test  in  Tabic  11.  "Air"  and  ‘’fuel" 
momentum,  <£v)  y  and  (av)  ^  v.  were  varied  by  varying  the  pressure  difference  at  the  "air**  inlet  and  "fuel" 
Injector,  ijA’and  i?{  u.  ’ 
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TEST  RESULTS 

Windowed  Cosbustor  Tests  (Combustion  Efficiency  and  Flase  Characteristics; 


for  two  P  g  levels.  Generally,  higher  n  was  achieved  at  3bout  90  psia  ti 
:hat  with  decreasing  P  ,  (cv)  increased  fr oft  about  225  lb  ft/s*  to  759 


Fig.  6  shows  n  for  two  P„g  levels.  Generally,  higher  "  was  achieved  at  about  90  psia  than  25  psia. 

It  should  be  noted  that  with  decreasing  P  ,  (kv)  increased  fr oft  about  225  lb  ft/s*  to  759  lb  ft/s*  or  v 
fross  0.055  Ma  to  0.1S  Ha.  The  tests  in  Fig.  6  included  a  wide  variation  of  (sfv),  which  effect  on  n  will  3 
be  shown  later. 


Fig.  7  shows  n  for  two  a/f  levels.  Generally,  higher  n  was  achieved  at  about  a/f-'-il  tnan  a/f-'lfi. 

It  should  be  noted  that  with  the  increase  in  a/f,  (av)a  increased  because  of  constant  air  inlet  geonetry* 

Fig.  3  shows  p.  as  function  of  (sv)  for  wide  ranges  of  P^.,  a/f,  and  (av),.  All  tests  wer*  oade  with 
one  fuel  injector.  It  say  be  seen  that  *|  generally  dec»'cased'with  increasing  t«v)a- 

Fig.  9  shows  o  as  function  of  (sv)  for  all  the  tests  conducted  in  this  prograa.  It  say  also  be  seta 
that  r.  generally  decreased  with  increasing  (w)a  despite  the  wide  variation  of  P a/f,  (sv>£»  P^p/P-., 
and  fuel  injector  nuaber.  * 

2 

Figs.  10  and  11  show  n  as  function  of  (ev).  and  P^/F^  for  nearly  constant  (bv)^  of  130  lb  ft/s  .  It 
taay  be  seen  that  except  for  Test  2a,  n  was  nearly  independent  of  (nv),  and  P^/P^-  f°*  £“is  ^  to  psia 
P  range.  The  color  aovies  showed  that  for  all  the  tests  except  Test  2a  in  Figs.  11  and  12,  pluae  ignition 
occurred  at  the  fuel  injector  and  goed  pluae  penetration  into  the  airstreas  was  achieved.-  In  Test  2a, 
however,  pluae  ignition  did  not  occur  at  the  fuel  injector,  but  was  delayed  to  the  fuel/air  intersection 
point.  This  delayed  pluae  ignition  say  account  for  the  lower  n  in  Test  2a  tl-**a  Tests  la  and  4a  at  the  sase 
(nv),.  The  delay  in  pluae  ignition  in  Test  2a  say  be  t.>e  result  of  the  cosbination  cf  high  (sv)^  or 
and  low  n  per  one  fuel  injector. 
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Figure  6.  Ccabustioc  Efficiency  vs.  Raajet 
Coobustor  Pressure. 


Figure  7.  Combustion  Efficiency  vs.  Air-to-Fuel 
Ratio. 
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Figure  11.  Combustion  Efficiency  vs.  Fuel  Injector  Pressure 
Patio. 
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Figure  12.  Combustion  Efficiency  vs.  Fuel  Injection  Momentum 
(Low  Pressure). 


The  effect  of  (sv)^  on  'i  for  26  psii  cay  be  seen  in  Fig.-  12.  The  -  decreased  witn  reasing 

(=v)f.  The  color  covies  showed  that  plume  ignition  occurred  at  the  fuel  injector  in  Test  13  -th  low 
(cv)t,  however,  at  the  fuel/air  intersection  point  for  Tests  14  to  17  with  high  (or)  .  Goo*  luae  penetra¬ 

tion  into  the  air  was  achieved  in  all  of  the  tests.  The  tests  in  Figs.  10  to  12  indicate  tl*  ~  was  inde¬ 
pendent  of  (sv) .  or  ?Qp/PQs  as  lor*S  as  ignition  was  achieved  at  the  fuel  injector. 

Fig.  13  shows  n  as  function  of  (sv)  /(mv)f.  The  r,  generally  decreased  with  increasing  momentum  ratio. 


Fig.  13  shows  n  as  function  of  (av)  /(av)f.  The  r,  generally 
ch  probably  mainly  reflects  the  effect  of  (mv)  on  *>. 


Fig.  14  shows  the  effect  of  fuel  injector  number  for  three  F-p/P..  lewis  which  corresponds  to  three 
6-  levels  per  fuel  injector.  It  cay  be  seen  that,  for  of  about  1  and  2.5,  r.  was  not  sijsiificantly 

effected  by  the  fuel  injector  number.  The  color  covics  Shoved  that  in  all  of  the  tests  at  these  P^p/P^'s, 
plume  ignition  occurred  at  the  fuel  injector.  At  of  about  6.5,  -  decreased  when  the  fuel  Vftjecvor 

rusher  was  increased  from  1  to  2,  and  increased  when  the  fuel  inject©.  m=ber  was  increased  fro*  2  to  3. 
Plusse  ignition  occurred  at  the  injector  in  Test  la  (a^,—  0.19  ib/s  per  injector),  however,  at  the  fuei/air 
intersection  point  in  Tests  2a  (a.— 0.11  lb/s  per  injector)  and  3a  (=f~- 0.05  lfe/s  per  injector*.  A  compari¬ 
son  of  Tests  la  and  2a  indicate  that,  at  the  same  P opticus  pluae  ignition  at  the  fuel  injector  was 
core  difficult  to  achieve  at  decreasing  per  injector  and  therefore  -  decreased.  The  i-iacrease  for  2  to 
3  fuel  injectf -s  was  probably  due  to  improved  fuel/air  mixing. 

In  scsmary,  the  results  sho-’cd  a  strong  effect  of  (sv)  on  n.  In  general,  n  decreased  with  increasing 
(sv)^  or  increasing  (a?)  /(sv)^.  This  result  may,  in  part,aexplain  the  observed  '-decrease  with  decreasing 
and  increasing  a/f  wnich  at  constant  air  inlet  area  generally  resulted  in  increasing  (=v>  .  It  can  be 
speculated  that  (sv)  or  (w)  /(av).  have  a  strong  effect  on  the  mixing  rate  at  the  fuel/air  intersection 
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Figure  13-  Combustion  Efficiency  vs.  Air/Fuel  Mnnencun 
Rates. 
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Figure  14.  Combustion  Efficiency  v*.  Fuel  Injector  Musbtr. 

Tne  (cv).  cr  had  no  effect  on  n  as  long  as  plume  ignition  occurred  at  the  fuel  injector.  The 

"  decreased  with  increasing  (nv)f  vhen  plume  ignition  was  delayed  downstream  to  the  fuel/air  intersection 
point  at  low  or  low 

The  color  aovics  indicated  that  good  fuel  penetration  into  the  air  was  achieved  independent  of  <£v)  . 
It  appears  that  the  451  air  injection  angle  was  favorable  to  maintain  good  fuel  penetration  with  decreasing 
which  say  also  he  seen  from  the  following  water  tunnel  test  results. 

Water  Tunnel  Tests 

figs.  15  and  16  show  the  effect  of  (nv>3  J (=n*) ^  ^  on  the  siring  characteristics,  in  particular,  at 
the  ”fuei"/Mair"  intersection  points.  At  v/(**h  v  *  £.95  (**8-  IS).  3t  which  highest  ~  was  achieved 

in  the  combustor  tests,  taxing  rates  were  visibly  lower* than  at  (sv)  (ev>  ^  v  »  1.82  (Fig.  16).  The 
increase  in  fixing  rates  in  the  water  tunnel  tests  with  increasing  (fiv)  /(=v),  nay  explain  the  observed 
n-deercase  in  the  cosbustor  tests  with  increasing  (nv)^. 

The  effect  of  a^  ^  on  "fuel"  penetration  into  the  “air-  for  (nv)^  tf/(=v)f  j-E  is  shown  is  Fig.  17.  It 
se€n»  that  at  a  ^  *  90*  significant  amount  of  "fuel  *  was  reflected  iron  the  "air**  stress  back  into 
the  plenum  region.  Froh  here,  it  flowed  downstream  on  both  sides  of  the  "air**  inlet  along  the  tunnel  wall. 
These  flow  patterns  indicate  poor  "fuel"  penetration  into  the  "air"  stream  at  a  »  90*.  At  the  same 

momentum  ratio,  "fuel"  penetration  was  improved  at  a  -  60*  and  probably  wiil3^  further  improved  at  a 
*  45*  which  was  not  studied  in  the  vatir  tunnel.  *’  a,v 
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Figure  15.  Water  Flow  Characteristics  at  Low  "Mr" 
Injection  Monentus. 


Figure  16.  Water  Flow  Characteristics  at  High  ”A*r" 
Injection  Moaentun. 
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Figure  17.  Water  Flov  Characteristics  at  Varying  "Mr 
Injection  Angle. 
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DISCUSSION 

Efficient  boron  particle  combustion  depends  on  a  number  of  interrelated  coiibustor  parameters.  In  the 
following,^ primarily  the  qualitativeneffect  of  (mv)  ,  (mvK  and-v  (or  ^cp/pcc)  h  will  be  discussed. 

Furthermore,  the  effect  of  fuel  injector  numbers  wifi  be  considered  whicn  points  out  sa  as  scaling -effect 
on  n.  From  the  available  test  results,  it  is  clear  that  only  a  qualitative  assessment  of  the  effect- of 
each  of  the  parameters  on  n  can  be  mSde  because  of  lack  of  detailed  flow  data.  For  the  interpretation  of 
the  test  results,  the  insight,  which  was  previously  gained  into  coaxial  mixing,  was  helpful. 

For  the  combustor  with  opposing  side  air  inlets,  (mv)  appears  to  be  the  most  critical  parameter.  The 
tests  clearly  showed  that  n  decreased  with  increasing  (mv)  .  The  water  tunnel  tests  indicated  that  the 
r(-decrease  was  caused  by  increasing  mixing  rates  at  the  fuel/air  intersection  point  which  probably  resulted 
in  excess  mixing  or  cooling  in  the  reaction  zone.  Excess  mixing  is,  in  particular,  critical  for  boron¬ 
laden  fuels  because  the  high  mixing  rates  may  prevent  flow  regions  with  high  gas-phase  combustion  tempera¬ 
tures  to  be  established  which  are  required  to  free  the  borOn  particles  from  the  oxide  layer. 

The  demonstrated  strong  effect  of  (av)  on  r.  may,  in  part,  explain  the  n-decrease  with  increasing  a/f 
and  decreasing  which  at  constant  air  inlet  geometry  resulted  in  increasing  (mv)  .  Although  the  n- 
dependence  on  a/r  and  cannot  be  explained  by  the  effect  of  (mv)  only,  it  seemsaclear  that  highest  n  at 
low  P^s  and  high' a/f  can^be  achieved  at  minimum  (ov)a»  3r 

A  strong  effect  also  of  (mv),  on  n  was  expected  because  it  is  critical  for  both  fuel  penetration  into 
the  air  and  plume  ignition.  However,  the  (mv)-  effect  was  less  than  anticipated  because  good  fuel  penetra-  ' 

tion  was  achieved  even  at  the  lowest  (sv)f,  and  optimum  plume  ignition  at  the  fuel  injector  was  achieved 
over  a  wide  ri-nge  of  test  conditions  as  discussed  in  further  detail  In  the  following.  \ 

Good  fuel'penetration  for  all  the  tests  was  probably  achieved  due  to  a  *  45*.  Water  tunnel  tests 
indicated  that  at  this  a  .  even  at  lowest  (nv)^  w,  “fuel1*  penetrated  intoafhe  "air"  which  was  not  the 
case  for  a  -  90°.  lnatKe  combustion  tests,  no’visible  effect  of  (mv),  on  fuel  penetration  was  noticed 
either;  thetefore  it  must  be  assumed  that  any  significant  effect  of  (mv)j;  on  n  was  mainly  related  to  the 
effect  of  (mv)^  or  v^  on  plume  ignition. 

At  low  (mv)_  or  subsonic  v,,  plume  ignition  occurred  at  the  fuel  injector  and  highest  n  was  achieved  \ 

at  all  (&v)a  or  P^  levels.  With  plume  ignition  at  the  injector,  probably  highest  gas-phase  combustion 
temperatures  were  achieved  as  demonstrated  for  coaxial  mixing  in  Ref.  4.  With  increasing  (mv)-,  the  n 
remained  constant  when  plume  ignition  was  maintained  at  the  optimum  position  at  the  fuel  injector.  This 
was  the  case  for  45  psia  <  P-g  <  65  psia  with  mf  >  0.25  Ib/s  per  fuel  injector.  The  n  decreased  with 
increasing  (mv)f*  when  the  increase  in  (mv)f  resulted  in  delayed  plume  ignition  at  fuel/air  intersection 
point.  With  this  ignition  delay,  probably  the  plume  combustion  temperatures  before  fuel/air  intersection 
were  lower  and  the  combustion  during  fuel/air  intersection  was  more  adversely  effected  by  the  high  mixing 
rates.  Decreasing  n  with  increasing  (av)f  was  observed  at  Pcg-25  psia,  and  at  45  psia  <  Pcs  <  65  psia  in 
tests  with  more  than  one  fuel  injector. 

The  observed  plume  ignition  delay  at  low  P_  and  high  (mv)-  (or  high  v^)  is  consistent  with  the  coaxial 
mixing  tests.  It  had  been  shown  that  the  ignition  delay,  which  zs  probably  caused  by  long  reaction  rates 
and  insufficient  mixing  on  the  molecular  scale,  resulted  in  low  gas-pbase  combustion  temperatures  and  low 
n. 

The  observed  n-decrease  at  high  (mv)-  and  two  or  three  fuel  injectors  point  to  the  a*  scaling  effect 
in  plume  combustion  discussed  earlier.  The  results  of  this  program  and  of  Ref.  4  indicate  that  plume 
ignition  was  more  difficult  to  achieve  at  decreasing  m-  and  could  therefore  be  more  adversely  effected  by 
increasing  (aw),  or  v,.  This  m-  scaling  effect,  vhichrin  Ref.  4  was  related  to  gaseous  fuel/partidc 
Interaction  during  plume  Ignition,  has  to  be  considered  when  more  than  one  fuel  injector  will  be  used.  The 
m-  scaling  effect  is  critical  because  the  gain  in  improved  mixing  with  multiple  Injectors  may  be  offset  by 
less  than  optimum  plume  Ignition  when  is  decreased  below  a  critical  value. - 

CONCLUSION 

For  achieving  high  n  in  combustors  with  two  45*  opposing  side  air  inlets,  the  position  of  pltpe  ignition 
and  mixing  rates  at  the  fuel/air  intersection  point  were  critical.  Highest  n  was  achieved  at  lowest  (mv)f 
(resulting  in -plume  ignition  at  the  fuel  injector  and  therefore  in  highest  gaseous  fuel  combustion  tempera¬ 
tures)  and  lowest  (mv)  (resulting  in  minimum  mixing  rates  at  the  fuel/air  intersection  point) .  The  strong 
effect  of  (mv)  on  n,  may  in  part,  explain  the  n-decrease  with  increasing  a/f  and  decreasing  P--,  which  at 
constant  air  inlet  geometry  resulted  in  increasing  (mv)  .  Tests  with  multiple  fuel  injectors  sm  ad  that 
optimum  plume  ignition  at  the  fuel  injector  was  more  difficult  to  achieve  at  decreasing  mf  per  in^ictor. 

The  conclusions  are  qualitative  because  of  lack  of  detailed  flow  data,  however,  they  provide  Insight 
into  the  importance  of  the  combustor  aerodynamics  for  achieving  efficient  boron  combustion. 

REFERENCES 

1.  K.  Schadow,  ’’Boron  Combustion  Characteristics  in  Ducted  Rockets,*'  Combustion  Science  Tech  *7.,  Vol. 

May  1972,  pp.  107-117. 

2.  S.  H.  Abbott,  L.  D.  Smoot ,  and  K.  Schadow.  "Direct  Mixing  and  Combustion  Efficiency  Measurements  in 

Ducted,  Particle-Laden  Jets,”  Aner  Inst  Aeronautic: s  and  Astronautics  Js  Vol  12,  No.  3,  March  1974, 

pp.  275-282.  AXaA,  New  York. 

3.  K*  Schadow.  "Study  oi  Gas-Phase  Reactions  in  Particle-Laden,  Ducted  Flows,"  Aimr  Inst  Aeronautics  and 

Astronautics  d,  Vol  IT,  No.  ?,  July  1973,  pp.  1042-1044.  AXAA,  New  York. 


I 


:-i2 


4,  K.  Sehadow.  "Fuel-Rich,  Particle-Laden  Plume  Combustion,"  .teer  Inst  Asronautios  and  Astronautics  J, 
Vo i  11,  So,  IS,  Deceaber  1975.  aIAA,  New  York. 

i.  K.  C.  Scfiadow  arid  I).  J .  Chieze.  "Hater1  Tunnel'  and  Windowed  Ojcbustor  as  Tools  for  Ducted  Rocket 
Development,"  presented  at  the  1981  JANNAF"  Propulsion  Meeting,  New  Orleans,  Louisiana,  May  1981, 
(publication  UNCLASSIFIED; ) 


DISCUSSION 


R.Lo 

Wouldn’t  ydii  consider  average  temperturc  in  the  mixing  zone,  boron  particle  size,  and  geometric  considerations  as 
more  important  parameters  influencing  combustion  efficiency  than  air  injection  momentum? 

Author's  Reply 

To  achieve  high  boron  combustion  efficiency,  high  temperature  zones  downstream  of  the  fuel  injectors  are  essential 
to  free  the  boron  particles  from  their  boron  oxide  layer.  Air  injection  momentum  (air  injection  velocity)  is  one  of 
the  major  parameters  determining  the  magnitude  of  the  temperatures,  and  therefore,  one  of  the  major  parameters 
affecting  boron  combustion  efficiency.  (Note:  The  following  paper  by  Mr  Besser  also  points  out  the  importance  of 
the  air  injection  velocity.) 


R.Lo 

You  showed  us  a  slide  where  the  ratio  of  the  air  momentum  to  fuel  momentum  varied  from  .5  to  2.5,  and  yet  your 
flame  pictures  showed  an  optimum  in-between  thee  values. 

Author’s  Reply 

The  flame  photographs  had  no  relationship  to  the  test  data  I  showed.  They  were  only  used  as  an  example.  These 
flame  pictures  were  done  with  a  non-metallized  propellant  that  had  no  relationship  to  the  combustion  efficiency 
results  in  this  presentation. 


L.Nadaud 

Quel  est  le  pourcentage  de  bore  et  le  pourcentage  d’oxydant  utilises  dans  le  propergol  dc  votre  gdnerateurde  bore. 
Author’s  Reply 

The  detailed  information  I  cannot  giye  you,  but  the  boron  percentage  was  46%  by  weight. 


R.Monti 

I  think  that  all  your  data  points  out  that  the  main  parameter  is  the  stay  time  of  the  boron  particle  at  high 
temperature  and  so  that  would  explain  most  of  this  data.  The  particle  size  distribution  is  also  very  important.  Did 
you  make  any  experiments  of  different  particle  size? 

Author’s  Reply 

The  original  particle  size  in  the  propellant  is  sub-micron.  Of  course,  we  don’t  know  what  agglomeration  takes  place 
in  the  gas  generator  and  so  we  don’t  have  detailed  data  or.  the  effect  of  particle  size. 
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Des  gaz  reducteurs  susceptibles  d'aliaenter  le  foyer  d'une  chaabre  *>tator*acteur  pauvent  etre 
genirls  par  un  propergol  sbusigxygSnS,  La  solution  retenue  en  vue  d'avoir  use  discretion  totalc  a 
d'incorporer  me  foible  quantit^.d'un  oxydant  organique  dans  unliant  hydrocarbon^.  La  exposition  portant 
le  humero  der€£grehee  1603  a  lt€  caract€risec  des  points  <ks  vxia  mise  en  oeuvre,  proprietls  m£caniques 
et  balistiques.  Is  repercutioh  sur  les  parametres  balistiques  de  la  grahuiemetrie  et  du  taux  de  la 
charge  et.de  la  nature  du  liant  a  etc  £valuee. 

INTRODUCTION 


Pepuis  le  d£but  des  annSes  1970,  la  Society  Nationale  des  Poudres  et  Explosifs  (SNPE)  en 
collaboration  avec  1 'Office  National  d'Etudes  et  de  Recherches  Aerospatiales  (ONERA),  sous  concrats 
de  la  Direction  Technique  des  Engine  (DTEN),  a  cherch6  &  devslopper  des  propergols  solides  dont  la 
combustion  produisait  des  gaz  r€ducteurs.  Entre  autres  utilisations  possibles,  ceux-ci  pouvaient  servir 
de  coobustible  pour  la  propulsion  de  statoreacteur s  ne  produisant  pas  de  ftrnies.  Nous  nous  proposons, 
dans  le  cadre  de  cat  article  de  detainer  la  fabrication  de  ce  type  de  propergols  et  de  prdciser  leurs 
performances. 

Cette  nouvelle  fami lie  de  propergols  produisant  des  gaz  rSducteurs  est< la  troisiese  d'une 
seric  de  prodults  dSveloppes  en  France. 

Eneffet,  dans  un  premier  temps  la  SNPE  a  mis  au  point  des  formulations  a  base  d*un  oxydant 
mineral  et  din  liant  hydrocarbone.  Celles-ci  decoulaient  de  recherches  ex€cut€es  dans  les  laboratoires  de 
l'ONERA  (3).  Ce  type  de  produits  qui  constituait  la  premiere  generation*  a  subi  avec  succes  des  essaxs 
en  vol  de  missile  £  carbutant  solide  (1)  (voir  tableau  1); 

La  seconde  generation,  mise  au  point  ultdrieureaent,  £tait  fondee  sur  l'utili sation  du  m See 
oxydant  dans  un  liant  hydrocarbone  densifiS^  L'augmentation  de  don site  Stait  cctapcnsee  par  unc  diminution 
de  1* impulsion  specif ique  et  de  la  chaleur  de  combustion  dans  l'i»£r.  En  effet,  la  densification  augjsentait 
le  taux  de  carbone  au  detriment  du  taux  d'hydrogene.  Cette  seconde  g6n€ration  n'a  subi  jusqu*3  present 
que  des  essais  en  soufflerie. 

Pour  la  troi$ieae  gyration  dont  les  propri£tes  d'un  representant  vont  etre  decrites,  l'efforz 
a  port5  plutot- sur  1 'augmentation  de  la  chaleur  de  coobustion  dans  I'air,  sans  modification  de  densite 
(voir  tableau  1).  Pour  augaenter  celle-ci,  on  s'eat  rapidement  rendu  compte  que  l'utilisation  des  oxydants 
mineraux  classiques  dans  les  propergols  etsit  iesuffisante.  Aussi  divers  oxydants  organiques  ont  et€ 
alors  testes-  Ceux**ci  donnent  en  gfinSral  des  performances  superieures  car  a  l'etat  pur,  xls  brulent  plus 
facilement  que  les  oxydants  mineraux*  II  faut  done  des  quantites  plus  faibles  deuces  produits  cnergetiques 
pour  entretenir  la  pyrolyse  du  propergol. 

Sur  cette  base,  a  etc  mise  au  point  une  Serie  de  propergols  3  viresse  de  combust ion  et 
exposant  de  press Ion  differents*  Pour  1'une  des  compositions  les  mieux  connues,  le  gain  de  performance 
par  rapport  aux  premieres  generations,  c'est-3-dire  la  chaleur  de  combustion  dans  I'oxygine  acteint  9  %. 

1 EVALUATION  DE  LA. COMPOSITION  DE  REFERENCE  - 

Sous  le.  non  de  .code  16Q3,  a  ete  figee  une  formulation  de  foraule  brute  suivante  (base  100  graces): 

H;53  h.38  °I.15  S0.44  *0.02 

Une  telle  formulation  a  une  chaleur  de  combustion  sesuree  dans  1'oxyg hse  de  8020  cal/g  et 
une  masse  volumique  de  1060  kg/m3. 


■’ll.  Temperature  des  gaz  dans -le  gendrateur 

Les  codes  de.  calculs-habituels  de  provision  des  performances  theorxques  despropergols»ne  sent 
pas  adaptes  tiux  csiculs  de  la;  tea^ra ture  des  gaz  de  pyrolyse  des  propergols  f roids.  En  eifet,  ils  font 
I'hypoth^se  de  L'equilibre  chimique  dans  la  chaabre  du  generateur  de-gaz.  Or  la  faible  temperature  dt 
flamme  conduit  a  une  d^cos^sosition  incooplete  ‘4es_  Hants.  £n  particulier,  leS  calculs  Xont  ^paraitrc 
des  £  leyes  de  cartone  solide  (de  l*ordre|de_750*  %).  Or  le3  ahalyses  sontr5nt  la  p rc sense  d  ’ hydro- 

c|rbure8  ,legers  et  1  curds.  Par  ailleurs*  ,1a  cot$osiEion^exact^  des  preduits  de  pyrolyse  ^  cours 

Qiftoztim  ^  twps_r<te  =s€jc«r  1^  g^^rateur  (voif^f - 

Par  lUnteragdiaife  de-theraoed#^^  piati«*plaBn€  «iodi€  on  peut  avoir  acc^  I  la  tesq*irsture 
sesuree  des  gaz.  Celle-ci  s’etablit  5  920  K  environ  p<»rlle  propergol  1603- 


Pour  e valuer  les  performances  theerxques  de  cos  propergols*  il  fauc  conveair  de  conditions  do 
references  pc*jr-i4:A^Eor®act:0ur  Bass  les  figures  I  at  2, on  considers  qua  celui-ci  fonctionce  5  use 
pressionde  0,57  IShet  que  I*air  esc  introduit  dans  des  conditions  d* altitude  nulle  et  de  Kach  fgsl  a  2* 

La  figure  I  donne  1‘ evolution  de  la  te=q>erature  da  foyer  (Tc)  et  de  l;iepulsioo  specif ique  (Is^+p)  ,par 
unite  de  poids  du  melange  air-re due Ceurisj^f^jctioo  du^rapport, des. dibits  d*air  et  de  eoeburant  (A/F). 

Os  voit  que  la  t^plrature  atteint  2600  ff  au  voisina'ge  d»Tiippert'  atdechioeetrique  (9,8)  et  quo  I'ispul- 
sioa  culaine  1  92 

La  figure -2: dlcrit  1  ‘dvolutioa  en  fraction  duxaese  rapport  de  1  *i— pulsicn_ra»enec  au  debit 
de  earhufant  rIsp}* 

!3.  Hisc  ~en  oe<  ^ sateriau 

Sans  detainer  la  coapqsitira  exacre  de  la  formulation  2  603  qui  est  breve  tec  et  classifies  * 
ilest  i^iorta^t  d*i^iq»ter  quelques  aliments  fondahentaux:  ie  taux  de  charges  solides  qui  est  incorpore 
au  p  »*ergol  est  de  ocihs.de  30  Z  et  le  liaht  est  "3  base  d’ube’variSty  de  pclybutadiene,  qui  est  on 
prepoljhserc  relativeoent  fluide.  Aussi  la  pate  de  propergol  au  nalaxage  est-eilepeu  visqueuse.  Au  visce- 
siaetre  BROOKFIELD,  3  ua  cycle. par  minute,  celle-ci  est  d€  i*©rdre  de  2000  poises.  La  coulee  du  propergol 
set*  pour  des  formes  de  chargereot  teuimeatees,  eat  tr£*s  alsee.  Ls  graviti  stole  penset  de  ritspHr  les 
ooules  sans  aunts*. art  if  ice.  Ceci  contr^ftc  £?ec  les  difficultes  de  mi  se  en  oeuvre  de  propergols  cts^seitufs 
de  perchlorate  d*a^onitsi  (20-30  Z)  de  bore  (35-45  Z)  et  de  reducteurs  solides.  Le  dernier  type  de 
propergols  est  ca?acteri$€  par  de  fortes  viscosites,  car  les  granulometries  de  ces  charges  sent  g6e€ra- 
lemant  voisines  et  fines.  Seulcs  les  techniques  d’injecticn  et  de  compression  permettent  dc  realiser  des 
blocs  et  ceci  dans  des  geometries  simples*  bloc  3  combustion  froatale  par  exemple. 

Apr3s  la  coulee,  la  polymerisation  du  propergol  est  de  7  jours  3  60  *C. 

14.  Froprietes  ageaniques  et  physiques 


Les  proprietes  otcaniques  du  cateriau  out  ete  evaluees  sur  Fprouvettes  ha Stores  3  diffgreates 
vitesses  de  traction  (R),  entre  0,5  et  500  reu'en  (tableau  2)  et  dans  la  plage  de  temperature  -  54, 

Le  faible  taux  dc  charge  en  oxydant  confere  a  ce  produit  de  bonnes  propri£t€s  secaciques.  A  20#C*  la 
charge  3  la  rupture  est  de  7,9  bars  et  I*allhhge=en£  .maximal  do  154  Z.  Ces  valours  scut  respectiveaent 
e gales  3  32  bars  et  a  300  Z  pour  -  54*C  et  3  5  bars  et  a  90  2  pour  74  #C. 

Les  resultats  de  contraistes  3  la  rupture  soot  repr£sentes  dans  la  figure  a*  3  en  reduisant 
les  eourbes  par  equivalence  vitesse  de  trectira-tempfrature. 

Ccs  caractgristiques  mecaniques  rendent  ce  propergol  particvliereseat  apte  3  1  'utilisation  en 
soule-collf.  Corse  ie  niveau  de  vitesse  de  combustion  impose  use  coraustion  radiate,  et  que  le  taux  de 
residua  gleve  interdit  pratiqueaent  one  combust  ion.  front  ale,  seuls  desblccs  mrales-colles  .3  combustion 
r»diale,scnt  done  possibles,  Ea  dianetre  300,  un  bloc  de- forme  FZSOCYLE-durerait  environ  200  sccosdes, 
ce  qui  correspond  a.  use  possibility  dfutilisation.  Avec  use  forme  etoilge  ea  diajsetre  200  ess,  une  durce 
de  combustion  de  40  seconder  peut  etre  ggalemest  envisages . 

15-  Caracteristiques  de  sScurite 

Par  rapport  aux  propergols  classiqc-s  gcafirant  cesgar  reducteurs,  qui  soat  constitues  d*ua 
oxydant  mineral  (geseralesent  le  perchlorate  d*aa aonitzm)  et  d*un  liant  hydrocarbon^,  1 ‘utilisation  d*w* 
oxydant  organ ique  3  caractere  explosif  obligatoire  unt  caracterisatioa  fine  de  la  sfeurite  d* utili¬ 
sation. 


Le  tableau  3  fournit  les  valeurs  de  jugenent  habituellcs  dans  ce  dosaine.  La  sensibility  «s«- 
cee  par  l'utilisation  de  eee  oxydants  erganiqu ei  restc  voisiae  de  cellc  des  propergols  3  oxydant s  sisliam. 
Xls  soot  done  classes  ea  1-3. b  (OaU) . 

16-  Fropri€t€s  aecaniques  des. collages 


Les  qcalites  d*adherence  6c  la  composition  i 603  sur  des  liners  et  inhibiteurs  de  type  PBC?, 

FBHT  et  PTC  oar  Ite  evalules  ea  traction  et  ea  pelage.  Les  propriety  nfcaaiques  sohr  trls  satisfaisahres 
notaacent  pour  les  liners  de  type  FBHT.  Far  exemplc,  poor  le  linet  FS9T/B,  la  charge  i  la  rupture  est  de 
5,4  bars.  Cette  valour  est  tres  proche  de  la  charge  a  la  rupture  de  la  composition  1603  qui  est  de  7  bars. 

Toutes  les  ruptures  des  asscsfc’ages  liner/1603  rat  lieu  de  f a^on  cohSsive  dans  le  propergol, 
ce  qui  confine  la  qualite  de  ce  collage,  et  1 ’aptitude  de  ces  propergols  3  realiser  des  blocs  coules-tolles 
(tableau  3)- 

17.  Evaluation  de  la  vitesse  de  cosbustlra  en  blocs 


L'evaluatira  Ce  la  vitesse  de  combustion  de  cette  it icn  a  ttc  ^ffeotule  cntre  6  tt;J20  brfs 

avec  des  blocs  de  II  ^  a  canal  central  etoile.  La  pressira  de  fhrahre  est  rf glee  par  aa  diaphrag^e  acieri 
ra.qai  peraet  d’cviter  les  depots.  Le  fooctionacacnt  ou  issteur  est  stable  da^ts  le  s^aine ,de  pressira  explore. 
La  vitesse  de  census tion  est  faible  (0,92  ise/s  3  50  bars)-  La  rourbe  d* evolution  de  ls  vitesse  ea  fonction  de  la 
pressira  coafere.au  produit  dev  possibilites  iaportantes  de  scNlalntion  par.aodification  siJ  coers,  du  tir  Ce 
1  *ai re  au  col  ( f igure  4) v? La  vitesse  de  ^^ustira  passe  de  ^,5  sss/s  Z  I0;bsrs  a  l.S  cfc/s  a”  120  bars,  te  _ 
rapport,  dc  Kjdulariracstdcnc  dei3,2^aK>*Centreces,pressioas.  -  -:=  - 

La  eoabustira  du  prqduit  laisM  aprfes  tir  tm  r^sidu  charbraneux  a  l*ist?rieer  de  'la“  chambre.  I* 
pourocatage  du  restdu  par  rapport  a  la  sassc  inttiale  de  picpergol  o’est  pas  inf  luenco^par  'I'd  terp^ratore. 
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la  taille  du  chargesent  ou  la  prcssios  de  tir.  11  esc  co^ris  entre  10  efc  14-%.  -  - 

Le  coefficient  de  tezperatufe  1st  de  0,55  %  par  degre.  Ceci  esc  une  valour  rclativ^Mlat 
lievie,  aais  il  est  possible  dc  reduire.  l'inf  luence  dc  ce  paran?tre  par  I'utllisation  de  la  forte  espacite 
de  modulation.  - 

IS.  Evaliiation-des^rendenents: do-coefeiistios  en-chanbre -statdreacteur ,  -  --• 

"  Le  readeaent  de  codbustioii :en  soufflerie  a  4ite€valu£par  I'OSERA.  dans  une  cHastbre  de  200  ss 

de  diasetre  4  4  entrees  df air  latetaleSen  simulant  use Vit€sSe  de-Vol  de  H^&?2  ct  une  altitude  de 
1,5  ks  et  par  use  sbeiete  aaericaiae  ARC  en  chasbre  de  152  m. 

Cans  le  premier  oas,  le  bloc  getierateur  fonctioaee  a  une  pression  aoyenne  de  32  bars  et 
debite  0,280  kg/s  pendant  47  s.  Le  debit  d'air  est  de  7,2  kg/s*  La  richesse  esc  de  0,38  (courbes  de  tir 
en  figure  a*  5).  La  cfiiaabre  statoriictdur  a  parfaitaiehVfoactionne,  la  perte  de  pression  tetale  entre 
les  saaches  a  air  et  la  fin  de  la  chanbre  de  combustion  est  de  14  Z,  le  readiest  de  combustion  defiai 
cocse  etant"le  rapport  entre  le  debit  de  gaz  brule  et  le  debit  de  gar  injecte  est  de  0,91, 

La  deuxieae  evaluation  s'est  deroulee  dans  le  cadre  d*un  cone rat  de  1 *A?APL.  La  SNPE  a  livre 
a  ARC  JO  chargeoents  pour  evaluation  an  baac  et  en  chzrbre  stater£acteur  dei!52  =o  de  dianetre.  Cinq 
essais  oat  €t€  realises  avec  sueces  d^ss  cctte  derai ere  configuration;- Lis  readesents  de  combustion  scat 
ires  eleves  (2). 

19.  Discretion  du  jet  du  statorf-acteur 

Pour  les  propergols  de  la  trolsiece  generation,  les  produits  dc  cosbustion  des  gaz  de  pyrolyse 
avee  t'air  sont  essestieilenent  gazes*  aux  pressions  et  temperatures  habitselles-  So  effet,  ils  sont 
ecastituSs  prineipalesseot  d'azotc  et  dfoxyg«ni,  ct  d'lm^is  de  gat  carbonique -er  d'eau.  En  raises  de 
1'ifficacite  &  In  cciiustion  des  giz  tiducteurs ,  tf eS  pea-d!fcydroearbures  £M>xuleS  sortent  de  la  chasbre 
4e  coshustiem,  et  ils  Sent  ties  dilues.  Aussi  la  transparence  du  jet  est,  elle,  tres  bonne,  saperieure 
par  excrple  aux  aeilleurs  propergols  double  base  sans  fteee.  En  effet,  dans  ce  dernier  cas,  les  additifs 
balistiqucs  (sels  de  cuivre,  de  plonh)  et  la  presence  d’inhibiteur  reduisent  legereaent  la  transparence. 
Sous  ce  rapport,  les  formulations  de  ce  type  soat  bien  superieurcs  aux  formulations  au  bore  qul  sent 
tr«s  icdiscretes- 


2.  SECLACS  S£  LA  ¥iT£SSE  DE  C0?QUSTI0S 

La  exposition  doat  les  performances  Ont  ete  deceit eS  ci-dessns  s’est  qUe  l’une  des  possibility* 
de  reglage  des  propergols  de'  treisieme  generation.  £n  faisant  verier  divers  pa  rune  tres,  des  variants 
peuvent  ctre  atteintes. 

21.  Influence  de  ia  granulcsStrie  de  1'oxydant 

L'utilisltfon  d'uae  quality  pins  gross e  pour  I'oxydaat  modi fie  profosdfeenr  les  qua! lies 
cinetiques  du  satiriau  (figure  6).  La  -itessc  dfc  combustion  I  50  bars  chute  de  62  Z,  La  sensibility  de 
la  vitesse  de  cessation  a  la  pression  devient  beaucotq*  plus  faible-  Le  raux  de  residu  est  ligerement 
supericur  5  celui  de  la  coapositiea  IISJ.  II  est  co^»ris  entre  13  et  15  *.  L’tirilisation  dc  yarietes 
nicr  uniques  de  I’oxydant  a  entrain®  pas  &  nodi  fi  cation  de  la  viteSSe  ce  cohost  ion- 


22.  Influence  du  tanx  d’oxydant 

La  diminution  dc  22  *  du  taux  de  charge  provoque  une  dininution  i— portdntc  dc  la  vitesse  d$ 
cxbusticn.  A  50  bars  elle  passe  de  0.92  =/s  pour  la  composition  nominale  1  0,45  s/s.  La  sensibility 
eo  function  de  la  pression  s'est  pas  r^difiee.  Le  tan*  de  residu  n’est  egalesent  pas  affecte  (figure  a*  7). 
Cc-taue  on  a  replace  1*  cay  dan  t  OTgasique,pbur  par  tie,  par  sa  liant  de  dessite  pies  faible,  la  density  du 
propcrgol  e'est  plus  que  de  1,04. 

Ea  revanche,  la  diminution  da  taux  en  oxydant  entrzxne  une  augnentatlcn  du  caractlre  rfducteur 
des  gas  gfneres.  La  chaleur  de  ccahustien  dans  i'oxygene  devient  egale  a  8500  cal/g  centre  8020  cal/g  pour 
la  composition  1603  nominal e. 

Si  ^  diminution  du  tas  de  charge  entralne  une  diminution  de  li  vitesse,  une  augmentation 
du  tame  de  charge  de  23  2  cat  raise  use  augmentation  de  €3  2  de  la  vitesse  de  combustion.  On  voir  ainsi 
qae  le  type  de  fdrslation  peraet  une  variation  de  vitesse  de  combust  ion  d’us  fact  cur  3  cr.vi  rcr.. 


23.  Hodificatioa  de  la  nature  des  Hants 

'L'util  Isa  ties  d*un  list  pelybutadi^ae  oedifie  esrcmpl  a  cement  du  Kant  usuel  entralne,  pour 
des  taux  de  charge  idestlqucs,  use  modification  asses  sensible  dc  Involution  de  la  vitesse=de  cs^ustion 
ea-fonctien  de  U  pression  (figure  I),  Cet  effet  est  surtout  notable  1  basse  pression.  Le  t-ux  resi^i 
est  de  6.2,  £1  est-dose  setteseat  plus  faible  que  pour  la  co^ositioa  1603,  Tss  lei  autres  parasetros 
(propriftgs  mecaclques,  caracteristiques  de  securiti)  rostest  identiques. 
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SUMMARY 

Problems  arising  from  high  energy  fuels, -particularly  hydrogen,  impose  remarkable  changes  in  interface 
components,  geometry  and  control,  of  current  ramjets  and  rasrockets  design. 

Starting  from  typical  missions  scenarios,  advanced  con figurat ions  are  established  for  military  ^applica¬ 
tions.  Variable  geometry  nozzles  and  combustion  chambers  are  considered  in  the  light  of  their  combined  ef¬ 
fect  with  the  intake,  to  give  good  performance  and  flexibility. 

A  mnerical  example  of  overall  design  is  given  for  very  high  flight  Mach  numbers  considering  the  problem 
arising  from  engihe/airframe  integration  and  cryogenic  fuel  storage.  Particular  attention  is  paid  to  fea¬ 
tures  effecting  installation  of  such  engines  in  aircraft* 


ROCKET  ENGINES' BURNING  HYDROGEN  AS‘  FUEL 

The  idea  of  using  oxygen  and  hydrogen  as  propellant  is  nothing  new.  It:vas  put  forward  for  the  first 
time  in  1  903,  by  a  Russian  mathematics,  Ziolkovsky,  and  considered  by  Obctth  in  Germany  almost  at  the 
same  time; 

It  is  surprising  that  the  development  of  this  propellant  has  been  -  /,  starting  only  at  the  ehd  of 

1  958  when  the  Pratt  and: Whitney  engine  RL  10  was  being  perfect/  '*  *  .ay  is  attributable  to  the  ex¬ 

treme  properties  of  liquid  hydrogen,  its  very  low  boiling  point  and  ^ery  small  specific  mass,  but  now  the 
great  advance  in  space  research  has  rendered  high  energy  propellants  H>6re  interesting. 

Liquid  hydrogen/ liquid  oxigen  engine  -  Nowadays,  it  is  a  reliable  high-performance  rocket  engine  capa¬ 
ble  of  various  thrust  levels.  Ignited  on  the  ground  prior  to  launch*  the  cluster  of  three  main  engines 
operates  in  parallel  with  the  solid  rocket  boosters  during  the  initial  ascent  of  the  "Space  Shuttle  Trans¬ 
portation  Systems".  Each  engine  operates  at  a  weight  LO^/Uig  “ixture  ratio  of  6  to  1  to  produce  a  sea  level 
thrust  of  1  668  kN  and  a  vacuum  thrust  of  2  091  kN  (25%  more  than  on  tl.e  ground).  The  en^nes  canbe  throt¬ 
tled  over  a  thrust  range  of  65  to  109%,  which  provides  for  a  high  thrust  level  during  li^-off  and  the 
initial  ascent  phase  but  allows  thrust  tc  be  reduced  to  limit  acceleration  to  3  gf  s  during  the  final  as¬ 
cent  phase. 

Each  engine  has  fuel  and  oxidizer  prebumers  that  provide  hydrogen  -  rich  not  gases  at  approximately  1  030 
Ki  These  gases  drive  the  .uel  and  oxidizer  high-pressure  turbopumps.  The  prebumer  gases  pass  through 
turbines  and  are  directed  through  a. hot-  gas  manifold  to  the  main  combustion  chamber  together  with  liquid 
oxygen  and  bum  at  approximately  3  590  K.  The  main  chamber  operating  pressure  at  rated  power  level  is  ap¬ 
proximate1;  20  700  kPa.  The  ratio  of  the  area  at  the  aft  end  of  the  combustion  chamber  to  the  throat  area 
is  5  to  1.  From  this  area^  the  nozzle  assembly  is  designed  for  a  77.5  to  1  chamber  expansion  ratio  for 
thrust  efficiency  at  high  altitudes. 

The  propellant  feed  system,  figure  1,  includes  low  and  high  pressure  turbopumps  for  the  liquid  hydrogen 
fuel  and  liquid  oxygen  oxidizer.  Each  low- pressure  fuel,  turbopump  is  an  axial -flow  pump  driven  by  a  two- 
stage  turbine.  It  raises  the  pressure  of  the  fluid  being  applied  to  the  high-pressure  fuel  pump  to  prev¬ 
ent  cavitation,  normally  operating  at  a  speed  of  14  000  rpm  for  increasing  the  pump  pressure  from  207  to 
1  600  IcPa.  The  turbine  is  driven  by  gasjous  hydrogen  at  a  nominal  inlet  pressure  of  29  434  kPa. 

The  Sigh- pressure  fuel  turbopump  is  a  three -stage  centrifugal  pump  driven  directly  by  a  two- stage  tur¬ 
bine.  The  latter,  in  turn,  is  ..driven  by  hot  gas  supplied  by  the  fuel  preburner.  This  turbopump  operates  at 
a  nominal  spued  of  35  000  rpm,  increasing  the  pressure  from  !  213  to  42  817  kPa.  The  nominal  turbine  inlet 
pressure  and  temperature  are  35  605  kPa  and_  961K,,  respectively. 

The  low  pressure  oxidizer  :turbopimq» -is  an  axial  flow  pump,  that  is  driven  by  a  six- stage  turbine  and 
powered  by  oxidizer  propellant,  to  maintain, sufficient , inlet. ‘pressure  to  the  high t  pressure  oxidizer- pumpj 
to  prevent  cavitation.  Turbine  -.driyC-fluid- at-  36.944>kFasis^provided-f  rom  'the  n  i  gh  -  pres  sure-  oxi  direr  -  i4  r/ 
pump...  di  s charge i— The *  low  pressure  oxidizer  pump  nbmxnally-operates'at-a- speed  of- 5  150\rpo|  arid  increases 
thezpump^pressure -from  690  =tc^ 2  881  kPa.  .  =5i  -  -  ..v  ‘ 

The =  h i gh  -  p res s u re  oxi d ize r  turbopuisps  .bperate  at  a 'nominal  speed  ^of-29: 05  7.rpmvith  a  turbine; inlet 
pressure  and  temperature  i  34  046:kPa  -andl817  K,  re spe ct ive lyV> =THe„ p ump : p re s sure  increase  -is;.ffrom2-482 
to  3£f937^kPa;r The ^>rebu^Mtiy^pu^>pressure^  increases  frbm:^T5923toi52. 642-ldPai  -----  \  * 

The'  high  performahees^of  this;  propellant  are  ooreor  less  evident  from  the  high  re  action .  temperature 
of  the  two  costltuents  and^expecially- the,  small -.aoleculat  mass,  of  h^dfogehi  _  ^  - 

’The  design  cl  engines  and  launching  rdcketsaregreatly  influenced  by  the  very  low  temperature .and  small 
specifie  mass  bf-liquid  hydrogen.  The.Mxture  ratio  :is_o|  special  importance  because  there  is. no  practical- 
-  const  tainted  its7 se l ect ion ;its  value  must  be  deterrdhed  ^rnn-optiaization  study.  The  true  significance 
of "it; can  best  be ^  appreciated  by^fh!  figure- 2i  iMich  giyes.a  comparison 7 between  tank, sizes  for  three  tanks 
containing  the  same  pfopellaht  mass  but-fpr-thre^  ratios;  ’  .  "  -  - 

The  effect  of  cotabus  t  ion  pres  sure  is  of  course  depending-onjweather  a  pressure  -  fed  or  pump  -  fed  system  is* 


i 


t 


j  used,  but  in  both  cases  the  use  p/  higher  pressures-brings. a  performance  advantage.  The  main  reason  for  the 

performance -advantage  occurring  from  High  combustion  pressures  lies  in  the  ability  to  make  use  of  nozzles 
of  high  expansion  ratio. 


A  comparison  of  the  theoretical  maximum  performance  under  the  customary  reference  conditions  (combus¬ 
tion  pressure  6  890  kPa,  expansion  ratio  68*  ambient  pfislur#  101,3  kPa)  gives,4 

-  L02/LH^i  specific  impulse,  391  s;  combustion  temperature,  3  000  K;  weight  mixture  ratio,  4.0;  bulk  den¬ 
sity,  2,746  kN/m3; 

-  LO^/kerosene;  specific  impulse,  300  s;  combustion  temperature,  3  700  K;  weight  mixture  ratio,  2.6;  bulk 
density,  10,003  kN/m3; 

-*Hz*0|»/j}2  Hfts  specific  impulse,  292  s;  combustion  temperature,  3  300  K;  weight  mixture  ratio  1.3;  bulk 
density,  11,964  kN/m3. 

The  snail  bulk  density  of  the  LO^/iHj  propellant  renders  necessary  considerable  tank  volumes  and  structur¬ 
al  loads  which  are  still  further  increased  by  the  strong  thermal  insulation  required. 

Liquid  oxygen  is  16  times  denser  than  liquid  hydrogen,  hence  the  bulk  density  of  the  propellant  varies 
considerably  according  to  the  mixture  ratio;  and  optimization  of  thif  -atio  requires  careful  study  .for  each 
missile  design. 

Dependence  of  mean  bulk  density  and  vacuum  specific  impulse  on  mixture  ratio  is  shown  in  figure  3,  as  com¬ 
parison  of. liquid  hydrogen  with  kerosene  as  rocket  fuel,  burned  with  liquid  oxygen  in  each  case. 

Combustion  pressure  and  mixture  ratio  depend  on  combustion  chamber  cooling.  The  beat  oxygen/fuel  ratio 
regardless  of  engine  cooling  or  vehicle  design  in  respect  to  specific  impulse  is  shown  in  figure  4;  the 
optimum  is  somewhere  around  4  to  1. 

In  calculating  the  tank  volume,  and  the  propellant  quantities,  corrections  rur’e  to  be  made  for  the 
following  factors;  5%  of  the  tank  volume  for  the  vapour  space  above  the. contents;  1%  of  the  initial  con¬ 
tents  for  the  residual  liquids  remaining  at  the  end  of  burning  period;  residual  propellant  vapour,  at  the 
end  of  the  burning  period;  propellant  lost  by  evaporation.  Densities  of  propellahtUiquid  and  vapour  in 
the  saturated  conditions  are  shown  in  the  following  table;  the  final  colusm  indicates  the  percentage  re¬ 
sidual  vapour  for  talk's  initially  filled  to  1  mass  mixture  ratio  saturated  liquid  at  a  pressure  of 

100-kPti 


Pressure 

Vapour, 

(N/m3) 

Liquid, 

(K/ra3) 

z 

<k?a) 

co2 

gh2 

to2 

lk2 

Residual 

100 

43,44 

12,36 

11  199,2 

693,33 

0,7 

200 

84,34 

24,61 

10  826,5 

661,95 

1,3 

300 

125,50 

35,99 

10  551,9 

637,43 

1,9 

500 

196,13 

60,80 

10  149,9 

594,28 

3,2 

800 

318,72 

101,99 

9  747,8 

532,50 

5,2 

l  000 

397,17 

140,23 

9  502,6 

479,55 

6,9 

1  315 

505,04 

293,22 

Critical 

9  179,0 

293,22 

Critical 

12,1 

Figure  5  shows  ti&t  the  specific  theoretical  vacuum- impulse  and  the  bulk  density  vary  with  the  mixture  ra¬ 
tio  forta  nozzle  throat  ratio  of  40  (corresponding  to  an  expansion  ratio-of  the  order  of  500)  and  a  com- 
bustion:pt^siure  of  3  500  kPa. 

The  power  required  for .pumping  is. greater  than  with  the  standard  liquid  propellants  Figure  6  shows  the 
specif ic^theoreticaV  pumpability  curve  for  the  LOg/^  propellant  as  a  function  of  -txture  ratio  for  an 
engine  working  at  a  combustion  pressure  of  the  order  of  3  500  kFa  (fuel  dp  f  5  000  «*a,  oxidizer  Ap*4  500 
I ’a).  ‘  1  ‘  / 

Mquid^hydrOgen/air^engine'  -  The- propulsion  system  selected  for  this  discussion  consists  of  turbine  en¬ 
gines  fdr-acceleration  to  Mach  3  to  4  range  and  convertible  scresjets  for  the  mission  scenario;  The  tur^ 
bine  engines  for  the  lower  part  of  the  boost  speed  range  is  based  on. the  advanced, state  of- turbojet .devel¬ 
opment  ^for  : the  Mach  3  flight  including  the^SST  en'-'ne  technology;  Mach  3.5  and  4.0, capability  with  hydrogen 
fuel  is  highly  desirable.  The  scrape  t  is  theionly  air- breathings  engine  capable  of  operation ’from  Mach 
3i5  to  the  proposed  mission  flight  speeds  Technology  evalbationsf  at--present  time  refer  that  the.  scrasjet 
promises,  great  potential,. but  that,  the  feasibility. of  practical  operation  and  performance. remains i-.tp  be 
shown  by  complete  engine  experiments.  .  ^ 

■The  "dua  l-mode”  NASA'-  Air  Eesearch  Hypersonic  Research  Engine  (HIU2)  is  a  small  axisycoetric,  variable  *r 
geometry-  engine  designed  to  perform  ifrom:Mach  4- to  8.  In  the  dual  -rvmqde  prihciple^^the  location  of  tha 
active  fuel  injectpr  stages  and  the  co^ustioii  Sve  dqi^stre^^to;:lafgef-duc|fareii^en  the  flight  j^cH 
number  is  de creasing.  The  key  features  of  the  con^ept  are  several  stage s  of- fuel  injection  in  ah  expanding 
area  comb  us  tor ,  jwhlch  satisfy,  the  Basic  aero  the  rTOdynamiOgeome  t  ryre  qu  iVeaent  sfo  r  either  sub  or  super-: 
s  on  xc  cosh  use  ion*  -----  ^  ~t--  -  -  1  ' 


On*  kay  to  sustained  hypersonic  flight  i*  an  efficient  airbraathing  hydrogen  -  fueled  angina.  Th*  integrated 
•c  ramjet  anglna/airfram*  haa  baan  identified  for  military  application*  in  th*  Mach  4  to  12  ap**d  rang*.  The 
hyparionic  variable  geometry  propulsion  lyetam  conelat*  of  multipl*  angina  module*  each  with  a  forabody 
precompraaaion  inlet  and  plug  noatl*  axhauating.  The  axiaymmatric  multiple  inlet  acramjat  module*  affl- 
clantly  capture  forabody  ahock  vava*  end  compraaaad  airflow.  Th*  plug  nonlaa  *crv*  to  increaaa  *xp*n*ion 
area  and  allow  the  central  body,  figure  7,  to  b*  nearly  (traam  aligned  at  the  deaign  Much  number  for  maxi¬ 
mum  inatallad  thruit  performance.  Th*  engine*  av*  designed  to  be  integrated  fully  with  a  hypersonic  air¬ 
frame,  accounting  properly  for  all  forces  acting  on  th*  integrated  vehicle. 

Th*  propulsion  system  requirements  of  tha  low  range  boost  vehicle  bring  out  the  Interest  for  the  air 
augmented  rocket.  Suitable  for  high  thrust  and  average  specific  impulse,  such  engine  might  be  used  at 
flight  spaed  lean  than  Mach  4.0,  with  variable  geometry. 

The  air  augmented  rocket,  for  the  propulsion  of  boost  vehicles,  is  known  as  an  engine  which  improves  the 
propulsion  efficiency  of  th*  rocket  at  low  flight  speeds,  and  which  requires  a  smaller  weight  of  manufac¬ 
tured  structure  than  other  airbreatliing  engines. 

Simpla  engine*  with  fixed  geometry  and  variable  airflow  have  realized  at  best  about  one  third  of  the  po¬ 
tential  gain  in  specific  impulse  due  to  air  augmentation.  The  failure  to  gain  more  is  very  largely  due  to 
the  difficulty  of  arranging  a  fixed  geometry  which  allows  for  expansion  of  the  exhaust  stream,  after  mix¬ 
ing  is  completed.  With  a  fixed  outer  cowl,  the  specific  impulse  can  be  improved  by  arranging  for  the  air 
intake  diffuser  to  vary  internally.  A  beneficial  variation  in  air  duct  area  might  be  arranged  with  compar¬ 
atively  simple  roving  parts  operating  in  the  cooler  part  of  the  engine.  This  has  a  double  effect  in  improv¬ 
ing  performance;  reduction  in  diffuser  outlet  area  at  high  flight  Mach  number  assists  in  intake  matching. 


SYSTEM  CONCEPT 

A  satisfactory  launch  speed  might  rapidly  be  reached  at  low  altitude  by  a  turbo  -  ramjet  -  rocket  multi¬ 
cycle  missile. 

Such  kind  of  hybrid  engine  is  enough  flexible  to  meet  a  large  variety  of  cruise  conditions  with  speed 
quite  higher  than  Mach  4.  Like  turbo-ramjet,  this  propulsion  system,  figure  7,  is  arranged  with  a  lot  of 
inlet  and  exhaust  variable  geometries. 

A  hydrogen  -  oxygen  rocket  combustion  chamber  is  used  to  produce  high  pressure  and  temperature  steam, 
for  the  count  down  and  takeoff  phase,  during  which  the  degree  of  super  heat  is  controlled  by  the  injection 
of  suitable  quantities  of  liquid  water. 

The  steam  flows  directly  to  the  nozzle  assembly  driving  a  high  pressure  turbine  in  a  first  stage  of  expan¬ 
sion,  while  useful  energy  for  propulsion  is  realized  in  a  central -body  variable  geometry  plug  nozzle. 

The  steam  turbine  is  giving  power  to  a  cluster  of  multi-stage  atmospheric  air  compressors  accomodated 
into  propulsive  ducts  around  the  turbo-  rocket  central  body,  for  a  sequence  of  operations  going  from  cold 
to  hot  jets  for  take-off  and  acceleration  phase. 

The  LH-j/LOj  rocket  and  LH2/air  turbojet  propulsion  is  followed  by  variable  geometry  LH2/air  ramjet  and 
scramjet  operation. 

Application  of  current  compressor  technology  to  meet  the  higher  core  pressure  ratios  desired  in  ad¬ 
vanced  engines  would  result  in  a  large  number  of  stages  and  blades.  To  minimize  weight,  volume  and  stbges, 
high  tip  speed  and  high  blade  loading  for  high  stage  pressure  ratio  are  required.  It  is  nuv  possible  to 
deaign  compressors  for  an  overall  pressure  ratio  of  20  to  1  and  only  eight  stages.  To  achieve  this  goal, 
the  pressure  ratio  as  high  as  1.8  in  the  first  stage  is  decreasing  to  1.25  in  the  last  one  because  of  the 
increasing  temperature.  The  first  stage  rotor  has  a  design  speed  of  450  m/s.  The  hub-  tip  ratio  ranges 
from  0.7  at  the  inlet  to  0.95  at  the  outlet.  A  compression  efficiency  of  87  percent  is  obtainable. 

A  major  objective  of  fan  or  compressor  for  a  possible  application  as  in  figure  7  is  to  obtain  high  pres¬ 
sure  ratio  per  stage  with  high  efficiency.  At  540  m/s  tip  speed,  a  stage  pressure  ratio  of  2.2  has  been 
already  obtained  with  an  acceptable  efficiency  of  82  percent,  Ref.  1.  We  are  confident  that  a  higher  level 

of  efficiency  in  this  high-speed  range  can  be  achieved  by  further  improvement  in  blade  design.  With  a 

two-  stage  fan,  an  overall  pressure  ratio  of  2.8  and  a  peak  efficiency  at  design  speed  of  85.5,  were  ob¬ 
tained. 

Similarly,  a  higher  core  turbine  inlet  temperature  is  required  for  the  application  as  in  figure  7. 
Elevated  temperatures  and  pressures  for  a  short  operation  do  not  require,  however,  sophisticated  cooling 
schemes  to  protect  the  blades. 

Caseous  hydrogen  GH2  and  oxygen  C02  are  directly  aobtained  by  water  electrolysis  at  the  launch  place. 
The  most  part  of  electrolytic  cell*  are  producing  0.2  Nm3  of  CH2/kWh  (0.0555  Nm3/HJ)  and  0.1  Nm3  of  C02/kWh 
(0.0277  Nm3/MJ),  i.e.,  respectively,  with  specific  gravities  0.881  N/Nm3  and  14.013  N/Nm3,  0.04896  N/MJ 
and  0.38925  N/MJ.  The  weight  mixture  ratio  for  the  combustion  is  becoming  0.38925/0.04896  ■  7.95,  corre¬ 
sponding,  figure  3,  about  to  the  stoichiometric  ratio,  if  all  the  electrolysis  products  are  used. 

The  energy  need  for  a  modem  electrolysis  process  may  be  at  present  time  14.65  MJ  for  producing  1  N 

of  GH2  end  7.95  N  of  C02.  Liquefaction  (L)  may  require  3.65  MJ  per  1  N  of  LH2  and  0.19  MJ  per  7.95  N  of 

L02.  Therefore,  the  total  energy  need  for  production  and  liquefaction,  at  atmospheric  pressure,  of  1  N  of 
LH2  and  7.95  N  of  L02  is  about  18.49  HJ,  corresponding  to  18.49/8.95  ■  2.066  MJ  per  N  of  stoichiometric 
mixture  LH2  -  L02. 

The  combustion  temperature  at  a  pressure  (20  700  k?a)  of  th*  order  of  the  main  LH2/L02  engine*  of  the 


.  .  "Space  Shuttle"  may  be  3  300  K  in  th«  stoichlomatric  mixture  ratio.  The  combuatlon  product  It  of  courie  wa- 

•*'*  T  tar  (team. 

Such  combuatlon  tamparature  la  obvloualy  unacceptable  for  the  turbine  bladea.  Considering  the  abort  dura¬ 
tion  of  the  LHjj/LOj  angina  operation,  a  temperature  of  2  000  K  may  be  choaen.  Pulverized  water  Injection 
In  the  combuatlon  chamber  la  ueed  for  decruaalng  temperature  from  3  300  to  2  000  K. 

In  order  to  know  approximately  the  water  fraction  S  to  be  Injected  through  the  experimental  value!  of 
the  apeclflc  Impulee  given  In  figure  4,  the  following  procedure  Is  applied. 

The  Initial  entalpy  lt  (fort  combuatlon  pressure,  pj  -  20  700  kPa;  specific  heat  ratio,  n  9  1,25;  mixture 
ratio,  Oj/Hji  7.93;  dissipation  coefficient,  v  9  0,95),  ruspuctively,  for  sea  level  (p2  9  101,3  kPa),  and 
5  000  m  altitude  (p2  9  53.9  kPa)  at  specific  Impulse  (figure  4)  330  and  370  a,  are 

I  9  w/g  9  u  Jl  ij  (1  -  <P2/Pi >  "  "/g  (1) 


i,  9  1,016  MJ/N  9  2  381  kcal/kg  (sea  level) 
ij  9  1,069  MJ/N  9  2  506  kcal/kg  (5  000  m) 


corresponding  to  exhaust  speeds 

w  9  3  433  m/s  ;  w  9  3  630  m/s 


I 

I 


i 


The  gradually  Injected  water  in  the  combustion  chamber  is  increasing  its  entalpy  from  lt-0.004j  MJ/N 
(10  kcal/kg)  to  ig  9  0.612  MJ/N  (1  435  kcal/kg,  for  T§  9  2  000  K  and  pj  9  20  700  kPa). 

Approximately,  disregarding  heat  exchange  dissipation  effects,  to  be  considered  in  the  expansion  efficien¬ 
cy,  the  fraction  of  the  GH2/G02  combustion  products  a,  the  injected  water  8,  and  the  hydrogen  y  9  a/8.95, 
it  can  be  written,  Ref.  3 


a  9  i^(l  ♦  3 )/ij 
a  *  8  9  1 


(2) 


from  which 


8  9  (1,-1  )/(!,  ♦  1  ) 

*  s  1  s 


(3) 


We  get,  respectively  for  sea  level  and  5  000  m  altitude 


8  9  0.248  a  -  0.752  y  9  0.084  (sea  level) 

8  9  0.272  o  9  0.728  Y  9  0.081  (5  000  m) 

With  a  step  by  step  procedure,  from  the  ignition  to  the  end  of  the  acceleration  phase,  an  optimized 

turbo/rocket-  cold-hot  turbo/fan  propulsion  system  may  be  designed,  to  be  followed  by  the  variable  geome¬ 
try  ramjet  and  scraajet  operation. 

The  procedure  is  starting  with  the  evaluation  of  the  weight  of  LK2,  L02  and  water, for  the  acceleration 
phase. 

Establishing  a  mean  value  of  the  dissipatioo  coefficient  w  (taking  into  account  of  an  approximated  equiva¬ 
lence  to  the  real  hybrid  engine  used)  and  considering  ij  9  ig  in  eo.  1,  we  get  Ijp  and  w  from  eq.  1,  from 

which  the  propellant  vsight  flow  C  corresponding  to  the  thrust  T 


C  9  g  T/w  (4) 


to  be  used  step  by  step.  The  propellant  weight  is  obviously  depending  upon  the  acceleration  phase  dura¬ 
tion. 

In  operation,  hydrogen,  oxygen  and  water,  are  supplied  from  turbopumps  to  the  combustion  chamber  where 
steam  is  formed.  The  steasi  flows  directly  to  the  turbine  and  thence  to  the  plup  nozzle. 


Th®  expected  ovarall  efficiency  of  thi*  hybrid  boo  it  engine  it  higher  then  rocket,  because  of  quite  less 
mean  get  exhaust  speed.  The  propellant  consumption  is  reduced  by  the  high  propulsion  efficiency  of  the  tur¬ 
bofan  operation. 

The  success  of  such  boost  engine  combination  is  depending  upon  the  real  possibility  of  a  large  fraction  of 
water  injection  into  the  combustion  chamber,  to  have  a  high  work  tranfer  from  the  turbine  to  the  compres¬ 
sors. 


Al-S' 


A  numerical  approach  may  be  obtained  considering  acceleration  hybrid  turbo- rocket  at  in  figure  7  with 
V  *  0.6  (taking  into  account  che  compressor  work  absorption  for  the  engine  equivalence),  ij  ■  ig  «  0.612 
MJ/N,  and  T  -  100  000  N.  We  have  from  eq.  1 


-  172  s 

sp 

w  -  1  684  m/s 

(sea  level) 

-  177  a 

ap 

w  »  1  735  m/s 

(5  000  m) 

and  from  eq.  A,  for  a  5  000  m  ascent  trajectory  at  a  mean  velocity  M  •  2.0 ,  a  mean  weight  flow  during  the 
time  it  -  5  000/2  ■  340  -  7,35  a 


C  -  503  N/a 


So,  with  a  propellant  weight  C  •  At  -  3  697  N,  we  get,  applying  aqa.  2  and  3,  storage  wights  and  volumes 


B  •  3  697  -  (water)  -  961  N  -  961/g  •  1  000  •  0.098  mJ 
av 

a  *3  697  «  (combustion  products)  •  2  736  S 

sv 

Y>v  •  3  697  -  (hydrogen)  -  305  N  -  305/693.33  -  0.44  m3 
2  736  •  7.95/8.95  -  (oxygen)  •  2  431  N  -  2  431/11  199.2  -  0.217  ms 


i.e.,  propellant  and  water  for  the  hybrid  acceleration  angina  require  the  volume  equivalent  to  a  circular 
cylinder  0.60  n  and  2.67  m  in  diameter  and  length. 

The  advantagea  of  the  hydrogen  fueled  airbreathing  ramjet  and  acramjat,  for  a  flexible  cruise  flight 
to  the  target,  are  deriving  from  the  higher  energy  per  mats  unit  of  on-board  propellant.  In  fact,  weight 
itolchiooatrlc  mixture  ratio  for  air/hydrogen  la  7.95  •  100/23.14  -  34.356.  Air/hydrogen  weight  mixture 
ratio  ia  ranging  from  5  to  115,  thia  meaning  that  a  hydrogen  fueled  engine  ia  very  much  flexible  for  speed 
variation  during  the  crulae  flight. 

Compared  to  the  acceleration  phase,  the  on-board  fuel  volume  for  cruise  is  requiring  quite  lass  vol¬ 
ume  . 


ut2  AND  U)2  SUPPLY  AND  ON- BO  AM  STORAGE 

Water  electrolysis,  by  nuclear  or  solar  energy,  may  be  the  primary  candidate  for  gaseous  hydrogen  and 
oxygen  production  and  derive ry  through  pipelines  to  the  missile  launch  place,  where  liquefaction  plants 
are  existing.  Temperatures  as  low  as  20  K  (LH2)  and  90  K  (102)  require  vacuum-  jacketed  stainless  steel 
pipe  lines  for  transport  from  liquefaction  plants  to  the  mietlle  launch  site.  The  need  to  kip  pipe  lengths 
as  short  as  possible  is  further  emphasised  in  that  each  length  is  triplicated.  Some  of  the  liquid  hydrogen 
changes  to  gaseous  state  during  the  fueling  operation,  end  at  any  other  time  '..San  the  temperature  and  pres¬ 
sure  exceed  certain  conditions.  For  reason  of  safety  and  fuel  economies,  the  gaseous  hydrogen  must  be  col¬ 
lected  and  returned  to  the  liquefaction  plant  through  a  second  line.  The  third  line  provides  redundancy  and 
can  be  used  either  to  deliver  LU2  or  return  CHj 

Flexible  liquefaction  plants  produce  LH2  and  L02  as  much  as  it  is  used  and  to  rsfill  storage  ves¬ 
sel!. 

Gaseous  hydrogen  and  oxygen  are  piped  from  the  water  electrolyzers  to  or  near  the  launch  site,  where 
electrical  power  is  provided  as  needed  for  liquefaction. 

The  ground-  to  -  missile  connection  is  following  a  basic  fueling  concept:  truck  with  dual  vacuum  jack¬ 
eted  flexible  hoses  manually  connected  between  the  hydrant  pint  and  the  single  connection  to  the  missile 
tanks. 

Based  on  the  largest  demonstrated  hydrogen  llquefier  capacity  (6.2  N/s,  534  kN/day),  it  has  been  yet 
determined  that  c  single  plant  having  a  capacity  of  23.75  M/e  is  possible. 


The  technology  requiredto  build  reliable  fuel -cooled  structures  for  the  hostile  environment  within 
the  engine  has-been  developed.  - 

Liquidhydrogon  is  stored  in  veil  insulated  tanks,  whose  pressure  is  scheduled  to  sminisise  boil -off 
losses.  W&5  snail  amounts  o£  hydrogen  are  vaporized  by  heat  that  does  eater  tie  tank,  the  gas  is  vented 
through  a  catalytic  exijsust  tube  where  the  escaping  hydrogen  is  f lure  lossy  converted  to  water  vapor. 
Several  aluninun  alleys  and  stainless  steels  are  applied  in  lightweight  structures  for  cryogenic  liquids 
at  extremely  low  temperatures,  Ref.  2. 


VAPJASLE  CEOHETKY  IK  MULTICYCLE  ROCKET  ENGINES 

Significant  changes  to  its  thermodynamic  cycle  during  the  flight  are  required  for  the  proposed  mis¬ 
sile.  propulsion  systems,  without  incurring  a  performance  and  weight  penalty  which  would  cancel  the  value 
of  variability. 

The  geared  variable  pitch  fans  of  the  boost  engines  claim  variable  final  nozzles.  The  cycle  variability 
provides  adjustment  of  specific  thrust,  catching  of  fan  and  nozzle  characteristics,  and  selection  of  fin- 
nozzle  cozfjination  for  opticus  acceleration  performances . 

The  operation  of  the  variable-  geooetry  axi symmetric  ramjets  over  a  broad  flight  speed  cruise  range 
is  encountering  combes  tor  probless  in  a  wide  range  of  fuel  air  conditions. 

Integrated  engine/airfraoe  performance  is  tied  closely  to  the  combined  vehicle  -  engine  design,  so  that  it 
is  necessary  to  conduct  studies  with  particular  vehicle  designs.  The  scrasjet  concept  could  fora  a  sajor 
experiment  for  the  present  composite  vehicle. 

The  intake  design  cast  be  a  compromise  approaching  the  optimum  flow  to  the  engine,  with  minimum  efficiency 
loss  and  drag  increase  in  the  flight  speed  range,  Ref.  4. 

Detailed  designs  of  the  proposed  turbo-  ramjet  -  rsszocket  have  been  carried  out  by  the  author.  Their 
results  arc  quite  encouraging. 
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rig.  3  -  Dep* -deace  of  man  bulk  density  and 
vac  .is  specific  inpulse  on  mixture 
ratio. 
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Fig.  5  -  Performance  of  oxygen-hydrogen  pro¬ 
pellent  as  function  of  mixture  ra¬ 
tios. 
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I-  6  -  Comparison  of  specific  pumping  voHc 


Fig-  i  -  The  best  oxygen/fucl  ratio 
in  respect  to  specific  .is- 
pulse. 


Fig.  1  ~  Proposed  hydrogen  fueled  turbo-, 
raajet^rocktt* 


DISCUSSION 


R.Lo 

I  think  Peter  Kramer  of  the  University  of  Stuitgnt  should  comment  oh  the  overall  ide3  of  this  type  of  tuiborwket 
ramjet.  1  would  like  to  make  a  comment  and  ask  a  question  concerning  the  injection  of  water  into  the  hydrogen  and 
oxygen  rocket  combustor.  We  are  doing  precisely  this  at  my  institute  in  DEVLR  which  we  called  a  hydrogen- 
oxygen  steam  generator  for  push  button  demand  electrical  power  generation.  The  problem  of  getting  hkhriroplet 
evaporation  efficiency  becomes  more  difficult  as  you  try  to  inject  water  into  very  high  temperature  systems  as  you 
propose  j.  Any  droplets  remaining  would  damage  the  turboroeket  machinery  which  is  in  the  wake  of  the  steam 
generator  Why  did  you  suggest  2000'  K  in  your  studies?  Were  you  proposing  to  use  ceramic  blades  or  what? 

Author’s  Reply 

This  idea  came  out  of  what  you  suggested  as  a  stationary  steam  plant.  A  2000’  K  temperature  we  can  now 
potentially  achieve  with  transpiration  cooling  of  the  blades  for  a  short  period  of  time.  The  problem  is  to  inject 
water  in  a  small  volume.  The  problem  is  fora  statkmaiy  power  plant,  but  we  may  apply  it  to  a  rocket  too. 


P.Kramer 

You  wanted  to  reach  Mach  3.7  within  7  seconds?  What  acceleration  did  you  hare? 

Authors  Reply 

I  don’t  know  the  number,  but  normally  in  designing  a  missile,  the  acceleration  phase  gives  an  altitude  from  0  to 
10,000  metres  and  takes  about  40  seconds.  In  order  to  get  there  in  7  seconds,  the  acceleration  would  be  too  high. 

Comment  by  P.Kramer 

Hie  turfcomachinety  will  not  survive. 

Author’s  Reply 

I  took  a  temperature  of  2000°  K.  This  was  used  as  a  numerical  example  to  put  forth  the  idea.  The  1  seconds  Is  too 
hgh  an  acceleration. 


P.Kramer 

Did  you  compare  it  with  :  pule  rocket  booster  instead  of  a  luiborocket  booster?  You  know  we  arc  doing  similar 
studies  for  Space  Applications,  and  we  found  that  the  pure  rocket  booster  balances  out  the  weight  disadvantages  of 
the  turboroeket,  so  we  came  out  with  the  same  payload  without  the  turborocket,  but  with  the  pure  simple  rocket. 
The  turboroeket  saves  fuel,  but  doesi’t  improve  payload.  That  was  our  result. 

Author’s  Reply 

We  need  to  study  this  more  completely,  but  the  main  purpose  of  this  kind  of  propulsion  system  is  to  improve  the 
propellant  efficiency.  From  a  payload  consideration,  you  are  probably  right. 
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Los  Angeles,  California  9000? 


It  has  been  observed  that  when  a  fuel  droplet  evaporates  In  a  high  pressure  envlro 
Bant  typical  of  an  advanced  rasjec  the  usual  linear  D~  -t  relationship-  "does  Sst  hold. 
There  is  a  strong  evidence  that  at  hitler  sressures,  liquid  phase  decosositic-n  Is  j 
sible  for  the  sudden  break  in  the  relationship.  The  products  of  decomposition  leavt 
tarry  residue  which  Is  practically  nonvolatile  and  bums  only  very  slowly. 


The  present  paper  deals  with  the  coupled  effect  of  decomposition  and  eva 
a  typical  fuel  spray. 

The  results  of  this  study  show  that  droplet  decomposition  at  higher  pres 
pure  and  commercial’  fuel  blends  has  a  significant  influence  on  the  combustie 
carbon  build-up  on  the  walls  of  the  ccsbusiien  chamber  and  the  possible  fort 
pollutants  and  oarsiculate  natter  in  the  exhaust. 


INTRODUCTION 

Recent  attempts  to  increase  the  combustion  efficiency  and  performance  of  an  advanced 
raajet  engine  are  primarily  focused  on  the  introduction  of  swirl  in  the  flow  field,  use 
of  better  flame  holders  and  various  other  novel  design  changes,  such  as  the  concept  of 
vortex  aaplification  by -means  of  gas  jets  (Ref.  1).  Although  Spray  characteristics, 
evaporation  and  burning  of  fuel  droplets  are  being  investigated,  the  problem  of  possible 
liquid  phase  decomposition  of  the  fuel  has  not  received  much  attention.  The  existence 
of  the  liquid  phase  decomposition  at  higher  pressures  (Ref.  2)  and  Its  Influence  on  the 
burner  performance  have  been  reported  earlier  by  the  authors  (Ref.  3)  using  a  single 
droplet  as  an  example. 

The  coupled  effect  of  evaporation  and  decomposition  of  a  hexadecane  spray  with  a 
realistic  drop  sloe  distribution  in  a  one  dimensional  flow  field  Is  reported  in  this 
paper.  Results  show  that  liquid  phase  decomposition  at  higher  pressures  might  cause  a 
substantial  reduction  cf  combustion  efficiency  of  an  advanced  air  breathing  propulsion 
system. 

ANALYSIS 

In  order  to  determine  the  effect  of  droplet  decomposition  and  residue  formation  on 
the  overall  performance; of  a  combustor  the  history  of"  a  hexadecane  spray  with  s  realistic 
drop  size  distribution  has  been  chosen  as  an  example .  The  fuel  is  assumed  to  be  sprayed 
In  a  oOQE,  A  atm-  air  stream  travelling  with  a  velocity  of  50  m/s.  The  gss  flow  j- 
assumed  to  be  steady  and  one-dimensional  with  constant  thermo chemical  properties.  The 
distribution  of  drop  sice  typical  of  an  airblast  atomiser  was  assumed  to  follow  the  data 
shown  Ir,  Reference  (9).  The  percent  of  the  total  population  occupied  by  each  subgroup 
with  a  given  mean  subgroup  diameter  is  listed  In  Table  1.  Hexadecane  spray  was  assumed 
to  follow  this  distribution. 
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Coupled' phenomena  of  evaaoration/decompcsitlen  of  the  mean  diameter  of  each  subgro 
were  analysed  neglecting  interpartioular  Interaction  between  different  subgroups.  In 
other  words,  collision  between  droplets,  shattering  and  their  coalescence  were  ignored 

The  following  equations  apply  for  the  evaporation/decomposition  of  a  droplet  in- a 
one-dimenr.  -  '-,al  gas  stream: 
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DISCUSSION 


R.  Monti 

I  think  that  the  “sudden  freezing”  kind  of  model  introduced  by  the  authors  is  valuable  and  very  proper  as  a  first 
approach  to  the  problem.  However,  I  think  that  a  more  accurate  model  should  take  into  account  the  thickness  of 
the  layer  of  decomposed  liquid  and  relate  it  to  the  evaporation  rate. 

Author’s  Reply 

The  question  raised  by  Professor  Monti  is  very  valid.  Our  model  assumes  that  the  entire  droplet  undergoes 
decomposition  as  a  unit.  There  is  no  evidence  that  such  3  so  called  "sudden  freezing”  actually  occurs.  Preliminary 
observation  shows  that  the  droplet  gradually  becomes  darker  as  the  evaporation  progresses.  This  might  be  due  to  a 
“surface  effect”  as  Professor  Monti  suggests,  or  it  might  be  due  to  uniformly  distributed  .  vclei  of  insoluble  residue 
species  suspended  in  the  liquid  phase.  At  the  present  time,  we  are  attempting  to  interrupt  the  evaporation  process  to 
determine  the  chemical  composition  as  well  as  the  nature  of  the  products  of  decomposition.  We  are  hoping  that  by 
the  end  of  this  academic  year,  we  will  be  able  to  resolve  whether  a  thin  layer  of  decomposition  product  or  a  large 
number  of  dispersed  insoluble  nuclei  exist.  Only  then  a  better  and  more  appropriate  model  can  be  proposed. 

The  purpose  of  this  paper  was  to  point  out  the  potential  problem  areas  associated  with  droplet  decomposition 
particularly  for  synthetic  fuel  and  blended  fuels.  We  thank  Professor  Monti  for  his  kind  words. 


E.Wame 

(a)  Could  the  authors  explain  the  apparent  conflict  between  Figure  1  and  Figure  2  in  relation  to  the  time  to  reach 
the  cessation  of  evaporation.  For  example,  2  ms  in  Figure  1  and  0.4  ms  in  Figure  2  (2  cm  at  50  m/s). 

(b)  What  work  was  carried  out  to  study  heat  transfer  to  the  droplet  since  this  is  a  vital  component  of  the 
evaporation  scene? 

Author’s  Reply 

(a)  Actually,  there  isn’t  a  conflict.  The  particles  have  zero  initial  velocity  and  they  are  accelerated  to  the  g3S 
velocity  after  a  long  period  of  time  depending  upon  their  diameter.’  After  say  2  ms,  they  have  not  attained  the 
gas  velocity  except,  perhaps,  the  droplets  with  diameters  under  5  microns.  Also,  the  evaporation/decomposition 
rate  is  diameter  dependent.  The  time  and  locations  shown  in  Figures  1  and  2  appear  to  be  consistent.  Perhaps 
during  my  talk,  I  did  not  stress  enough  upon  the  momentum  equation  showing  Stokes’  drag  and  the  velocity 
difference  between  the  particles  and  gas. 

(b)  Detailed  study  of  heat  transfer  to  the  droplet  was  carried  out  by  Farhangi,  a  graduate  student  of  USC.  (Please 
see  Reference  in  back  of  the  paper.)  In  the  present  paper,  the  experimentally  determined  evaporation  constant 
Po  includes  all  the  effect  due  to  heat  transfer.  In  order  hot  to  confuse  the  central  issue  of  droplet  decomposi¬ 
tion,  we  have  used  the  experimentally  determined  B0  rather  than  the  effect  of  conduction,  convection  and 
radiation  heat  transfer  on  the  droplet.  Thus,  implicitly  our  study  includes  the  effect  of  heat  transfer. 


f 
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SUMMARY 

■The  development  and  application  of -a  modular  model  for  the  prediction  of, the  perfor¬ 
mance  of  suddenjexpansion,  burners  is  describeds..-  This  model  is  based  on.  a  concept  in  which 
the  r e  c i r cula t ion  .  z on e ,  treatedas  a  stirred  reactor ,  is  coupled  to  a  parabolic  boundary 
layer  formulation,  for  the, -flbw-.putside  the  recirculation -zone.  Hydrocarbon  oxidation 
-kinetics  and  turbulent  kinetic -energy  turbulence  models  are  included.  In  addition  to  the 
parabolicrflow-wid  stirred  reactor  elements,  a  module  representing  the  fuel  injection 
process  has  been  developed..  Results  of  the  _appiication  of  .the  modular  model  to- the  anal¬ 
ysis  of  cold-flow  and  reacting-fiow  dump  combustor  experimental  data  are  described,  and 
the  use  of  the  model  as  an  interpretative  tool  in  a  recent  ramjet  combustor  development 
program  is  outlined. 


1.  INTRODUCTION’ 

Control  of -flame  stabilization-and- flame  propagation  in  a  turbulent  flow  represents 
a  key  element  in  combustion  chamber  design.  The  placement  and  geometry  of  fuel  injectors, 
f landholders',  and  air  distribution  ports  are  basic  design  parameters  that  govern  the  per¬ 
formance  of  a  particular  combustor.  Therefore  it  is  desirable  to  compute  combustion 
chamber  flowfields  in  order  to; understand  the  phenomena  that  occur  in  existing  combustors 
and  to  predict  the  performance  of  new  combustor  concepts.  Modeling  can  also  be  used  to 
analyze  the  behavior  of  f landholders  and' fuel  injectors' under  a  variety  of  conditions. 

The  insight  gained  through  the.use  of  these  “unit"  analyses  can  be  of  substantial  use  in 
the  planning  of  a  combustor  test  program  and  in  the  interpretation  of  combustor  and  com¬ 
bustor  component  test  datai  However,  the  computation  of  a  generalized  combustor  flowfield 
is  a  formidable  task,  involving  a .number  of  complex-coupled- physical  and  chemical  proces¬ 
ses,  which  can  include  turbulent,  recirculating  flow,  possibly; with  swirl,  finite-rate 
chemical  kinetics,  and  droplet  evaporation  and  combustion.  The  obvious  difficulties  in¬ 
clude  not  only  the  multitude  of  coupled  mechanisms; but  also  involve  the  typical  disparity 
in  characteristic  length  and  time  scales,  in  combustion  chamber  flows.  Despite  these  prob¬ 
lems,  considerable  progress  has  been  made- in  recent  years  in  the  development  of  calcula¬ 
tion  methods,  using  techniques  for  the  solution  of  the  elliptic  governing  equations  and 
simpler  yet  physically  perceptive  “modular"  modeling  techniques. 

A  "unified*  model  of  a  combustion  chamber  flowfield  in  general  requires  the  numerical 
solution  of  the  elliptic  form  cf  the  governing  equations:  Most  practical  combustion  cham¬ 
ber  flows  involve  large  regions  of  recirculation  in  which  axial  diffusion  is  important. 

A  considerable  amount  of  research  effort  has  been  put  into  the  development  of  numerical 
techniques  for  these  problems,  and  successful  comparison  of  calculation  with  experiment 
for  recirculating  flows  with  large  heat  release  has  been  reported  by  Hutchinson,  et  al. 

(1]  and  by  Abou  Ellail,  et  al.  [2],  for  example.  Significantly,  in  both  cases  a  careful 
adaptation, of  the  numerical  model  to  the  specific  experimental  configuration  was  reported 
to  be .required,  and  in. both  of  these  papers  it  was  noted  that  the  details  of  the  computa¬ 
tion  required  .careful  handling  to  obtain  the  accuracy  demonstrated.  Furthermore,  Abou 
Ellail,  et  al.  [2]  note  that  it  is  not  possible  to.  provide  sufficient  resolution  in  a  de¬ 
tailed  .combustor  flowfield  computation  to  adequately  describe  processes,  such  as  fuel  in¬ 
jection,  in  which. mixing  initially  occurs  on  a  scale  much  smaller  than  that  of  the  overall 
combustion  chamber.  Thus,  while  the- development  of  numerical  models  capable  of  providing 
direct . solution  of  the  equations  governing  specific  combustion  chamber  flowfields  contin¬ 
ues,  a  need  exists  for  the  development  of  physically  perceptive  yet  mathematically  simpler 
models.  This  requirement'  arises  from  the  need  to  provide  a  model  which  allows  reasonably 
rapid  computation  of  a  number  of  different,  complex  combustor  geometries,  and  the  need  to 
develop  models  for  those  processes,  such  as  fuel  injection,  which  occur  oh  scales  smaller 
than  can  be  adequately  resolved  in  a  detailed  overall  flowfield  computation.  The  develop¬ 
ment  of  approximate  methods  -  modular  models  -  is, a  response  to  the  requirements  just  out¬ 
lined. 


The  basic  interest  in  the  application  of  approximate  techniques  is\to  avoid  the  com¬ 
plexities  inherent  in  a  direct  calculation  of  a  complex  flowfield  by  making  suitable 
assumptions  that  allow  the  flow  to  be  computed  using  simpler  approaches.  Clearly  the 
simplest  possible  procedure  is  to  assume  that  the  flowfield* is  effectively  one-dimensional 
thus  avoiding  any  necessity  for  definition  or  calculation  of  velocity  or  species  profile 
effects.  A  somewhat  more  sophisticated  approach  is  to  assume  chat  the  combustor  flowfield 
can  be -broken  down  into- separate  zones,  each  of.  which  caii.be  calculated  individually  in, 
some  detail,  ahd:  then -coupled-  together  in  . some. fashion  to  obtain  an  overall  computational 
analog-of  the-_cqmbuitqr*.flowi  ^Such  .approaches  are  .termed [modular  models,  examples,  of 
which  have  been  reported  by  .Roberts,  et  al.  [3]  ahd  SwitKenbank,  et  u' .  14];  the  formula¬ 
tion  described  in  this  paper,  while  similar  in  that  the  overall  combustor  flowfield  is 
broken^ down  into-computational-subunits, ’.provides  far  more  detail  . than  either  of  the  Cfor- 
mef  ;mddels.‘  -  -  -  -----  -  ~.-w  -,1-  _ . _ _ _ 

*  Formerly  with  Chemical  Systems. Division,  United  Technologies  Corp. ,  Sunnyvale ,  Calif. 


In  the .present  approach,  the  combustor  flowfield,  represented  schematically  in  Figure 
i,  is  broken  down  into  three  major  components!  a  directed  flow,  .which  is  treated  as  para¬ 
bolic,*  a  recirculation  zone,  assumed  to  bo  represented  by  well-stirred  reactor (s) ;  and  a 
turbulent  shear  layer- along- the  dividing; streamline  which  separates  the  other -tub  regions. 
The  shear  layer  serves  vas'/the  coupllng  region-between  the  other  -two  model  components; 
fluxes  of  species  and  energy  across  this  shear  layer  form  the  boundary  conditions  on  the 
two  computational  regions.  Finite-rate  chemistry,  based  on  the  quasiglobal  model  (5]  can 
be  included  in  the  formulations  for  both  the  directed  flow  and  well-stirred  reactor  re¬ 
gions,  although  for  the  modular  model  calculations  described  in  this  report,  the  recircu¬ 
lation  region  well-stirred  reactor  formulation  has  been  restricted  to  a  global  finite-rate 
chemistry  model;  The  directed  flow  is  assumed  to  be  fully  turbulent,  with  the  turbulent 
viscosity  defined  by  a  tyo-equation  turbulence  model  f 6  J .  A  key  difference  between  this 
modular  model  and -themodelsof  Roberts,  et  al.  [3]  and  Swithenbank,  et  al.  14]  is  the 
provision -for  the  shear  layer  coupling"  region  in  the  current  model;  ‘Through  the  use  ol 
this  element  of  the  model,  the  division  of  the  mass  flux  between  the  directed  flow  and 
the  "redirculation 'region  is  computed  iteratively  rather  than"  Specified  empirically - 
Purthermore,  the  directed  flow  region  is  computed  in  detail  as  a  two-dimensional  parabolic 
flowfield,-  rather  than  through  a  one-dimensional  approximation,  allowing  the  use  of  de¬ 
tailed  ■computations  of  the  mixing  and  chemical  reactions  in  this  region  of  the  combustor. 
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FIGURE  1.  Schematic  of  Sudden-Expansion  (Dump)  Burner 

in  this  paper,  the  development  of  the  modular  model  for  a  sudden-expansion  combustor 
is  described  in  detail.  The  model  formulation,  including  the  definition  cf, coupling  con¬ 
ditions  and  a  description  of  the  overall  flowfield  iteration  procedure,  is  described  in 
Section  2.  Results  of  the  application  of  the  approach  to  the  computation  of  a  variety  of 
sudden-expansion  flowfields  ore  described  in  Section  3?  where  the  capabilities  of  this 
approach  and  current  unified  elliptic  formulations  overlap,  such- as  in  the  computation  of 
incompressible  sudden-expansion  flows,  the  results  of  the  modular  approach  are  compared 
with  both  available  experimental  data  and  unified  model  computational  results.  This  is 
followed  by  a  discussion  of  the  use  of  the  model  as  an  interpretative  tool  in  a  current 
ramjet  combustor' development  program.  The  description  of  this  application  focuses  on  the 
use'of  the  model  as  a  tool  for  the  assessment  of  the  causes  of  low  performance  encountered 
under  some -situations  during  the  early  phases  of  a  combustor  test  program.  This  ihvesti- 
gation  led  to  recommendations  and  subsequent  alterations  in  test  variables,  which  resulted 
in  improved  performance  in  the  second  test  phase.  Overall  conclusions  reached  from  the 
work  discussed  in  this  paper  are  described  in  Section  5.  The  work  described  in  this  paper 
shows  that  there  are  considerable  advantages  to  be  gained  from  the  use  of  analytical 
models  as  interpretative  techniques  and  planning  guides  in  conjunction  with  experimental 
combustor  development  programs , 


2.  MODULAR  MODEL  FORMULATION 

The  basic  elements  of  the  modular  model  formulation  are  a  parabolic  finite-difference 
uou.Eutatiohal  technique  [7j ,  used  for  the  directed-flow  portion  of  the  analysis;  and  a 
stirfedreaefcor  computation  "which  represents  large-scale  recirculation  regions.  These 
elements,  or  modules,  arecoupled  together  through  a  simplified  representation  of  the 
turbulent  shear  layer  which  exists  between  the" directed  flow  and  the  recirculation  region. 
In  the:  ioodUlarapproach;  theshear  layer  representation  is  used  to  define  the  gradients 
in*  velocity,  species,  and  enthalpy  between  the  two  regions  of  the  flow,  thus* providing 
both  the  boundary  conditions  on  the  directed  flow  and  the  stirred  reactor  feed  rates;  - 
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2.1  WELL-STIRRED  REACTOR  -  THE  RECIRCULATION  ZONE  MODEL  - 

Flowfield  regions  in  which,  intense  backraixing  occurs  can  approach  the  limit  of  com¬ 
plete  mixing,  and  thus  thewcll-stirred  reactor  concept  is  attractive  for  representing  the 
recirculation  regions'  in  a  sudden-expansion  burner.  For  a  well-stirred  reactor,  the  equa¬ 
tions  describing  the  transport  of  energy  and  species  reduce  to  the  relations 
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where  the  superscripts  I  and  0  represent  inflow  to  and  outflow  from  the  stirred  reactor, 

H  the  mass. contained  within  the  stirred!reaetor,  the  a±  are  the  mass  fractions  of  the  i 
species  in  the  reactor,  m][  is  the  net  inflow  of  species  i,  V  is  the  reactor  volume,  w<  the 
volumetric  production  rate  for  species  i  due  to  chemical  reaction,  h  the  enthalpy,  and- 0 
the  rate  of  heat  addition  to  the  reactor  from  its  surroundings.  Note  that  in  this  set  of 
equations  the  species  transport  equation  is  written  in  non-steady  form.  This  formulation 
has  been  adopted  to  facilitate  solution  of  the  stirred  reactor  governing  equations  with. 
finite-rate  chemical  kinetics;  the  steady-state  stirred  reactor  solution  is  obtained  when 
dajy'dt  +  0 . 

Equations  (l)-{3) ,  .Along  with  expressions  for  the  volumetric  species  production  rates 
for  the  enthalpy  as  a  function  of  species  concentrations ,  and  the  equation  of  state,  de¬ 
fine  the  temperature  and  species  concentrations  in  the  stirred  reactor,  given  the  inflow 
rates  for  species  and  enthalpy.  In  the  modular  model,  the  net  inflow  of  species  and  en¬ 
thalpy  can  each  be  expressed  as  a  line  integral  involving  gradients  evaluated  along  the 
dividing  streamline,  so  that  for  the  modular  model  the  energy  and  species  conservation 
equations  for  the  stirred  reactor  can  be  written 


Energy 


/s  F  3aI  s 

Rc(x)pvT  Z  ^(T1)  ST  ds  +  Q  -  2t.  J  1 
0  L  "0 

-  2"  f  Rc(x,pvT  2p  [h?<V  IF  dS 


RC(X),C  ||ds 


where  Rc,(x)  represents  the  radial  location  of  the  dividxng  streamline,  and 


H  =2l  / 
dt  ocV  J 
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2tr  f 

'  >cVJ 


RC(5C>  PVT  1i 
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Here  pc  represents  a  characteristic  density  of  the  stirred  reactor  region,  and  pv^  a 
characteristic  eddy  diffusivity,  evaluated  from  the  outer  flowfield  solution  in  the  region 
of  the  dividing  streamline. 

2.2  PARABOLIC  MIXING:  THE  DIRECTED-PLOW  MODEL 

The  second  major  element  of  the  modular  model  for  a  sudden-expansion  combustor  is  the 
formulation  for  the  directed  flow  portion  of  the  combustor  flowfiel  x.  It  is  assumed  that 
the  boundary  layer  approximations  apply  to  this  part  of  the  flowfield,  so  that  the  de¬ 
scribing  equations  are  parabolic.  For  a  steady,  axioymmotric  flow  these  equations  may  be 
written: 

Global  Continuity 


(7) 


Species  Diffusion  for  the  ith  Specie 
- - - - 

*  T  3r£  9&J  _ 


pu*w  +  pv 


Momentum- Equation 


and  the 


pu  |^  +  pv 


■g-l{&Kg)}-g 


in  which  Pr  and  Sc  represent  the  Prandtl  and  Schmidt  numbers,  respectively.  These  equa¬ 
tions,  along  with  expressions  for  the  enthalpy 


and1  the  equation  of  state 


H  =  h  +  tj-  and'  h  =  £  aihi  (T) 

p  -  0RT£  (e./W.) 

i  1  1 


can  be  solved,  given  an  expression  for  the  turbulent  eddy  viscosi'y  iiT  =  pvT.  In  the 
present  formulation,  this  is  defined  by  the  two-equation  turbulent  kinetic  energy  model 
(6J,  in  which  transport  equations  are  written  for  the  turbulent  kinetic  energy,  k,  and  its 
dissipation  rate, -e.  In  boundary  layer  form,  these  equations  can  be  written: 

Turbulent  Kinetic  Energy 

. ii  3k  .  3k  „  1  3  /V  3k  \  .  „  /auf  „„  ,,,, 

pu  55  +  pv  7t  ?  }  M5*/ 

Turbulence  Energy  Dissipation 

3c  .  3e  _  1  3  /'Vp  3e  \  .  r  e  lbu\  _  e2  n„ 

eo5x  +  pv5F-F5r  \’oT-  3r/+cEiE  MsF  j  CE2P  TT  (13) 

where  uT  =  C„pKa/E.  The  turbulence  energy  dissipation  rate,  c,  can  be  related  to  a  turbu¬ 

lent  scale,  Jtfc,  through  the  Kolmogorov  hypothesis  e  «  k3,2/JEfc  so  that  the  transport  equa¬ 
tion  for  turbulence  energy  dissipation  can  also  be  regarded  as  a  description  of  the  spa¬ 
tial  variation  of  the  turbulent  length  scale. 

2.3  CHEMICAL  KINETICS:  THE  QUASIGLOBAL  MODEL 

In  both  the  stirred  reactor  and  directed  flow  portions  of  the  modular  model  volumet¬ 
ric  chemical  kinetic  production  rate  terms  appear  in  the  species  transport  equations. 

These  terms  can  be  evaluated  using- a  full-  hydrocarbon  chemical  kinetics  scheme  based  on 
the  quasiglobal  kinetics  model  [SJ,  which  has  as  a  key  element  a  subglobal  oxidation  step 


cnHm  *  7  °: 


7  °2  ~  7  h2 


This  reaction  is  unidirectional  with  an  empirically  determined  rate  (grams  of  fuel/cc/sec) 
given  by 

d£CJC  IL 

- =  A  T°  P0-3  (CnHa),,a  [02]  exp  (-E/RT]  (IS) 

with  the  constants,  A ,  b,  and  S/R  defined  in  Table  1,  where  ?  must  be  given  in  atmospheres, 
T  in  degrees  Kelvin  and  (]  denotes  molar  concentration;  coupled  to  this  subglobal  step  are 
the  intermediate  reversible  reactions  also  given  in  Table  1.  , 

2.4  MODELS  FOR  THE  FUEL  INJECTION  PROCESS 

_  In  addition  to  the  basic  components  of  a  parabolic,  directed  flow  analysis  and  a 
well-stirred  reactor  formulation,  the  modular  concept  can  be  extended  to'  include  other 
elements  of  the  dus^s  combustor  flowfield,  for  example,  the  fuel  injection  process.  The 
detail  of  the  computation  provided  by.  the,  use  of  a  parabolic  directed  flow  analysis  is  the 
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TABLE  1,  Extended -C-H-0  Chemical  Kinetic  Reaction  Mechanism 
kf  =  AT15  exp  (-E/RT) 


REACTION 

A 

1) 

C  H  +|0,-t-fH-  +  nCO 
n  m  2  2  2  2 

A.  Long  Chain 

B.  Cyclic 

2) 

CO  +  OH  «  H  +  C02 

S.  6 

X 

3) 

co  +  o2  =  co2  +  6 

3.0 

X 

4) 

CO  +  0  +  M  =  C02  + 

M 

1.8 

X' 

5) 

h2  +  °2  =  OH  +  OH 

1.7 

X 

6) 

OH  +  H2  =  H20  +  H 

2.19 

X 

7) 

OH  +  OH  =  O  +  HjO 

.5.75 

X 

8) 

0  +  H2  =*  H  +  OH 

1.74 

X 

9) 

H  +  02  =  0  +  OH 

2.24 

X 

10) 

M+O+H=0H+M 

1.0 

X 

11) 

h  +  o  +  o  =  o2  +  m 

9.38 

X 

12) 

m  +  h  +  h  =  h2  +  m 

5.0 

X 

13) 

M  +  H  +  OH  =  H20  + 

M 

1.0 

X 

14) 

0  +  N,  =  N  +  NO 

1.36 

X 

15) 

N2  +  02  =  N  +  N02 

2.7 

X 

16) 

N2  +  02  a  NO  +  NO 

9.1 

X 

17) 

NO  +  HO  =  N  +  N02 

1.0 

X 

18) 

NO  +  O  =  02  +  N 

1.55 

X 

19) 

M  +  N0  =  0  +  N  +  M 

2.27 

X 

20) 

M  +  N02  =  O  +  NO  + 

M 

1.1 

X 

21) 

M  +  N02  =  02  +  N  + 

M 

6.0 

X 

22) 

NO  +  02  =  H02  +  0 

1.0 

X 

CM 

H  +  OH  =  NO  +  H 

4.0 

X 

24) 

H  +  N02  =  NO  +  OH 

3.0 

X 

25) 

C02  +  N  =  CO  +  NO 

2.0 

X 

26) 

CO  +  NOj  «  C02  +  NO 

2.0 

X 

b 

FORWARD 

E/R 

6.0 

X  lo4 

1 

12.2  X 

103 

2.08 

X  10 

1 

19.6=  X 

103 

1011 

0 

0.543  X 

103 

1012 

0 

25.0  x 

103 

1019 

-1 

2.0  X 

103 

1013 

0 

24.7  x 

103 

1013 

0 

2.59  x 

-i 

10" 

1012 

0 

0.393  x 

103 

1013 

0 

4.75  X 

103 

1014 

0 

8.45  x 

103 

1016 

0 

0 

1014 

0 

0 

1015 

0 

0 

1017 

0 

0 

1014 

0 

3.775  X 

104 

1014 

-1 

6.06  X 

104 

1024 

-2.5 

6.46  x 

104 

1010 

0 

4.43  X 

104 

lo9 

1 

1.945  X 

104 

1017 

-0.5 

7.49  x 

lo4 

1016 

0 

3.30  x 

104 

1014 

-1.5 

5.26  x 

lo4 

1012 

0 

2.29  x 

lo4 

1013 

0 

0 

101’ 

0 

0 

1011 

-1/2 

4.0  x 

103 

1011 

-1/2 

2.5  X 

103 

Reverse  reaction  rate  kr  is  obtained  from  kf  and  the  equilibrium  constant  Kc 


key  feature  of  the  modular  model  that  allows  the  inclusion  of  a  fuel  injection  module. 

This  is  particularly  true  in  the  case  of  liquid  fuel  injection,  for  at  the  fuel/air  ratios 
appropriate  for  ramjet  combustor  operation,  the  liquid  fuel  streams  initially  occupy  a 
very  small  portion  of  the  overall  combustor  cross-sectional  area.  The  liquid  fuel  injec¬ 
tion  model  makes  use  of  a  combination  of  empirical  information  and  turbulent  mixing  calcu¬ 
lations.  For  example,  the  fuel  jet  penetration  from  the  wall  is  computed  through  the  use 
of  an  empirical  penetration  correlation  [8],  using  a  breakup  time  correlation  19 J  to  esti¬ 
mate  the  downstream  distance  at  which  penetration  is  to  be  computed.  That  is,  it  is 
assumed  that  the  fuel  jet  has  turned  parallel  to  the  airflow  at  the  axial  position  at 
which, the  initial  fuel  jet  has  broken  up  into  droplets,  as  given  by  the  breakup  time  cor¬ 
relation  and  the  local  airflow  velocity. 

Since  the  basic  modular  model  formulation- involves  an  axisyimaetric  flowfield,  indi¬ 
vidual  fuel  jets  cannot  be  resolved,  and  it  is  assumed  that  the  liquid  fuel,  spray  forms  an 
annulus  whose  cross-sectional  area  may  either  bespecified  or  computed  based  on  an  assumed 
fuel  spray  bulk  velocity.  A  bulk  spray  evaporation  correlation  is  then. used  to  compute 
the  fuel  vaporization. rate;,  this  correlation  flO]  is. a  function. of  the  initial  velocity, 
and;  temperature  difference,  between  the  fuel  spray  arid  the  surrounding,  air  stream,  spread¬ 
ing  of  the . fuel  jet  is  computed  through  use  of  a  turbulent  mixing  hypothesis  as  for  the 
mixing,,  process  in  the  remainder  of  the  parabolic  flow.  Figure  2  shows  the -results  of  a 
computation  of^ the  fuel .injection, process  for  three  fuel  injectors,  located,  in  the  com¬ 
bustor  inlet  wall,  along  thecenterline,  and  in  a-midstream  position.  Shown  are  the  com¬ 
puted  contours  of  the  fuel  mass  fraction,  dp,  with  the  vapor-phase  .fuel  shown  as  the  solid 
line  and  the  liquid-phase  fuel  as  the  dotted  line,  as  a  function  of  both  axial  and /radial 
position  in  :the  combustor  inlet.  For  these  calculations  the  air  inlet  jyelocity  was 
approximately  700  ft/sec  at  a; temperature'  of.  l600oK;  the  overall  fuel/air  equivalence 
ratio  was *0.6.  The  results  shown  in  Figure  2  provide  a  good  example  of  the  detail  of  the 
fuel  injection  process'  available  through  use  of  this  aspect  of  modular-  modeling. 


FIGURE  2.  Predicted  Fuel  Mass  Fraction  Distributions  for 

Simultaneous  Injection  at  Three  Radial  locations 


2,5  COUPLING  RELATIONS  AND  ITERATION  PROCEDURE 

The  overall  logic  of  the  calculation  procedure  is  shown  schematically  in  Figure  3. 

Inlet  conditions  can  be  defined  upstream  or  downstream  of  the  fuel  injection  station  as 
required;  if  liquid  fuel  injection  is  specified,  the  penetration  and  spreading  of  the 
liquid  fuel  jets  are  computed  as  described  in  the  preceding  section.  The  computation  pro¬ 
ceeds  to  the  dump  plane  in  the  sudden-expansion  combustor,  at  which  point  the  dependent 
variables  in  the  flowfield  are  stored  for  later  use  in  the  recirculation  zone  iteration 
procedure. 

An  initial  state  for  the  stirred  reactor  must  be  specified  in  order  to  begin  the 
iteration  procedure.  This  state  is  reasonably  arbitrary,  ercept  that  a  reacted  tempera¬ 
ture  level-  must  be  specified.  The  shape  of  the  dividing  streamline  separating  the  direc¬ 
ted  flow  and  the  recirculation  zone  must  also  be  specified,  along  with  the  shear  stress 
level,  expressed  as  a  "skin  friction"  coefficient.  The  initial  stirred  reactor  state,  in 
conjunction  with  a  model  for  the  shear  layer  between  the  recirculation  zone  and  the  direc¬ 
ted  flow  then  defines  the  boundary  conditions  for  the  parabolic  directed  flow  calculation. 

Directed  flow  computations  are  carried  out  to  the  axial  station  at  which  the  end  of  the 
recirculation  zone  has  been  defined;  as  part  of  these  computations  the  diffusive  flux  of 
species  and  energy  across  the  dividing  streamline  is  computed.  These  fluxes  then  define 
a  new  set  of  stirred  reactor  "feed  rates",  i.e.,  species  and  energy  fluxes  into  the  recir¬ 
culation  zone  region.  Convergence  of  the  procedure  is  defined  by  the  change  in  the 
stirred  reactor  feed  rates  from  iteration  to  iteration;  each  species  and  the  energy  flux 
must  change  less  then  0.1%  before  the  convergence  criteria  are  satisfied.  If  they  are 
not,  the  species  and  energy  fluxes,  and  the  overall  diffusive  mass  flux  and  physical  re¬ 
circulation  zone  volume  Jure  used  to  compute  a  new  stirred  reactor-  state.  The  pressure 
required  for  this  computation  is  taken  to  be  the  arithmetic  average  of  the  pressures  com¬ 
puted  as  part  of' the  directed  flow  solution  at  the  beginning  and  end  of  the  recirculation 
region.  The  new  stirred  reactor  state  is  then  used  to  define  new  directed  flow  boundary 
conditions,  and  the  computation  is  restarted  from  the  dump  station.  When  convergence  is 
achieved,  typically  in  3-5  iterations,  the  combustor  calculation  is  continued  to  the 
specified  combustor  exit  station. 

in  describing  the  coupling  Between  the  stirred  reactor  and  directed  flow  elements  of 
the  model,  it  is  useful,  for  clarity,  to  consider  a  simplified  formulation  for  the  stirred 
reactor, -using  .a  global  finite-rate  kinetics  model,  in  this  model,  the  fuel  consumption 
rate  is  given  by  the  expression 

dCp  rfBffMWe-v. 

-gjT  =  -C  C03/2  A  exp  (-B/RT) 
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U6) 


where  the  C's  have  the  units  (moles/cc/sec) ,  T  is  is  °K,  and  R  is  in  kcal/mole  °K;  a  = 

3.80  x  1015  and  B  *  15,800.  Performing  the  manipulations  necessary  to  recast  Eg.  (IS)  in  d 
terras-o£. mass  fractions,  and; substituting  into  Eq. (2) ,  results  in  a  set  of  simultaneous, 
equations -for  the  active  species  of  the  form: 
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where  n  and  nt  are  the  carbon  and  hydrogen  atoms  in  the  general  fuel  molecule  CnHn,  the  K'S 
are  the  molecular  weights  of  the  species,  and 


8  (T)  =  p3'2  A  exp  (-B/RT)/WfW03'2 


(22) 


Given  the  specification  of  the  mj,  Eqs. (17-21) ,  along  with  the  perfect  gas  equation  of 
state  and  Eq. (3)  are  solved  to  obtain  the  new  steady-state  values  of  the  active  specie3, 
i.e. ,  the  values  obtained  when  dMas/dt  *  0. 


FIGURE  3.  Modular  Model  Calculation  Logic 

A  key  element  in  the  modular  formulation  is  the  model  for  the  shear  layer  between  the 
recirculation  tone  and  the  directed  flow.  It  is  the  computation  in  this  region  that  pro¬ 
vides  the  boundary  conditions  for  the  parabolic  directed  flow  calculation;  through  the 
gradients  in  energy  and  species  mass  fractions  computed  from  the  directed  flow  solution, 
the  influx  rates  m|  in  Eqs. (17-21)  and  the  energy  flux  h1  in  Eq. (35  are  evaluated.  The 
shear  layer  region  is  computed  in  asisplified  forms  It  is  assumed  that  the  shear  layer 
can  be  modeled  as  a  region  i (x)  across. which  all  dependent  variables  (i.e.,  velocity,  tem¬ 
perature,  and  species  mass  fractions)  vary  linearly".  It  is  further  assumed  that  the  shear 
layer  width  itself  is  specifiable  by  a  linear  growth  law. 


in  which  a  and  b  are  constsnts.  The  constant  b  ean.be  related  to  the  initial  boundary 
layer  thickness  at  the  expansion  plane,  while  the  constant  a  can  be  related  to  empirical 
expressions  for  shear  layer  growth  rate.  For  self-similar  shear  layers,  the  constant  a 
can  be  related  to  the  shear  stress  level  at  some  characteristic  point  in  the  shear  layer. 
However,  for  reacting  mjdden-expahsion  burner  flows  self-similar  shear  layer  concepts  do 
hot  apply  and  the  dividing  streamline  shear  stress  is,  in  the  modular  model,  independently 
specifiable. 

As  shown  in  Figure  4,  the  dividing  .streamline  shape  is  specified:  This  speci¬ 

fication  also  defines  the  dividing  streamline  stream- function  value  Vw.  Along  y  =  ffc„  the 
turbulent  shear  stress  is  specified  through  the  use  of  an  input  "skin  friction  coefficient" 

CFH  *  %-/|^  <Z4> 

where  p  and  u  are  evaluated  as  the  average  of  their  values  along  the  flowfield  centerline 
and  along  the  streamline  #  =  fp-  As  noted  above,  temperature  and  species  mass  fractions 
are  assumed  to  vary  linearly  across  the  shear  layer.  If  #p  is  defined  as  the  streamline 
immediately  "outside"  the  recirculation  region  (i.e.,  within  the  directed  flow)  and  fr  is 
a  (an  imaginary)  streamline  immediately  "inside"  the  recirculation  zone.  then,  for  soecies 


the  recirculation  zone,  then,  for  species 


and  for  temperature 


where  air  and  T_ 
from  the  stirred 


and  TV  are  the  values  of  the  species  mass  fractions  and  temperature  obtained 
itirred  reactor  solution. 


%mmm 


r*\ 


FIGURE  4.  Dividing  Streamline  Definition  Sketch 

The  boundary  conditions  at  y  =  vv  established  by  Eqs. (24-26!  define,  through  the 
parabolic  solution,  effective  gradients  which  can  be  used  to  define  the  influx  into  the 
stirred  reactor.  For  example. 


»*  *  2  f  ~ 


v_  3a. 
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where  1  is  the  distance  measured  along  the  dividing  streamline  and  vg>  the  turbulent  dif- 
fusivity  for  momentum;  Sc  is  the  Schmidt  number.  In  discretized  stream  function  coordi¬ 
nates,  using  the  transformation  purdr  =  fd*.  Eg. (27)  can  be  rewritten  as 


»i  =  if/ s?  (*l  -  4) 


where  d  =  par8;^*.  Defining 


vW/ f.  «„ 

0  /  0 


and  noting  that,  by  definition,  a?  is  constant. 
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Substituting  Bq* (30)  into  Eg. (25 ,  and  taking  d(}fai)/dt  =  0,  results  in  the  working  form  a 
bfthe:  well-stirred  reactor-speciesequationiistc!  in  the  modular  iodel.  A  similar  devel-  Q 
opaent  can  be  followed  for  the  energy  flux- tens  h1  in  Eg.  (3) . 

With  tbe  describing  equations  derived,  tho  iteration  procedure  involved  in  the  nodu¬ 
lar  nodel  can  be  restated.  Given  the  conditions  in  the  directed  flow  at  the  start  of  the 
recirculation  zone,  either  by  calculations  begun  upstream  of  the  dump  station  or  as  input 
conditions,  and  given  initial- guesses  for  the  recirculation  zone  state,  of  and  T*,  as  well 
as  the  geometric  variables  ^(x)  and  a  and  b  in  the  shear  layer  width  e.rpressien,  ar.d  the 
"skinfricticn  coefficient"  Cpw,  the  parabolic;  Calculation  proceeds  to  the  end  of  the  re- 
circulation-zone,  uBing  Eqs,  (25)  and  (26)as„.boundary  conditions,  when  the  end  of  the 
recirculation  zoneisreached,  5?,hP,  aid  gip  are  evaluated,  ana  these  quantities  are 
used,  along  with  an  input  specification  of  Q,  to  cosqsute  a  new  stirred  realtor  state  from 
Egs. (17-22).  The  process  is  repeated  until  changes  smaller  than  0.10%  are  observed  in 
or- and  EP;  after';  which  the  reaain;cr  of  the  coebustor  calculation  is  carried  out. 

i  - 

Boundary  conditions  for  the  turbulent  kinetic  energy,  k,  and  the  turbulent  kinetic 
energy  dissipation  rate,  c,  are  established  in  the  ease  Banner  as  described  for  the  mean 
total- energy  and  species  equations.  Thus,  values  are  assumed  for  the  turbulent  kinetic 
energy  and  its  dissipation  rate  for  the  stirred  reactor  region,  kr  and  cr ,  respectively, 
and  the  gradients  in  k  and  c  along  the  dividing  streamline  are  established  from  the  rela¬ 
tions 


3e\  - 
3r/w 


As  is  evident  from  this  discussion,  a  number  of  parameters  cast  be  specified,  either 
empirically  or  through  comparison  of  model  predictions  with  experiment,  for  a  modular 
model  computation  .to  proceed.  These  include  the  size  and  shape  of  the  rScircolatios  time, 
the  coefficients  a  and  b  in  Eq. (23) ,  the. recirculation  zone  values  of  k  and  r ,  and  the 
dividing' streamline  skin  friction  coefficient  Gyji-  While  this  is  a  fairly  lengthy  list  of 
coefficients,  and  is  in  addition  to  the  inlet  and  wall  boundary. conditions  that  must  be 
specified  in  any  formulation,  experience  has  shown  that  good  results  can  be  achieved  using 
a  reasonably  limited  range  of  values  of  these  coefficients.  For  exanple,  both  the  size 
and  shape  of  the  recirculation  zone  can  he  adequately  specified  as  functions  of  the  dump 
combustor  geometry,  ana  it  has  been  found  that  the  shear  layer  initial  thickness,  spread 
rate,  and  shear  stress  distribution  along  the  dividing  streamline  have  a  marked  effect  on 
the  static  pressure  distribution  computed ' fob' the  combustor.  This  suggests  that  an  outer 
iteration  loop  can  be  used  to. adjust  tbe  computation  for  a  specific  combustor  geometry 
through  matching  of  the  computed  static  pressure  profile  with  experimental  data  for  that 
geometry,  and  this  technique  has  been  successfully  used  to  match  computed  and  experimental 
distributions  of  static  pressure  for  both  cold  flow  and  reacting  flow.  The  nodular  ap¬ 
proach  is  not  a  generalized  predictive  tool  in  the  sense  that- it  can  be  relied  upon  in  the 
absence  of  experimental  data;  instead,  the  motel  is  one  which,  given  a  limited  amount  of 
available  data,  can  be  used  to  predict  and  interpret  the  phenomena  occurring  within  the 
combustor  under  test,  and  to  provide  a  means  for  scaling  test  results  to  cover  a  more 
geaural  range  of  interest  to  the  combustor  designer. 

3.  APPLICATION  CP  MODULAR  MODELING  TO  SUDDES-EXPAl.’S  I  OS  FLOWFIELDS 

In  order  to  demonstrate  the  application  of  the  modular  model  to  the  analysis  and  in¬ 
terpretation  of  sudden-expansion  flowfield  data,  calculations  of  a  variety  of  different 
sudden-expansion  flows  have  bfeen  carried  out.  These  flowfields  include  incompressible 
and  compressible  nonreacting  flows  and  premised  reacting  flows;  in  the  latter  case,  both 
one-step  global  and  the  full  quasiglohal  chemical  kinetics  models  have  been  used.  Although 
there  are  a  number  of  empirical  coefficients  in  the  model;  these  cosputa t ions  illustrate 
that  coefficient'  values  can  be  selected  based  on  one  set  Of  data,  and  in  large  part,  used 
for  the  computation  of  different  flowfields:  Where  changes  in  coefficients  are  required 
the  differences  in  each  case  can  be  related  to  physical  differences  in  the  flowfields  in 
different  configurations. 

3.1  COLD  FLOW  APPLICATIONS 


Validation  and  demonstration  of  the  modular  model  requires  detailed  data  for  the 
sudden -expansion  configuration  of  interest.  _ One  such  source  of  detailed  data  is  the  work 
reported- by  Chaturvedi  (lij  for  an  essentially  incompressible  sudden-expansion  flowfield. 
The  sudden -expans ion  configuration  investigated  by  Chaturvedi  involved  an  area  ratio  of 
v  .  1  4.0  witi  an  inlet  Reynolds  .number  (based  on  inlet  diameter)  of  2  x  10*.  The  inlet  velSc- 

'  -"v..  •  ity  was  thus  of  the  order  of  100  ft/sec.  A  variety  of  expansion  angles  were  studied, 

.  varying  from  15*  to  90*;  th*>  SO*  expansion  ar.gle  case  is  of  the  most  interest  fn  this 

’  .  ’  •  model  validation  work.  Chaturvedi 's  apparatus  had  an  L/D  of  25  bases  on  the  inlet  diam- 

' '  :  ' .  eter  (L/D  s  13  based  cn  "combustor*  diameter)  and  was  aspirated  by  a  centrifugal  pus?  and 

l.  butterfly  valve  assembly  as  the  donate**3®  end;  the  inlet  was  a  belisouth  intake  directly 

;  '  ijsi-  coupled; to- the  expansionsection.  Because  of  the  differences  in  Chaturvedi’s  experimental 

•  apparatus  relative  to  a  typical  sudden-expansiteco^trstorconfiguratioa,  which  include 

I  the  lack  of  ah  exhaust  nozzle  section,  the  greater  mixing  chamber  length  relstiveto  a 
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typical  ramjet  c.-.rbusticr.  chamber,  and  the  lack  of  an  inlet  section,  the  model  tog  asss^- 
/J  bases  necessary  to  natch  the  modular  modelpredictices  with  these  data  are  sot  necessarily 
appropriate  for  a  ramjet  combustor.  However,  Cha Curved i  *s  data,  which  imelvde  axial  and  " 
radial  profiles  ef  ssan  velocity,  axial  and  radial  terbcler.t  intensity  cast  flats,  and 
total  pressure,  are  detailed  enough  to  provide  a  critical  test  of  sodding  --ryability. 

The  parameters,  is.  addition  .to  wall  boundary  conditions  and  islet  conditions,  that 
rust  he  specified  for  a  sodular  cospatatioa  include :  recirculation  ror.e  sire  and  shape, 
shear  layer  initial  thickness  and  growth  rate,  dividing  stream!  ine  shw,  stress- soeffi- 
cieat,  recir  ccla  tics  cone  turbulent  kinetic  eatogy.-  level,'  aha  cecircnlaticn  tone  turbulent 
dissipation  length  scale.  Initial  work  -12J  had  established,  for  typical  ssddem-ezpins ic- 
ramjet  combustors.  that  the  dividing  streamline  sit ape  was  seen  represented  by  a  parabolic 
arc  arranged  such  that  at  the  step,  dr/dr  =  0,  and  which  intercepts  tie  wall  at  a  distance 
9,2  step  heights  f res  the  islet.  This  recirculation  tone  length  correlation  was  based  or. 
Drevry's  results  113! .  this  work  also  showed  tbit  the  dividing  streamline  shear  stress 
coaff iciert  had  a  strong  effect  on  the  predicted  static  presses  distribution ,  while  the 
turbulent  kinetic  energy  dissipation  rate  length  scale  assumed  lor  the  recirculation  cor* 
ha;  a  .strong  effect  os  the  rate  of  transport  into  and  out  of  the  rectrcsiatloa  region. 

The  shear  layer  initial  thickness  arc  rate  of  growth  had  little  overall  effect,  -over  she 
range  considered  in  the  earlier  work. 

Although  Cbaturvedi's  data  show  a  reattacksect  point  at  9,2  step  heights  iron  the 
inlet  and  indicate  as  essentially  parabolic  recirculation  torse  shape,  carpi  riser  of  the 
predictions  of  the  node!  with  the  data  for  static  pressure  and  err ter lire  velocity  showed 
that  these  data  could  not  he  reproduced  with  the  parabolic  recirculation  tone  hosidary 
that  had  been  used.  Instead,  an  extended  redrcUlation  ram*  shape  had  to  be  adopted, 
figure  5  illustrates  the  experimentally  determined  reel rcula tier,’  rone  shape,  and  the  para¬ 
bolic  and  modified  recirculation  sent  shapes  adopted  for  the  cotputatien.  Sste  that  wee--, 
the  extended  shape  is  used,  the  affective  ree;  red  at  ion  cone  length  for  purposes  of  ccc- 
pufeiag  the  stirred  reactor  velto#  is  kept  at  th*  1.61  ft  disttoce  indicated  ty  the  data; 
thus  the  extension  represents  a;  approximate  node!  of  a  region  over  which  the  displacement 
effect  cf  the  shear  layer  bounding  the  dividing  streamline  relaxes  to  that  of  1  wall, 
bessdsry  layer.  A  detailed  descr iptira  of  the  evaluation  of"  the  remaining  model  parame¬ 
ter;  for  this  flow  field  is  giver,  elsewhere.  fMJ,  It  is  important  to  note  that  the  adjust - 
cent  of  the  node!  paraaeters  carried  out  for  this  ease  was  date  with -refertoes  to  tie  wall 
static  pressure  aad  centerline  -•el-city  seascre&er.tsz  the  detailed  profile  tote  were  not 
used  is  the  todeling  iteration. 
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riojai  S.  Comparison  of  Assessed  Dividing  StrearJlne  shapes 
With  Eatarsedi  Data  (X1J. 

the  ir.ccrprc  ssihle  sudden-evasion  represents  a  configuration  for  which  she  ccnputa- 
tioh-al  capabilities  of  the  nodular  and  unified  models  overlap,  so  that  for  this  flcwfield 
a  notarises  of  results  obtained  using  both  types  of  node!  is  of  considerable  interest. 

Sc  provide  this  cosa  risen,  calculations  of  the  Cha  t  urn  ed  I  sudden-expansion  flcwfield  were 
carried  cat  using  as  elliptic  code  developed  from  the  Imperial  College  primitive  variables 
toroalatics.  The  islet  conditions  and  turbulence  nodding  usd  for  the  elliptic  calcula¬ 
tion  were  identical  to  that  used  to  the  mcdalcr  apuroac*  .  Thus,  for  both  sets  of  calcula¬ 
tions,  the  initial  velocity  vis  taken  to  be  ssifoao  across  the  islet,  the  initial  turbu¬ 
lent  kinetic  energy  level  was  10”* irf ,  based  cm  Cbaturvtdi  's  data,  and  the  initial  turbo- 
lew*  energy  dissipation  rate  was  obtained  from  ;  ■  I.S.k'-5/ ifc  with  Ij,  *  e.lrc„  *  stan¬ 
dard  set  of  tvo-oeaattos  node!  coefficients  have  keen  used  for  all  of  the  flcwfield  ennnu- 
tatir.r.s  reported  ia  this  paper;  thus:  Clj  ■  O.Wj  Cei  *=  1.20;  =  1.95;  *  1.00;  ec 

=  1.22-  kill  boor. i ary  conditions  tor  tie  elliptic  computations  were  defined  using  a 
"wall-ftoction**  technique  and  the  downstream  boundary  condition  was  obtained  through  use 
of  a  »a»  axial  gradient  hypothesis  for  all  dependent  variables.  Ike  unified  model  cal¬ 
culation  used  a  100  x  25  Cz-r)  grid  to  minima re  *«sserioaI  diffssieu  problems,  tod  was 
continued  for  1209  iterations  to  Attain  a  "mass  ixbaltoce”  oo..ve.'-etce  criterikc  of  less 
than  0.911. 


Comparisons  cf  radial  velocity  profiles  obtained  through  to*  of  the  unified  aodel 
with  those  obtained  iron  the  modular  calculation  and.  with  Chatorvadi’s  fUj,  experimental 
data  toe  shown  is  Ficures  6  and  7.  it  is  evident  free  these  figares  that. the  unified 


codc-1  predicts  a  greater  csrir.g  rate  and  shorter  recirculation  zone  length  than  the  data 
indicate;  however,  no  effort  was  tide  to  optimize  the  unified  nodel  calculations  for  these 
data  {through,  for  exuple,  wcdi  fjcations  to  the 'wall  boundary  conditions  used  in  the  coa- 
putation) -  It_is  interesting  to iiote  that  for  I/D  =  2  and  x/D  •-  4 ,  the  unified  model 
velocity  profile  shape  predictions  are  similar  to  those  tie  nodular  rodel  produces,  up  to 
the  dividing  streamline.  The  acdular  aodel ,  of  course,  provid :s  so  detail  within  the  re¬ 
circulation  regies.  Also  of  ir.terer.t  rs  tie  steepening  of  the  velocity  profile  la  the 
sear  wall  region  between  X/D*.  6  and  X/D  a  S  that  is  predict'd  by  both  node  is.  Figure  ?. 
This  prerides  further  evidence  that  the  shear  layer  relaxati  an  region  hypothesized  to 
ezirt  is  the  nodular  nodal  formulation  of  the  flowfield  is  is  fact  a  feature  of  this  flow. 
Radial  turbulent  1  luetic  energy  pu-ofiles  for  X/D  *=  £  are  shown  in  figure  8.  Although  the 
elliptic  node!  producer  a  slightly  Irver  level  of  turbulent  iiretic  energy  than  does  the 
acdular  abroach,  both  calculations  are  ia  reasonably  good  aczeesest  with  the  data.  These 
cesparisons  indicate  that  for  this  configuration,  the  nodular  approach  is  capable  of  pro- 
iding  predictions  of  tie  details  of  tie  flowfield  that  ere  ia  agreement  with  b.th  the 
eaperinental  data  aad  with  predictions  obtained  fro®  unified  techniques.  Fsrrberocre, 
they  provide  evidence  that  tie  Shear  layer  and  recirculation  zone  node  1  s  included  is  the 
Modular  approach  are  adequate  representations  of  both  of  these  regions. 
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FliUAE  8.  Comparison  of  Turbulent  Kinetic  Energy  Profiler  predicted 
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3. a  REACTING  FLOW  APPLICATION!  «* 

L.  The  configuration  described  by  Craig,  at  al.  (15]  la,  while  a  euddon-oxpanoion,  con* 
•idarably  different  from  that  studied  by  Chaturvadl  (11] ,  The  baala  configuration  atudlad 
Involved  a  combuator  L/D  of  3,  a  dump  area  ratio  Ai/A*  of  2.25,  and  an  axlt  nozzle  area 
ratio  Aj/Aj  »  0.40.  1  Thus  it  is, considerably  shorter  than  Chaturvadl  'a  apparatua  and  in* 
corporator  an  axlt  nozzle  oontraetlon  which  wainot  uaadin  Chaturvadl* a  work.  Doth  of 
thaaa  diffaranoaa  can  be  expected' to  have  aubatantlal  affection  tha  overall  flowfleld 
development.  Cold  flow  and  reacting  flow  experimental  reaulta  are  reported  for  thii 
audden-axpanalon  configuration.  -  in  thamodular  model'  oomputat Iona,  the  cold  flow  data 
were  uaed  to  evaluate  tha  modal  coefficient  value  a  for 'the  apacific  configuration and 
computation!  of;a  premixed  dump  ecmbuator/at  a-fuel/air  ratio  of  0.053  were- then  carried 
out  ueing  thaaa  eoef fiei*nt< valuer,  for  eompiriion  withtha  datapreaentedin  Ret;  15.  In 
the  experiment!,  the  fuel  uaed  waeJP-4  whioh  was  represented  in  tha  computation!  by  pro¬ 
pane,  Both  a  simple  one-atep  gj-ibai,' finite-rate  ehemiatry  model  and  'the  full  hydrocarbon 
oxidation  kinetica  aa  represents*.  by  the  quaalglobal  model  were  uaed  to  roprceent  thr> 
chemical  kinetica  procaaaea  in  the  direoted  flow.  .  The  global  model  was  used  for  the  re¬ 
circulation  zone  in  all  caaea.  Propane  waa  chosen ‘to  represent  the  fuel  bocauao  previous 
atudiee  with  propane  had  reaultad  in  tha  davelopmant  of  a  one-atep  finite-rate  kinetica 
model  that  repreaented  fairly  accurately  the  ignition  delay  for  propane-air  (although  not 
the  overall  reaction  time)  over  a  range  of  condition!  of  internet  in  thia  work.  Initial 
condition!  included  an  inlet  total  temperature  of  554 'X  and  an  inlet  atatic  preeaure  of 
1.83  atm.  With  a  maaa  flow  rata  of  1.57  kg/aec,  the, inlet  velocity  and  atatic  temperature 
were  159  m/aec  and  543*X,  respectively;  tha  inlet  Mach, number  waa  0.351.  Initial  turbu¬ 
lent  kinetic  energy  and  dieaipation  rate  valuer  were  eatabliahed  in  the  eamo  manner  aa  for 
the  cold  flow  calculation!,  and  tha  geometry  of  the  eombuator  and  recirculation  zono  waa 
the  aame  aa  in  the  cold  flow  calculation!. 

..*•4  ' 

Both  combuetion  efficiency  and  wall  atatic  preaaure  dietribution  'data  are  available 
for  thia  configuration,  and  the  reeulto  of  the  modular  modal  calculation  of  theae  quantl- 
tiea  are  shown  in  com pari eon  with  the  experimental  data  in  Figure  9.  The  combuetion  effi¬ 
ciency  was  computed  from  the  ease-average  temperature  at  each  axial  location  in  tho  calcu¬ 
lation,  using  the  JANNAT  temperature-rise  combustion  efficiency  definition  116).  For 
these  data,  TT« (ideal)  -  2178*X.  Mote  that  in  theae  comparisons,  data  points  are  shown 
for  the  fuel/alr  ratio  0.053  value  at  which  the  computations  were  carried  out.  These  data 
points  ware  obtained  from  plots  of  combustion  efficiency  vs.  fuel/air  ratio  presented  in 
Ref,  15  for  three  different,  values  of  combustor  L/D.  The  band  shown  for  each  data  point 
represents  the  range  of  observed  combustion  efficiencies  as  a  function  of  fuel/air  ratio 
and  is  a  better  indication  of  the  overall  trend  of  the  combustion  efficiency  vs.  longth 
data  than  are  the  individual  data  points  themselves.  Some  caution  is  advised  in  inter¬ 
preting  the  combustion  efficiency  comparison  shown  in  r igure  9  since  three  different  com¬ 
bustor  configurations  were  involved  in  obtaining  the  data.  Thus  the  relationship  between 
recirculation  zone  length  end  combustor  length  is  different  for  each  of  the  three  combus¬ 
tors  tested.  On  the  other  hand,  the  static  pressure  data  (for  two  fuel/air  ratios  which 
bracket  tho  fuel/air  ratio  used  in  the  computation)  and  the  predictions  are  both  for  a 
combustor  L/D  of  3.0. 

A  point  that  should  be  noted  in  reviewing  the  results  presented  in  figure  9  is  that 
t.he  level  of  agreement  with  the  data  obtained  was  arrived  at  by  increasing  the  kinetic 
energy  lovol  in  the  recirculation  zone  substantially  over  the  levels  found  to  be  appropri¬ 
ate  for  the  cold  flow  cases  already  discussed.  One  possible  physical  cause  for  thia  in- 
creaued  turbulent  energy  level  in  the  recirculation  region  is  the  large-scale  oscillation 
of  the  recirculation  zone  that  has  been  observed  tn  a  variety  of  reacting,  recirculating 
flowfields  (17).  while  the  fluctuations  that  such  oscillations  produce  are  not  strictly 
turbulence,  two  factors  combine  to  suggest  that  they  can  be  interpreted  in  tha  context  ot 
on  analytical  flow  model  as  increased  turbulent  intensity  levels  in  the  recirculation 
zone.  One  is  that  tho  oscillations  enhance  the  rate  of  mixing  in  tho  recirculation  region 
and  in  the  shear  layer  bounding  it,  and  tho  second  if  that  some  of  the  energy  in  theso 
oficlllations  cun  be  oxpocted  to  provide  a  source  of  turbulence  energy.  For  all  other  fat,— 
tom  equal,  tho  incroaoo  in  turbulent  kinetic  energy  in  the  model  recirculation  zone, 
whilu  not  Increasing  tho  mixing  rate  within  that  region,  does  increase  the  effective  vis¬ 
cosity  along  tho  dividing  streamlino,  and  thue  the  rate  of  transport  across  tho  shear 
layer,  it  also  ch.ingos,  both  diroctly  and  Indirectly  through  the  transport  mechanism,  tho 
rat.o  of  transport  of  turbulent  kinetic  energy  to  the  recirculation  zono.  Thuz  the  in¬ 
creased  turbulent  energy  level  in  tho  recirculation  zone  required  to  achieve  good  agree¬ 
ment  with  tho  available  data  for  the  Craig,  et  al.  premixed  combustor  appears  to  he  pJau- 
oible  on  physical  ground*. 

while  those  results  indicate  a  good  overall  level  of  agrenmont  with  experimental  data 
for  a  preraixed  combustor,  tho  nonpremixed  case  involving  liquid  fuol  injection  is  of  con¬ 
siderably  greator  practical  Interest.  To  test  the  applicability  of  the  modular  approach 
(which ,  as  noted  in  Section  2,  incorporates  a  semi-empirical  model  for  liquid  fuol  injec¬ 
tion)  to  tho  analysis  of  nonpremixed  ramjet  combustor, flowfleld,  the  experimental  config¬ 
uration  tested  by  Schmotolocha  and  Economos  [18)  was  selected.  For  these  experiments  an 
area  ratio  A3/A2  "  9  combustor  was  used,  with  liquid  JP-4  injectod  perpendicularly  from 
the  inlet  wells  through  an  equally-spaced  ring  of  orifices  located  6  in.  upstream  of  the 
dump  plane.  The  inlet  air  Mach  number  for  this  combustor  was  0.49  and  the  global  fuel/air 
equivalence  ratio  was  0.43,  Since  the  experiments  involved  a  heavy  wall  combustor,  and 
the  code  is  presently  limited  to  either  adiabatic  or  isothermal  wall  boundary  conditions, 
the  effect*  of  heat  lose  to  the  walls  on  the  predicted  temperature-rise  combustion  effi¬ 
ciency  were  approximated  by  using  a  .lower  air  .temperature  value  measured  at , the  exi  t  of 
the  combustor  during  isothermal _.taating  in  place  of  ths  actual,  inlet  air  temperature.  A* 
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in  the  preraixed  combustor  investigation,  the  reaction  rate  for  the  JP-4  fuel  was  modeled 
using  a  global  expression  derived  for  propane.  However',  for  these  calculations  the’  ther¬ 
modynamic  coefficients  and  molecular  weight  of  the  fuel  were  those  appropriate  for  JP-4." 
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FIGURE  9.  Comparison  of  Predicted  and  Measured  Combustion -Efficiency 
and  Wall  Static  Pressure  Distributions,  PremixedSudden- 
Expahslon  Combustor,  Global  Finite-Rate  Chemistry  Model. 

Model  coefficients  were  taken  to  be  those  established  from  the  modeling  of  the  .pre¬ 
mixed  dump,  combustor  described  earlier  in, this  section,  despite  the .large  difference  in 
dump  area  ratio' between  the  combustor  used  by  Craig,  et  al. ,115]  and  the  present  combus¬ 
tor.  Results  of  these  computations  are  shown  in  Figure  lb.  In  the  lower  part.of  Figure 
10,  the  computed  combustion  temperature  distribution  is  shown.  Coalescence  of  the  iso¬ 
therms  along  the  reei-culation  zone  boundary  reflects  the’  highly  turbulent  shear  layer 
region.  The  predicted  equivalence  .--ratio  in -the  recirculation  2one,  is  1.87,  as  com¬ 

pared  to  a  measured  value  of  1.70,  for  the. globally  fuel-lean  overall -equivalence  ratio 
of  $0  “0,63."  Mote  that  the  vaporizationprocess resulting  ..from,  liquid,  fuel  injection 
into  ths' 1110*8  airstream  .effectively  reduces  the  heterogeneous  mixture. temperature 
levels,.. as  shown  by -'the  'presence  6ft.a  lOOO'R, isotherm.  A  comparison  of  predicted  and 
measured. radial  temperatur'e  prof iles  is  provided. atthe  combustor  oxit  plane.  As- expec¬ 
ted,  the  measured  temperature  near.the  wall  is. lower  than  theoretical  due  to  local  heat 
loss.  .  in  the  region  neaf^the^centerii  ijithe.dpcaV'temperiture  is_  substantially  undorpre- 
dictea,  which,  couldlresult  from,  deficiencies'  iijherent;in?aie  turbulence: modeling  or  in 
the  .global  finite-rate  chemical\  kinetics:ftodolV(which  substantially.  oyerpredicts  the  re¬ 
quired  reaction  time .compared-  to  .a  more.  eompiete'.  chemical  kinetics  formulation) ,  or  both. 
However,  the  mass  flow  in  this  region 'isTVsmall  relative  .to  the  overall  combustor  mass- 
flow,  so  that 'overall  combustion. efficiency,  ‘which. is;based  bn  miss-averaged  temperatures, 
is  well  represented;  This  i s "  shown  in  the  upper ;’part  of  Figure  lOi  the  two  , experimental 
points  represent  combustion  efficiency  obtained  from  exit  species  distributions' and  "from 
exit  total  .temperature,  . 

rhese  results.  Show  that  the  modular  model  approach  can  provide  good  overall  predic¬ 
tions  of  combustorperformance’ parameters  anda  substantial  level  of  detail  for  the  pro¬ 
cesses  Occurring 'within. the  combustor.  The  major  value  of  the  modular. approach,  however, 
is  not  the  prediction  of  combustor  performance,  but  the  use  of  the  .model  as  a  tool'to 
interpret ‘combustor  test  data.  In  the  next .section,  an  example  of  this  use  isoutlined; 
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FIGURE  10.  Comparison  of  Modular  Model  Prediction  With  Measured  Dump  Combustor 
Performance,  Liquid  Fuel  Injection.  Data  From  Ref.  13. 


4 .  APPLICATION  OF  MODULAR  MODELING  FOR  RAMJET  PERFORMANCE  DIAGNOSTICS 

One  of  the  most  important  determinants  of  liquid  fueled  ramjet  performance  is  the 
fuel  distribution  at  the  combustor  entrance.  For  the  sudden-expansion  liquid  fueled  ram¬ 
jet,  the  interaction  between  the  inlet  fuel  distribution  and  recirculatic.i  zone  state  is 
a  further  important  consideration.  A  variety  of  observations  have  shown  that  for  wall  in¬ 
jection  of  the  fuel;  the  recirculation  zone  equivalence  ratio  is  generally  more  fuel-rich 
than  the  overall  (global)  equivalence  ratio.  This  is  demonstrated  by  the  data  of  Schmoto- 
locha  and  Economos  [10J ,  which  was  obtained  for  three  different  inlot  conditions  and  at 
two  different  locations  of  the  fuel  injection  orifices  upstream  of  the  dump  plane.  Indeed, 
the  measurements  described  in  Ref.  18  indicate  that  for  overall  equivalence  ratios  greater 
than  0.2,  the  equivalence  ratio  in  the  recirculation  region  is  always  greater  than  unity. 
These  data  are  shovm  in  Figure  11  in  which  the  results  of  a  modular  model  computation  at 
one  overall  equivalence  ratio  are  also  shown?  The  agreement  between  the  experimental  re¬ 
sults  and  the  computation  is  reasonably  good. 

In  the  experiments  described  in  Ref.  18  plain  orifice  fuel  injection  was  used.  For 
plain  orifices,  fuel  penetration  characteristics  are  reasonably  well  documented,  and  the 
empirical  penetration  correlation  used  in  the  model  is  based  on  data  fer  plain  orifices. 
However;  plain  orifices  are  not  widely  used  in  ramjet  design  because  of  their  poor  turn¬ 
down  characteristics  which  result  in. the  need  for  several  sets  of  orifices  to  obtain  a 
wide  ramjet  operating  range.  The  most  'coirraorily' used  fuel  injector  in  liquid  fuel  ramjet 
applications  is  the  poppet  injector ;  which  has  a  much  broader  turndown, range  than  does  a 
plain-orifice.  However,  penetration  characteristics  from  poppet  injectors  under  rar.jet 
operating  conditions  are  not  well  documented,  "indeed,  there  exists  one  investigation  of 
poppet  (and  other  nozzle)  penetration i  characteristics  under  ramjet  operating  conditions  in 
which  it  was  observed  that  the  penetration  from  poppets  is  essentially  .nil  [19].  While 
other  results  indicate  that  penetration  characteristics  similar  toorifice  injection 'can 
be  obtained  using -poppets,  it  remains  clear  . that  the  penetration  characteristics  of  pop¬ 
pets  are  not  as  well  Known  as  for  plain  orifices. 

At  one  operating  condition,  which  involves  a  relatively  high  inlet  temperature,  low 
ramjet  combustor  performance  was  observed  in  a  recent  test .program:  At  this  one  condition 
performance  was  considerably  lower  than  at.  other  test  ronditiohs.  Review. of  the  available 
results  suggested  that  fuel  distribution  effects  were  a [possible  cause,  ana  in  particular 
that  at  the  operating  condition  in  question. the’tuel  penetration  from  the .wall-mounted 
poppet  fuel  injectors -may  have  been  negligible^  To 'investigate  this  possibility,  and. to 
study  the  effects  of  fuel  distribution  on  combustioh  performance,  a  series  of' parametric 
modular  model  computations  was  carried  out. 
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FIGURE  11. 


OVERALL  EQUIVALENCE  RATIO.  <po 

Fuel  Concentration  in  Recirculation  Zone. 
Data  From  Ref.  18. 


In  the  modular  approach,  fuel  injection  is  modeled  using  an  empirical  correlation  for 
penetration  and  a  breakup  tine  correlation.  The  latter  correlation  defines  the  downstream 
pniition  at  which  the  penetration  is  computed;  from  this  point  the  fuel  spray  is  assumed 
to  vaporize  at  a  rate  given  by  a  bulk  spray  vaporization  correlation.  After  injection, 
the  fuel  is  assumed  to  reside  in  an  annular  region  at  the  position  specified  by  the  pene¬ 
tration  correlation,  and  spreading  of  this  annulus  is  computed  using  a  turbulent  mixing 
model.  For  the  conditions  of  interest  in- the  parametric  study,  vaporization  occurs  rap¬ 
idly,  so  that  the  parameter  to  be  varied  was  the  fuel  penetration  height.  Figure  12  shows 
the  predicted  recirculation  zone  equivalence  ratio  as  a  function  of  fuel  penetration 
height  obtained  from  the  parametric  study.  Of  particular  interest  is  the  result  for  near¬ 
zero  penetration  height,  l/r0  =  0.  Under  this  condition,  for  a  global  equivalence  ratio 
of  unity,  the  predicted  recirculation  zone  fuel/air  ratio  is  extremely  fuel-rich,  with 
$RZ  =  4.5.  This  high  value  of  equivalence  ratio  produces  a  substantially  cooler  recircu¬ 
lation  region  than  would  be  obtained  for  conditions  nearer  stoichic-  etric,  and  this  in 
turn  leads  to  reduced  flame  propagation  rates  and  lower  overall  combustion  efficiency  in 
the  combustor.  Evaluation  of  the  effect  of  the  rich  fuel/air  ratio  in  the  recirculation 
zone  on  overall  performance  is,  however,  complicated  by  difficulties  that  are  encountered 
in  modeling  chemical  kinetics  in  very  fuel-rich  regions. 


GLOBAL  EQUIVALENCE  RATIO,  <pa  1.0 
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FIGURE  12.  Recirculation  Zcne;  Equivalence  Ratio 
as  a.Function  of  penetration  Height, 

There  is -no  currently  ■available:. finite-rate  chemical  kinetics  model  which  can  provide 
adequate  results  for  complex  hydrocarbon-fuels  under  fuel-rich  conditions,  at  temperatures 
at  which  the  effects  of  dissociation  manifest  themselves.  The  modular  model  formulation 
used  for  the  computations  described  in -this -paper  includes  as  options  either  a  one-step 
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finite-rate  model  or  the  quasiglobal  kinetics  model.  In  the  former  case,  the  products  of 
,  i.  combustion  are  the  fully-reacted  species  HjO  and  CO2,  so  that  the  effects  of  dissociation 
7-7 'are -ignored,  and  the  overall  reaction  rate-is  underpredicted.  The  quasiglobal  model  used 
in  the  modular  formulation  is  valid  for  complex  hydrocarbon  fuels  and  includes  the  effects 
ef  dissociation,  but  is  not  appropriate  for' equivalence  ratios  much  above  stoichiometric. 
Other  models  have, been  proposed  for  fuel-rich  conditions,  such  as  the  four-step  model  of 
Dryer  and  Glassraan  [20] ,  butthis  model  ignores  dissociation  effects.  Thus  it  is  diffi¬ 
cult  to  obtain  reliable  estimates  for  the  chemical  kinetic  rates  that  pertain  in  combus¬ 
tors  in  which  significant  regions  of  the  flowfield- are  highly  fuel-rich.  This  difficulty 
is  reflected  in  the  performance  results  shown  in  Figure  13.  While  the  trend  of  combustion 
efficiency  as  a  function  of  fCel  penetration  distance  obtained  through  the  use  of  the  one- 
step  global  kinetics  model  Is  as  expected,  the  magnitude  of  the  overall  change  is  rela¬ 
tively  small  and  probably  incorrect.  The  reason  that  the  magnitude  of  these  results  can 
be  expected  to  be  incorrect  is  that  the  global  finite-rate  model  can  be  expected  to  sig¬ 
nificantly  overpredict  the  recirculation  zone  temperature  for  fuel-rich  conditions,  since 
the  only  effect  of  fuel-rich  operation  that  this  model  recognizes  is  a  dilution  of  the 
products  of  combustion  with  excess  fuel  for  $  »  1.  With  this  model,  the  reaction  rate 
is  linear  with  respect  to  fuel  concentration,  whereas  evidence  exists  that  for  fuel-rich 
conditions  reaction  rates  do  not  continue  to  increase  with  fuel  concentration,  and,  as 
noted  earlier,  dissociation  effects  are  also  ignored. 


FIGURE  13.  f 'eticted  overall  Ceebastioa  efficiency  as 
a  Function  of  Fuel  Tonetrati  in  :!aichfc. 

Nevertheless  these  res-Ut.v  indicate  that  for  the  c-r' '.vioos  considered,  low  values 
of  fuel  penetration  di3tan.ee  are  directly  coupled  to  rc  .'.-.•tlons  iu  overall  combustor  per¬ 
formance.  Since  further  devslcjcment  testing  usino  fuel  i,..’»ctJ.r-u  schemes  designed  to  in¬ 
crease  fuel  penetration  resulted  in  sianiCicar'  porfcir.  .ice  improvements,  it  can  be  con¬ 
sidered  that  the  trends  demonstra  by  this  modeller,  .-ifort  /» eve  been  experimentally 
verified. 


5.  CONCLUSIONS 

The  problems  encountered  in  the  development  of  advarced  ramjet  combustors^  which  in¬ 
clude  flame  stabilization,  flame  propagation,  and  spray  combustion. phenomena,  all  involve 
a  strong  coupling  between  fluid  mechanics  and  chemical  kinetics.  Because  of  this  strong 
coupling,  analytical  combustor  models  are  required  to  sort  out  the  various  mechanisms  that 
contribute  to  overall  performance:  The  ability  to  compute,  in  some  detail,  combustion 
chamber  flowfields  is  necessary  in  order  to  understand  the  phenomena  that  occur  in  exist¬ 
ing  combustors  and  to  estimate  the  performance  characteristics  of  new  combustor  concepts. 

In  response  to  the  needs  just  outlined,  a  detailed  modal  of  the  suddenrexpansion 
liquid-fueled  ramjet  combustor  has  been  developed.  This  model  makes  use  of  the  modular 
concept,  in  which  the  overall  combustor  flowfield  is  broken  down  into  a  number  of  regions, 
each  of  which  is  analyzed  in  detail  using  a  technique  suitable  for  the  specific  part  of 
the  flowfield.  These  analytical  subelesents,  or  modules ,  are  then  coupled  together  itera¬ 
tively,  through  their  boundary  conditions';  The  examples  given  in  this  paper  have  shown 
that_thls_approach  can  yield  good  agreement  with  experimental  data  for  a  variety  of  con¬ 
figurations,  -and  that- the  model  provides  a  useful'  tool  for  the  analysis  and  interpretation 
of -ramjetccnbustortest  data,  as.well  as  a  technique -useful  for  scaling  and  for  thepara- 
ootne.  analysis- of  ramjet  design  ^features.  ; 


Because  the*  modular  nxxioi  depends  on  the  existence  of  sufficient- experimental  data- 
to  provide  a  means  ofestablishing.thevalueaof  its  adjustable  parameters,  it  is  not  an 
analytical  method  that  can  be  relied  upon  in  the  total  absence  of  experimental  data. 
However,  it  has. been  shown  by  the*examples  in  this  paper  that  the  experimental  data  re¬ 
quired  to  adjust  the  coefficients  in  thetmodeling  is  both  minimal'  and  easily  obtained: 

For  the  axisymmetric  sudden-expansion  configuration  wall  static  pressure  distributions 
provide  a  suitable  comparison.  Moreover,  for  the  complex  interactions  involved  in  a  ram- 
burner  flowfield  no; currently  existing  analytical  model  can  be  considered  to  be  truly 
predictive.  For  example,  the  accurate  prediction  of  the  recirculation  zone  length  in  a 
sudden-expansion  configuration  is  a  well-known  problem  in  the  application  of  elliptic 
solution  techniques.  In  the  modular  approach,  this  length  is  specified  as  part  of  the 
model  definition,  using  empirical  relations  that  have  been  verified  for  a  variety  of  dif¬ 
ferent  configurations  and  flow  conditions.  The  nodular  approach  can  also  easily  incorpo¬ 
rate  considerably  more  detail  than  is  feasible  with  current  elliptic  solution  techniques, 
particularly  with  respect  to  finite-rate  chemical  kinetics  and  heterogeneous  transport 
processes.  The  method  outlined  in  this  paper  thus  provides  a  powerful  technique  for  the 
analysis  of  raraburner  combustion  processes. 
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DISCUSSION 


L-GIasspoole 

How  long  do  your  computer  calculations  take? 

Author's  Kcply 

‘™c,drCI!e"[!s  prim2rii>' on  the  complexity  of  the  chemistry  model  used  in  the  computation. 
rnr-Ynn1  slobal  finite-rate  model  is  used,  a  complete  combustor  computation  requires  4-5  minutes  on  a 

kin«i«  modelTuS “?  V<*  IyP!“lly  five  iterations  of  the  enroll  procedure.  When  the  quasi-global  detailed 
kinetics  model  is  used,  typical  computation  times  are  of  the  order  of  15  minutes  on  a  CDC  7600 


Entropy  of  i'th  species,  and  of  mixture. 

Source  term  for  solution  variable  $  . 

Teioperature. 

Axial  component  of  velocity. 

Radial  component  of  velocity. 

Transverse  component  of  veloclty- 
ftate  of  mass  production  of  i*th  species. 

Axial  coordinate. 

Number  of  molecules  of  species  i  taking  part  in  one  unit  of  the  j '  th 
reaction,  as  reactants  and  products,  respectively. 

increment  in  grid  coordinates  x,  r,  9. 

Turbulent  energy  dissipation  rate. 

Transverse  coordinate. 

Effective  eddy  viscosity. 

Hass  density. 

Turbulent  exchange  coefficients  for  enthalpy,  turbulent  kinetic  energy, 
species,  turbulent  energy  dissipation  rate,  and  f  ,  respectively. 

General  flow  property. 

Effective  viscous  dissipation  rate. 


Value  at  inlet  pert  or  primary  nozzle  exit. 


Value  at  centreline. 

Approximate  value  of  flow  variable  (p,  p,  u,  v,  w)  before  correcting  for 
overall  mass  continuity. 


INTRODUCTION 

The  successful  design  of  an  ai r-augaented  rocket  vehicle  encompasses  a  nusber  of  complex  problems. 

The  one  which  Is  addressed  here  is  that  of  assessing  the  performance  of  the  secondary  combustion  chamber. 
The  design  and  realistic  testing  of  such  a  unit  say  be  expected  to  be  a  difficult,  tine- coos using  and 
expensive  exercise.  Involving  as  It  does  the  prevision  of  flight  test  or  flight  simulation  facilities. 

Such  a  programme  of  work  was  considerably  bey  and  the  limit  of  current  funding.  Instead  a  modest  theo¬ 
retical  investigation  was  initiated,  aimed  at  gaining  Insight  into  the  problems  of  combustor  ignition  and 
pensitting  trends  in  coc&ustor  behaviour  to  be  established.  It  was  decided  that  the  investigation  would 
proceed  on  two  fronts.  Firstly,  use  was  to  be  made  of  existing  expertise  and  techniques  to  develop  a 
computer  code  to  calculate  axisymetric,  non-recirculatory,  ducted  flow.  This  computer  code  was  to  be  an 
extension  of  the  capabilities  of  existing  free- flow  computation  techniques,  the  hope  being  that  significant 
progress  could  be  attained  for  a  comparatively  small  expenditure  of  effort.  Secondly,  and  with  a  longer 
time-scale,  work  was  to  be  Initiated  on  a  computer  code  designed  to  calculate  three-dimensional  ducted 
flow,  with  due  allowance  for  flew  asymmetry  and  recirculation.  The  latter  eephasis  is  necessary  to  enable 
the  effects  of,  e.g.  flight  angle-of-attack  and  Inlet  geometry  to  be  accounted  for.  This  paper  reports 
progress  on  these  topics. 

NUMERICAL  HODELLiMS  OF  FLOWS 

In  carrying  out  a  iwinly  theoretical  study  of  flows  with  combustion  the  overall  flow  behaviour  tsay  be 
ascertained  by  examining  the  behaviour  of  such  features  as  the  values  of  velocity,  pressure,  temperature 
and  chemical  composition  at  points  throughout  the  flow.  In  addition  the  way  in  which  the  (steady  state) 
flow  develops  as  it  passes  through  the  flew  region  is  influenced  by  t».e  processes  of  aixing,  so  that  the 
turbulent  characteristics  of  the  flow  must  also  be  considered.  The  behaviour  of  properties  such  as  these 
may  be  described  by  a  set  of  simultaneous  partial  differential  equations,  together  with  additional  rela¬ 
tions  for  the  state  variables,  further  expressions  for  the  rates  of  production  of  various  quantities  are 
required,  for  exa^le  the  production  of  chemical  species  say  be  determined  from  the  law  of  mass  action 
applied  to  a  suitably  chosen  chemical  scheme,  utilizing  appropriate  thermodynamic  and  reaction  rate  data. 
Formulation  of  the  flow  behaviour  in  this  way  permits  the  problem  to  he  cast  into  a  tractable  mathematical 
form.  Transformation  of  the  differential  equations  into  finite  difference  fores  makes  it  possible  to 
approximate  the  relationships  between  the- continuously  varying  flw  properties  by  discrete  values  defined 
at  a  finite  m^er  of  points  within  the  flow  region^  When  expressed  in  this  way  the  problem  is  ideally 
suited  to  efficient  solution  by  digitlal  compute r^  and  details  of  how  this  approach  has  been  followed  for 
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axtsyjssetrls  and  three-disensional  Flows  are  given  below.  Only  after  completion  of  this  process  mey 
practically  Interesting  quantities  (e.g.  thrust)  be  derived. 

«X|SVHH£TRIC  FLOW 
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A  siepie  goocnetry  was  assused  for  the  axisyenetric  flow  study  (Fig.  !).  The  air  streas  was  assumed 
to  be  parallel  and  uniform  at  the  duct  inlet,  while  the  pfisary  nozzle  wall  was  assirsd  to  taper  to 
Infinitesimal  thickness  at  Sts  lip,  thus  avoiding  problem  of  both  flow  ssytmetry  and  recirculation.  Wall 
boundary  layers  up stress  of  the  duct  inlet  plane  were  neglected.  The  firm  was  persisted  to  be  subsonic/ 
subsonic  iouter/inner  streams,  respectively),  subsonic/supersonlc  or  si^ersoni c/supersen ic»  but  the 
problems  of  calculating  choked  subsonic  flow  were  essentially  deferred  by  Halting  consideration  to  a 
parallel-sided  duct  for  this  initial  stage  of  the  Investigation. 


governing  equations 

The  equations  governing  the  flow  include  those  of  conservation  of  axial  moment us,  energy  and  chemical 
species,  written  in  familiar  boundary  layer  fore. 


(a)  conservation  of  axial  momentum, 
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lb)  conservation  of  total  enthalpy 
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{ C )  conservation  of  chemical  species, 
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Here  *  ,  r  are  the  axial  and  radial  co-ordinates,  respectively,  u  and  v  are  axial  and  radial  cocpo- 
neats,  respectively,  of  the  velocity,  a  is  the  density,  p  the  pressure,  H  the  total  enthalpy  and 
rj  ,  w.  are, respectively,  the  eass  fraction  and  rate  of  formation  of  the  i*th  chemical  species,  in 
addition  ejj  is  the  turbulent  exchange  coefficient  ratio  for  enthalpy,  the  turbulent  exchange 

coefficient  ratio  of  sass  for  species  i  ,  while  u  is  the  effective  :  eddy  viscosity,  k  is  the 

kinetic  energy  of  turbulence  {<*  J(u*2  +  v'*3  where  a*  ,  v*  are  turbulent  f iuctuatlons  of  the  velocity 
cceponents)  and  cc  the  turbulent  exchange  coefficient  ratio  for  k  .  The  lost  three  lens  ers  the 
right  of  equation  \2)  represent  differential  turbulent  diffusion  with  respect  to  total  enthalpy  of  cheaical 
species.  Clean  flow  kinetic  energy  and  turbulent  kinetic  energy,  respectively,  In  this  work  it  was  assured 
that  the  turbulent  exchange  coefficient  for  eass  {turbulent  Scheldt  nusber)  had  the  use  value  for  each 
chemical  species  and  that  this  was  the  saae  as  t.ne  value  of  the  turbulent  exchange  coefficient  for  enthalpy 
(turbulent  Prandtl  number; ,  i.e.  that  the  turbulent  lewis  number  was  unity. 

Radial  pressure  variations  in  the  float  fieid  uerc  accoanodated  by  way  of  an  approxioate  form  of  the 
radial  nooentua  equation. 
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and  consideration  of  local  continuity,  a;  outlined  In  Ref.  I,  together  with  a  global  continuity  statesent. 
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purdr  «  constant  , 


where  r.  is  the  duct  radius. 


The  tespsrature,  T  ,  and  the  total  enthalpy  are  related  via  the  equation 

H  *  h  ♦  juJ  +  k  , 

where  h  (=  h(Tl  1  is  the  mixture  enthalpy  per  unit  -.355,  given  by 
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The  Ijjca!  53s  ~-2?  tbtst  be  recovered  fro=  the  Idea  I  gas  equation  ef  state 

P  -  |pT  .  CSJ 

l.  H  is  define-  by  the  relation 


where  R  Is  the  universal  gas  constant  and  S  the  new  solecular  weigh: 
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where  H|  U  the  molecular  weight  of  the  1‘th  chsslca!  species. 

Turbulent  flow  modelling 

Closure  of  the  flow  equation  (1-3)  i*  achieved  by  writing  the  turbulent  eddy  viscosity  coefficient, 
V  ,  as  a  function  of  the  turbulent  kinetic  energy,  k  ,  and  the  eddy  energy  dissipation  rate,  c  ,  in 
the  fora 


(10) 


where  Cp  is  an  empirical  constant.  The  description  of  the  turbulent  behaviour  of  the  flow  Is  completed 
by  way  of  two  additional  transport  equations  for  k  and  t 
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»  equation  12  c  is  the  turbulent  exchange  coefficient  ratio  for  *  ,  visile  C,  and  t,  are  empiri¬ 
cal  constants.  Equations  10-12  caprise  one  of  several  we 11 -established  “tuo-equation"  turtoiesce  sodels 
(see,  e-g-  ter-  2).  this  version  being  chosen  since  it  has  been  successful!?  employed  in  Siallar  flou-s1. 


Tneraodvrssslcs  and  ehesical  reactlsns 


The  tnemosy.nanic  properties  of  the  floe  sre  ssisrtatef  by  defining  the  theroodynaaic  hthevlsor  of 
the  constituent  cheslcal  species  ar*d  evaluating  raeaa  fits*  properties  f«B  a  knouledge  of  das  local  efc**ical 
corposition.  ?or  each  chemical  species  die  tberaodyeaeie  quantities  enthalpy  h.  .  entropy  S.  ,  and 
Slobs  free  energy  S-  are  given  by 
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assert  the  specif lc  heats  arc  calculated  fnxz  the  slats  sf*f  polys^-ai 


4-. 


The  Gibbs  free  ^ergy  change 
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where  5,  :  y  ||  |  are  The  s^Idl^trlc  coe ft! cleats  is  the  reaction  f£#r?«2gi  ^ 
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The  net  reaction  rate  for  the  j‘th  reaction  Is  given  by  the  law  of  sass  action  as 

a?» d  the  rate  of  production  of  tbe  Pth  species  Is 
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ift  equal  I  ca  {1$)  the  reaction  rate  R.  is  gi*eo  la  ksole  sT^  s  If  the  rate  coefficients  * 

are  la  the  sl-aoIecule-seOTd  salts,  ^easity  Is  la  kg  aad  S  *  6.223  *  I022.  The  forward  rite 
coefficients  ray  be  written  ia  Arrhenius  fora: 
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end  the  equilibria^  relation 
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permits  the  Cictwjrd  rate  coefficient  to  he  evaluated. 

Bosadary  conditions 

Tie  flow  hssndary  eesditiens  are  readily  specified  at  the  dost  a*is  where.  httKtt  of  the  HIM 
sjeretry  of  tie  flow,  it  is  sufficient  to  etsre  that 
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where  #  represents  any  property  of  the  f!oi.  St  the  &ts  wall  the  seines  sf  the  ta^ssestt  of  velocity 
were  set  to  tets,  as  were  the  seises  of  Se  ant  e  .  The  ceharieor  of  these  ^ssstltles  «f  tfftttM 
valors  of  the  esiste  eddy  sis  cosily  coefficient  in  the  scar-wall  region  were  IcttmtM  or  ec  p»s*- 
dsres  of  tefs  3  and  4,  while  for  lecpereto.-e  itl  enthalpy  the  capetsr  prejrae  *«  etoipped  with  sae 
cptfsn  of  calculating  either  adiabatic  or  constant  heat  fist  aejiti^K.  1b  this  ianestipAins  she  tet 
ei!  was  also  ranifritf  to  he  htr.-pc.rocs  aN  csealcall*  isst!«t. 
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which  ^  radial  profile 
.rarity  dot  .,•  r'ti. 
t«h.»igiws  ere  asallaSle 
-f  M  at  t  screes  ^  te 


The  saletios  jraafere  is  a  well-established  sardsisg  Ispllelt  istetfratMO  1 
on  that  described  in  Sef.  3.  &pfttesjie  details  of  the  fici tt—dl f ?c.-i--r;r;  ai 
^^restfs  to  the  salsticn.  as  <eii  «  4  wealth  of  Slats  I'd  advice,  are  MaisM 
aplatitia  will  st  1%  given  here. 


anteKi  a»e  farther 


CsesideraSIe  '--voc rs ta-.d i r-g  cf.  and  she  wcrth=hiie  tvtt;iu;i«  infers** 
rochet  ctcfcritsrs  esn  le  octal Otd  Its  a  enrrside  ration  sf  cil.isietri;  tatM 
fissile,  constraints  on  the  site  era  shape  cf  the  ctrxvn ter  are  likely  to  N 
desist  *f  the  p.'-'polslsa  sit,  si  hc--.cc  It  is  tapassset  that  the  test  ass  Is 
It  Is  aslilsely  that  spaa  stilisnis  cm  5#  eptlslsed  w;  thnvt  enssftkr 


he  iMilq  tal 
!  Is  =n;e  sf  the  tpje 
i  ftirly  wide 


3U- 


t 


Smetelnq  waito 


in  cylindrical  psler  eootdl mtm  l*,r, t)  Ac  transport  of  a-y  scalar  quantity  *  can  be  cor 
'as  foilavS: 


itet  o  Is  &  sass  dessity.  {c,v,»)  are-  tbs  velocity  oosgsoseats;  a  is  the  isitola:  rissssitj 
f<  Is  rise  eschar ge  seffisiet  ratio  JPraadtl  atsS-trl  for  Se  gsaatlty  ;  .  fit  sswrct  tero  St 

fleet  ice  of  fe  field  variables  at;  Is  evalsated according  is  Table  1.  foe  ooatltftj  ibiri  satis 
eroi t 1 cr.  Hi)  are  velocity  s^etsts  (u,v,v) ,  t'c  terbgiesce  kinetic  eatfp  fc  .  tee  tsreatr 
energy  dissipation  rate  s  ,  rise  total  eatealpy  ■  ,  sod  rise  species  eess  fraotlaas  rt,  !-! .. .1 
rifciest  viscosity  Is  glees  by  e;-a:Hr.  is,  line  toe  state  strWIts  of  pressare  ;  I  density 
tospesatsre  T  #'t  iieeieei  froo  aqortics  7,  B  at  toe  ssstisolty  equation 


7fr<* 


Syjaaerr  const  tlc-E* 

*  Ssifta  §  •  9  0  w  . 

wits  the  of  s^sctf?  »:st  this  *e  lw 


I# 


2 


t'mtrzUse  r  *i  . 

©^rii«ia  sia$s!»r.  w  ^liJcas 


ri^,  ^  toafa  is  si^Hicist  “¥  *i  Shit  iM 
5?f  P?wl5ed  »  ^  Jr. 


,  CSS  ^ 

9  - 4  ( %  >_  •  •«  •  *»  -  *f0 «■  ]«'i2  • 

*  '»*! 


M’ 

*r 


- 1 

•(*»,  , 

»« 

»  1 

,  n 

5‘ 

»* 

refers  to  toe 

Is  thfc  tms  rs 


Solution  gf&cedsre 

is  vlOf  of  am  ag 
?3*22#  adopt  ^  iimrz 
The  sethod  H  briefly  m 

0  Mi Ui  i&itlii 

«fess  kj  slscmiili 
satrl*  e^t!^,  1 

such  as  ts^e 
ssfficiet.  Ibis  c 
es tinted  i 

2}  fee  net;  | 

that  ^ 


iiti  ^^f.ia^S4jnTtiJiK|2?«a,.?,?fll!!*1S  Si  25*  "d  re!il!o«  6-3». 

taarlsed  as  follow.  =»-»»—■».  s.oilar  to  that  described  is  fef.  i, 

^S5  ^  flels  variables,  ecuatlc^i  2%  ^  ^  *  #  »  , 

SRie  equation  asd  boundary  eSl*l*  «3  ^i,#?  fc_*  *y***w>  *a  This  Is 

t  Is  not  necessary  to  ■  ‘  '  a?d  *»*  resulting  septa-diagonal 

sati^  directlSt%j>11eaUons  of  the  ^  f  *»«**»«  retted 

“  te  w,w  If^cassarT  U.  -TEST ,£%"*  If' Pr**'y 

ad  pressure  fiel<fs  -*  »t  „„  .  —  "t®5  cere-ned  is,  bonevcr,  tasea  os  Bse 

*,e-=*  a*  •  P*  ,  say,  aad  «  srite  £r.  solutions  4;  {sst  yt  m4j 


m.  ».-si*  teuatioa  25  so  w  introd-e  tfce  esrrectlon  :er-s  *5  , 


,  ia  M 


equation  3  Is  ae  ssd  to  tlMujtf  *  ^_,j„  -,  , .  , 

u  wbstltered  freaepatica  3»,  Is  lintaristd^Uh  ”T  f~  ^  *?*  r"'U,‘!3  te«ticn,  >iih  p  and 
retting  t=  “,3  respest  3  #  el  a  ,  it  ,s  possible,  by 

—  *  -  *  os-ad  ?*a» 

(dTag)  '  '  ti« 

^*re  i-«ar)  is  the  .«  . 

of  equation  »  fa-  Ip  .  Tbe  bindery'  e^dItieT”!*  *,B*li“*  *®  €bx*i*  “  option  of  tfce  fora 

W***  •  e  -  i«, 


s  &zd,  **d  t&ai  prtsssre,  draity  *sd  velocity  He!& 


Updated. 


31  ^  k  -  '  i=  rare,  «dti*  eddy  yiscosity  B  is  recaire 

sf?rifaS  It.  '*  “1“Ulri*  ff5S  uMeis  **  5*re«re-„-e  l*  e*tre«*d.  by  neat*  ef  entires 
3>  £^*  trestles*  F  are  solres  for  *** _ _  -  , 

°  -  ^  r«  - — •«—  -w* — .  Jss^2z££rzsr 


Z’*-'  ‘ 


“  Thc  tetoeratsre  Is  rec*l  coated  as  before,  cd  .*» 

<t5»%iS5 

r#  Tae  above  I* 


■lor  I*l*t  Is  ereioated  oy  seats  ef 


!li-  a  ri*  centres 


s 


10S 


t 


The  second  example  is  again  a  wholly  supersonic  flow,  but  of  a  sore  representative  scale  and  with  a 
realistic  prisary  flow  composition.  The  outer  flow  is  assuaed  to  be  an  undiffosed  Mach  4  airstreaa. 
Details  of  the  input  conditions  are  given  in  Table  4:  turbulence  model  constants  are  again  as  listed  in 
Table  3.  Two  calculations  were  made  with  this  flow  geoaetry,  with  and  without  eheaical  reaction,  to 
illustrate  the  effect  of  combustion  of  the  flow.  The  reaction  gechanisa  used  for  the  reacting  case  is 
shown  in  Table  5,  values  of  the  rate  coefficients  being  taken  froo  Ref.  7  (tbensadynMic  data  in  all  cases 
considered  here  were  derived  fros-fte  JAhftF  Thersochesieal  Tables,  Ref.  8.5.  The  results  of  these  calcu¬ 
lations  are  shown 'as  Isoaetric  dlagrass  of  pressure  (Figs  5  and  8  for  the  reacting  and  inert  flows 
respectively)  and  temperature  (Figs  6  and  3).  The  shock  pattern  apparent  in  the  pressure  diagrams  is 
illustrated  sdieeatieally  in  pis;  form  in  Fig.  7-  Cosparison  of  the  temperature  Fields,  with  and  without 
react*®!,  shows  that  ignition  of  the  flow  in  this  ease  occurs  downstreaa  of  the  intersection  of  the  outer 
shock  after  reflection  frees  the  duet  wall. 

COSCLUblKB  REMARKS 

Considerable  progress  has  been  sads  towards  the  capability  to  calculate  ducted  rocket  flows,  as  the 
illustrative  examples  testify.  However,  this  success  is  as  yet  United  to  flows  with  axial  syasetry, 
which  do  not  undergo  choking,  and,  moreover,  has  not  been  achieved  without  difficulty.  Early  stages  in 
the  Investigation  were  marked  by  problems  of  stability  of  the  calculation  procedure,  associated  particu¬ 
larly  with  the  prediction  of  pressure.  These  difficulties  have  not  been  entirely  eradicated  and  further 
investigation  will  be  necessary.  Flows  which  undergo  choking,  either  physically  or  because  of  thermal 
effects,  present  a  special  problem  for  the  axi symmetric  flow  program.  The  northing  integration  technique 
is  intrinsically  unsuited  to  the  analysis  of  such  flows,  in  which  conditions  at  a  downstreaa  station 
control  the  upstreams  flow,  unless  some  fore  of  iterative  adjustment  of,  e.g.,  the  initial  sass  flow  can  be 
carried  out  (as  is  done  for  example  in  nozzle  flow  calculations,  see  Ref.  5).  This  aspect  of  the  problem 
will  require  further  work. 

As  far  as  the  three-dimensional  analysis  is  concerned,  a  major  factor  iikeiy  to  influence  the  effect¬ 
iveness  of  such  a  treatment  applied  to  the  secondary  combustion  chamber  flow  is  the  computational  effort 
required.  Since  the  treatment  is  not  only  ever  a  three-dimensional  field  but  also  iterative  by  nature  (to 
account  for  flow  recirculation  for  example)  not  only  will  the  required  computer  storage  be  large,  the  many 
grid  points  Involved  also  imply  a  larger  number  of  individual  computations  per  iteration,  resulting  in  a 
computing  task  of  considerable  magnitude.  Emphasis  has  to  date  been  aimed  at  assembling  a  technique  which 
provides  physically  realistic  answers:  future  work  wilt  need  to  concentrate  on  computing  efficiency  while 
maintaining  physical  realisms  if  this  approach  is  to  be  practically  useful. 

Finally,  both  the  axisymsetric  and  the  three-dimensional  treatments  are  theoretical,  with  United 
input  of  data  from  ret  I  devices.  If  this  type  of  approach  is  to  he  of  practical  use  in  either  a  design 
or  assessment  context  it  will  need  to  be  carefully  tested  and  proven  against  suitably  designed  experiments 
before  its  reliability  can  be  assumed. 
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Radius,  m 
Velocity,  ms'1 
Pressure,  Nm"2 
Temperature,  K 


TABLE  2 

Input  conditions  for  example  1 

Primary  nozzle 

1.0  x  10'3 
5012 

5.066  x  10s 
1100 


Chemical  species  concentrations  (mole  fraction) 


Al r  stream 

3.76  x  |o'3 
2548 

2.533  «  105 
1500 


0.7856 

0.0 

3.27  x  lo"*1 
6.95  x  I0'3 
0.2071 


TABLE  3 

Turbulence  model  constants 


table  A 

ist 

)ut  conditions  for  example  2 

Primary  nozzle 

Air  stream 

Radius,  m 

0.01 

0.0376 

Velocity,  ms'1 

2500 

1400 

Pressure.  Nm'2 

5.066  x  io3 

1.013  x  105 

Temperature,  K 

1500 

300 

species  concentrations  (mole  fraction) 

n2 

0.1083 

0.7856 

H2 

0.1904 

0.0 

CO 

*.4385 

0.0 

co? 

0.0893 

3.27  x  io'11 

H20 

0.1734 

6.95  x  10'3 

°2 

1.322  x  io‘3 

0.2071 

H 

1.013  x  lo"*1 

0.0 

OH 

1.014  x  IQ-3 

0.0 

0 

5.710  x  10'n 

0.0 

H02 

1.000  X  10"3 

0.0 

FABLE  S 

Chemical  reaction  schgf*. 


Reaction 

Forward  rate  coefficient* 

0+0+M-02fH 

3  x  10  34  exp(900/X) 

0  +  H+  M*OH+M 

1  x  10-29  T-1 

h  +  h+  h-h2+h 

3  x  lo"30  T_I 

h  +  oh+m  =  h2o+m 

1  x  io"2S  t-2 

CO  +  0  ♦  M  »  CO,  ♦  M 

7  *  10~3j  exp (-2200 /T) 

OH  +  H2  -  1^0  +  H 

1.9  x  10  15  x1,3  exp(-182VX) 

0  *  H,  =  OH  +  a 

3  x  10  14  x  exp(-v.80/T) 

■1  ♦  02  -  OH  +  0 

2.4  x  lo  10  exp(-8250/T) 

CO  +  OH  =  C02  *  H 

2.8  x  10  17  x1,3  exp(330/X) 

°H  *  OH  «  »20  +  0 

1  x  10  11  exp(-550/I) 

co  ♦  o2  -  co2  +  0 

4.2  x  10  12  exp(-24ooo/T) 

h  +  o2  +  m»eo2+m 

2  x  10  32  exp (500/x) 

H  +  H02  -  OH  +  OH 

4  *  10  10  exp(-950/T) 

H  +  H02  .  h2  +  o2 

4  *  10"U  exp(-350/T/ 

h2  +  H02  =■  H,20  +  OH 

—12 

3  *  10  exp(-9400/X> 

CO  ♦  ho2  -  ce2  +  OH 

n  a  un  -  mi  „ 

2.5  x  10  10  exp (-11900 ,'x) 

U  +  a07.  OH  +  02 

8  x  10  11  exp (-500 /X) 

OH  +  H02  -  02  +  H20 

5  x  io*u 

(e)  rate  coefficients  in  molecule-mWecoad  units 


topyi-:ght-®£ontrotler  H«0,  London,  1981 


Fig.  1  Ax i symmetric  flow  geometry 


configuration,  computation  grid  and  streamlines 


Fig, 7  Diagram  illustrating  plan  of  shock  pattern 
for  example  case 


Fig.9  IsoiRsfTir  diagrams  of  temperoturs  field  -  example  cose 
without  eheraicoi  reactions 
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COJfBCSTOS  HODELLIJiC  STUDIES  FOE  EAKJEfS 


*■,  A.F.  Schiader  aed  J.  84fecs 
-t2t  of  Xecbaaical  EogiseUrisg 
Uaiversite  La?2l 
Quebec,  CANADA *  Cl*  7?4 


3H 


ABSTRACT 


Using  prefixed  propane-air  vitfcls  a  baffle-stabilised,  ceranXc-iSnei  cosbuscor, 
detailed  seassrexest^  sere  zaie  of  she  gas  conposiiios  at  several  stations  downstream  of 
list  recirculation  rone.  Toe  test  rig  was  operated  at  atmospheric  conditions  over  a  rang* 
of  equivalence  ratios  from  #  *  0,70  to  1,82*  The  test  results  were  tees  analysed  and  a 
s isple  three-equation  oodel  was  developed  to  describe  tie  competition  and  temperature 
profiles- 

Further  tests  vers  them  made  to  verify  the  model,  some  of  which  were  wish  stems  isjec- 
tics.  The  model  vat  found  to  be  satisfactory  for  sit  conditions  examined. 


S0HESCIA7C52 


A 


Collision  frequency  factor 


CL/meX>°“tys 


fC2Bg,  fCG*, 
fCO,  £ES, 

i%:t  o 

d/dr 


s 

? 

It 


Holer  fractions 
Tine  derivative 

Activation  energy  eai/g  sol 

Order  of  reaction 

Pressure  ats 

Universal  gas  constant 
for  use  with 

F/3T  S  *  0,05206  atm  L/C aol  K) 
-E/ST  E  -  1,986  cal/ (col  K) 


T  Temperature  £ 

X  Distance  iron  primary  baffle  to 

act  point  down* tr can  n 

a  Partial  order  of  reaction 

c  Partial  order  of  reaction 

0  Equivalence  ratio 

Subscripts 

1  Sefers  to  reaction  rate  -TdfCiSg/dt 

2  Sefers  to  reaction  rate  dfCC2/dt 

3  Eefers  to  reaction  rate  dfH20/df 


1.  ISTR3SUCTXGS 

la  its  broadest  sense  a  rau-jet  combustor  nay  be  likened  to  as  uscnoled  version  of  a 
gas  turbine  primary  son#  operating  at  a  son* what  higher  velocity.  Thus  it  would  seen  pos¬ 
sible  that  a  suitable  hydrocarbon  combustion  node!  developed  for  the  one,  would  be  appli¬ 
cable  to  the  other. 

This  present  work  describes  such  a  model.  In  order  to  minimise  nixing  effects,  a 
prefixed*  prevaporised  propane-sir  system  was  used  and  the  analysis  vas  restricted  to  points 
dovsstrean  of  the  combustor  recirculation  rone.  To  minimise  heat  losses,  the  eattre  cos¬ 
hes  tor  was  ceramic  lined  and  the  recirculation  zone  was  defined  bv  the  space  between  a 
primary  baffle  (601  blockage)  end  a  devsstreas  secondary  baffle  (201  blockage). 

The  ose  of  a  baffled  recirculation  rone  and  the  absence  of  both  fils  cooling  and  dilu¬ 
tion  air  resembles,  in  general,  the  character  of  a  ram-jet.  On  the  other  bass,  the  system 
might  be  said  to  be  representative  of  at  isolated  primary  rone  of  a  gap-turbine  conbastor. 

Because  of  its  pro-mixed  nature  it  say  sot  be  unreasonable  to  presume  that  the  system 
is  reaction  rate  controlled  -  a  fact  to  a  large  degree  substantiated  by  the  uniformity  of 
gas  analysis  noted  is  the  subsequent  experiments.  Both  temperature  and  species  measurements 
were  derived  from  gas  analyses  carried  oat  at  a  series  of  planes  downstream  from  the  combus¬ 
tor.  These  values  were  then  used  to  derive  the  simple  combustion  model  which  was  later 
substantiated  by  additional  testa,  both  with  and  without,  steam  injection. 

2  TEST  BIS  ASP  IMSTTOOTWIOg 


The  test  rig  is  very  similar  to  that  described  in  detail  is  III*  smi  ,2).  A  schematic 
is  given  in  Fig.  1.  Separately  metered  air  and  fuel  are  premised  upstream  of  the  inlet 
baffle  to  the  combustor.  The  fuel  injector  was  a  simple  cylindrical  distributor,  0,76  e 
upstream  of  the  combustor  baffle,  fitted  with  injection  holes  normal  to  the  air  stream 
02  boles  of  1,3  sc  diameter).  At  all  condition*  great  care  was  taken  to  ensure  that  the 
propane  was  injected  in  the  gaseous  phase  thereby  obviating  the  seed  for  any  evaporation 
tine. 


To  ascertain  the  degree  of  pre-six,  carbon  dioxide  (selected  because  of  it*  density 
similarity  to  pro pane)  mis  injected  into  the  air  stream  and  the  mixture  strength  was  deter¬ 
mined  by  sampling  at  numerous  points  (30)  at  the  csmVsstor  inlet  in  the  plane  of  the  prima¬ 
ry  baffle-  Theee  results  indicated  that  no  single  value  differed  from  more  than  i2» It  it on 
tilt  alas  value,  This  was  considered  satisfactory. 


*  Members  in  (J  are  listed  in  the  table  of  Severances- 
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TEST  RIG 

31-SL, 


section  "a-A" 


FIG.1 


The  ccsbustor  itself  vas  a  SO*  sector  of  an  annular  chaaber  (hydraulic  dfan,  «  0,127  a) 
being  totally  lined  with  ceranlc  and  having  a  recirculation  none  stabilised  with  both  a  pri¬ 
mary  and  secondary  baffle.  DOvnstreas  of  the  recirculation  rone  was  another  refractory- 
lined  sector  containing  the  sanpling  ports  which  were  situated  at  distances  of  129  ss, 

163  S3,  214  an,  262  sa  and  379  as  froo  the  prlsary  baffle.  Air  velocities  were  selected  so 
as  to  give  residence  rises  cossensurate  with  those  which  obtain  within  ran- jet  and  gas- 
tnrbine  coebustors  (i.e.  2-8  ss). 


The  exparineots  covered  the  following  range  of  inlet  variables  - 


a 

*f 


inlet  tenperatnre 
inlet  pressure: 
air  335 s  flow: 
fuel  =ass  flow 


:  asblent  (recorded) 
aebient  (recorded) 
0,18  -  0,30  kg/s 
0,01  -  0,02  kg/s 


equivalence  ratio 
'cold'  residence  tine 
’hot"  residence  rise 
*  cold*  gas  velocities 


0,697  -  1,32 
18-30  ss 

5,35-8,39  ss 

12,6-21  s/s 


The  cold  residence  tines  were  calculated  at  inlet  conditions  based  epon  the  diaseter 
and  seen  velocity  within  the  recirculation  zone.  Sot  residence  tines  were  based  upon  the 
nean  velocities  obtained  at  the  inlet  and  any  of  tbe  various  planes  of  seasnresest. 


Cas  analyses  were  withdrawn  fron  one  or  other  of  the  five  planes  sectioned  above. 

Three  sasplers  were  used  in  any  one  plane  and  each  sanpler  was  fitted  with  3  saspliug  ports- 
Ail  tbe  sasples  vare  cosbined  prior  to  analysis  to  give  a  representative  aean  analysis  for 
any  given  plane.  Tbe  occasional  independent  check  substantiated  the  validity  of  this  tech¬ 
nique.  The  samplers  were  vater  cooled,  (the  ooclet  tesperature  fron  tbe  sanpler  was  still 
sufficiently  high  to  prevent  water  condensation,  Tontlet  *  100*C)  and  tbe  lisa  iron  the  sas¬ 
plers  was  steas-traced  up  to  the  entry  to  tbe  gas  analysis  apparatus.  This  latter  vas  a 
double  instrusent,  prepared  for  rapid  gas  chronatogrspby.  Peterainatioos  were  sade  of 
C3HS(FID),  CO,,  20,  82,  Oj  i  5».  As  s  cheek  on  tbe  accuracy  of  the  sanple,  eynparlsec  was 
node  of  the  derived  value  of  equivalence  ratio  and  that  based  on  tbe  air  and  fuel  neterisg. 
The  saxisun  difference  between  the  tvo  values  for  any  test  vas  32  which  is  well  within  the 
carnally  accepted  value  of  ±5,01. 


Seat  leases  fros  the  systen  were  assessed  by  seassreseut  of  the  tenperature  of  the 
outer  netal  liner  supporting  the  cerasic.  In  no  case  did  the  heat  loss  exceed  0.621.  This 
was  considered  to  be  sufficiently  low  so  as  net  to  nerit  correction. 

.  S0s  neasurenents  are  not  inclcued.  The  7 fv  aeasureoents  which  were  sade  showed  then  to 
b-  in  substantial  agreesent  *. itfa  the  enpirlcal  predictions  of  bipfert  [3]  and  Eretscbsar  et 
{4}.  S0X  was  deiiberataly  net  considered  for  the  sodel  since  (a)  the  intention  was  to 
keep  the  ’cosbustlsn*  as  sisplw  as  possible  and  (b)  predictions  using  the  aspirical  tech¬ 
niques  of  ]3]  and  Jl]  appear  to  be  quite  satisfactory  for  KOi  detemlnaelon  at  the  exhaust. 

3.  DESCRIPTION  OF  TBE  HOBEL 


The  present  tread  in  noddling  hydrocarbon  coabostion  Is  to  asa  a  salti-kinetic  sebese 
involving  cue, roue  reactions,  however,  such  scheees  usually  assure  tbat  tbe.  first  phase  of 
the  ecvbaitiph  process  is  the  breakdown  of  the  hydrocarbon  into  carbon  senosida  and  hydro¬ 
gen,  or  alternatively,  to  carbon  nonoxide  and  water.  The  first  stage  (i.e.  hydrocarbon 
breakdown)  is  assnsed  eo  be  either  Infinitely  fast  or  dependent  upon  as  aspirical  (aapariats- 
tally)  detersised  rate  step  assesiag  a  single  reaction  (an  assuaptlon  which  is  totally  at 
variance  wish  theory  and  justified  only  be  expedience).  Saving  attained  the  and  of  this 


t 


first  stage*  a  multi-step  reaction  is  assumed  for  the  combustion  of  the  carbon  monoxide  and, 
if  necessary,  hydrogen.  Equations  are  generally  included  to  enable  the  formation  of  NO*  to 
be  calculated.  Typical  examples  Are  given  in  [5- to  12].  Jl  possible  exception  to  the 
assumption  of  the  hydrocarbon  breakdown  mechanism  la  methane' which  could  be  treated  as  a 
multi-reaction  scheme  involving  the  initial  breakdown.  An  alternative  to  the  above  complex 
modelling  is  the  simple, ^convenient,  one-step  reaction  mechanism  (so-called  global  reaction) 
as  portrayed  by  several  workers  [13  to  16].  One  justifiable  objection  to  this  simple  ap¬ 
proach  is  chat  ft  does  not  enable  the  pollutants  to  be  separately  assessed  (i.e.  CO  and 
bBHC) . 


The  prefer. t  model  represents  a  compromise  between  these  two  types.  The  reaction  is 
represented  is  v  three  step  mechanism  using  propane  as  fuel  - 

(1) 
(2) 
(3) 


C3H8  +  1»J  o2 

3  CO  +  1,5  02 

4  H2  +  2  02 


3  CO  +  4  H2 

3  C02 

4  H20 


C3H8  +  5  02 


3  C02  +  4  8 20 


<l)+<2)+(3) 


This  mechanism  includes  a  limited  oxidation  rate  of  the  fuel,  since  it  is  active 
throughout  the  flame,  and  is  represented  by  the  following  three  rate  equations: 

-dfC3H8/dr  -  A|(P/RT)n»_1.  fC3H8nl-al.  f02al  e"El/RT  (A) 

dfC02/dT  -  A2(P/RT)U2-i  .  fC0n2-(“2+E2)  .  f02“2  .-fH20£2  e‘E2/RT  (5) 

d£H20/dt  -  A3iP/RT)n3-1  .  fH2n3-“3  .  £02“3  e_E3/RT  (6) 

The  second  equation  was  proposed  by  Hottei  [17j  to  describe  his  results  for  a  stirred 
reactor* 


The  results  from  the  present  series  of  experiments  were  employed  to  determine  values  of 
the  various  constant-*  for  F.qns.  (4)  to  (6).  If  the  three  equations  are  valid,  then  at  any 
plane  within  the  combustor,  it  should  be  possible  to  specify  the  amounts  of  0383,  C02 ,  CO, 

H2 ,  02,  H20,  and  N2, 


In  order  to  derive  the  values  of  the  various  parameters,  test  results  were  selected 
that  had  a  common  equivalence  ratio  (0)  within  a  narrow  margin  of  fluctuation.  Four  groups 
of  these  results  have  been  formed  on  the  lean  side  and  three  on  the  rich,  with  the  Tollowing 
mean  0  values  (Table  I).  The  results  ir  these  groups  are  mean  values  for  a  range  of  tests  in 
which  0  varied  very  slightly  (±0,01). 


Table.  I 

Mean  0  Values  of^Experimenta.  Results 
’  Whicli  Were  Used  for  Mod *L 


0  S  1 

0  ->  1 

0,701 

1,09 

0,855 

1,21 

0,914 

1,32 

0,987 

from  the  equation  representing  T  vs.  \ . 


To  facilitate  the  computation  of  the  para¬ 
meters,  the  gas  constituents  appearing  in  the 
three  rate  equations  have  been  expressed  as  func- 
tiens  of  temperature  by  a  best-fit  equation  for 
each  0  of  table  I.  The  same  method  w«js  also  used 
to  represent  the  experimental  values  of  the  rates, 
but  adding  on*  more  step  of  calculation.  For 
example,  th*  *ate  of  C02 ,  i.e.  dfC02/-t,  is  ob¬ 
tained  by  forming  the  derivative  dfC02/dT  from 
the  equation  representing  CC2  vs.  T,  and  then 
multiplying  it  with  the  derivative  dT/r  obtained 
This  gives  then  the  following  rates: 


dfC02/dT  -  d£C02/dt 

dl/dT 

(7) 

dfC3H8/dt  ■  df53H8/dT 

dT/dt 

(8) 

df  H20/ dr  =■  d£Hz0/d7 

dT/ dr 

(0) 

The  derivative  dT/dt  is  common  to  all  three  of  *  .ove  equations.  Tnus  the  rates, 

molar  fractions,  temperature  and  pressure  in  equatl  ),  (5)  and  (6)  were  known  from  the 

experimental  results*  The  values  of  the  parameters  .ese  equations  were  then  obtained 

by  Isolating  one  parameter  on  the  left  side  of  one  oi  tnese  equations,  and  taking  for  the 
remaining  parameters  on  the  other  side,  values  given  in  the  -literature  for  the  first  trial 
(17  to  20]*  These  are  given  in  Table  II.  The%  the  isolated  paraaeter  with  its  calculated 
value  ras  shifted  to  the  right  aide  of  the  equation  and  another  paraaeter  was  transferred  to 
the  left.  This  cyclic  procedure  was  repeated  for  all  parameters  until  the  rates  expressed 
by  the  equations  (4),  (5)  and  (6)  matched  the  values  derived  from  the  experimental  results. 


Since  the  variables  (rate,  molar  fractions,  pressure  and  temperature  in  equations  (4), 
(5)  and  (6)  covered  a  vide  range  of  flame  temperature  and  0,  it  was  possible  to  demonstrate 
by  the  above  calculations  that  the  parameters  A  and  E,  are  functions  of  T  only  whereas  the 
parameters  n,c  and  e  depend  upon  T  and  to  a  somewhat  lesser  degree  upon  0.  The  hypothesis 
of  variable  orders  of  reactions  and  variable  activation  energy  E  was  put  forward  and  discuss¬ 
ed  by  Levy  and  Weinberg  (21)*  This,  however,  is  not  considered  in  ths  global  reaction 
mechanism  where  a  slow  rate-determining  step  is  assumed  to  dominate  the  mechanism  [22]*  The 
results  obtained  here^  confirmed  this  hypothesis,  and  polynomial  functions  of  T  and  to  a 
lesser  degree  of  0  have  been  used  to  represent  the  parameters  (A,  n,  a,  e»  E)  equations 
(4),  (5)  and  (6).  For  the  parameters  the  following  expressions  were  obtained. 


Table  II 


Data  taken  from  Literature  and  Used  to  Agees  the  Values  of 
the  Parameters  Used ~  in~the .  S~olufelon~of  EqiTa.  (4)  ,  (5)  &  (6) 


Parameter  Values  | 

Source 

U2 

n 

E  (cal/aol) 

Hotcel  ee  al  [17) 

2,9  x  1010 

1,75 

-15,000 

Avery  ar  al  [19] 

f'C;H8 

5,4  x  10>3 

2,0 

-21,000 

Kretschmer  et  al  [20] 

f'C3H8 

Variable  as 
function  of 

0 

Weak  20 
Rich  | 

Variable  as  function 
of  0 

Lean  aide:  0^1 


A!  -  exp  [9,30282  +  Q0177138  I  -  2,46812  x  !0'5  I2  +  1,46127  x  10"8  I3  -2,82414  x  lo"12  I1*] 

Ei  -  2,29232  x  104  -  43,8464  T  +  0,0263129  T2 

n i  «  2,49825  -0,210153  0  -  6,07512  x  10“4  T 
ov  -  0,431636  +  4,38222  x  10“s  T 

A2  =  exp  [12,82  -  6,4667  x  10“4  T  +  2,2667  x  10“8  T2 ] 

E2  =  1,2358  x  10“  -  10,59  I  +  9,2262  x  10“3  X2 

nj  «  0,7962  +  005558  0  +  5,374  x  10-4  T  -  3,949  x  10'8  T2 

a2  -  -0,2387  +  09157  0  -  4,415  x  10“4  T  +  1,858  x  10“7  T2 

e2  -  -0,4133  -  09789  0  +  2,004  x  10“3  X  -  7,813  x  10“7  T2 

A3  *  exp  [-14, 7894  +  6,11699  X  10-2  I  -  5,20148  x  10'9!2  +  2,40499  x  10“8X3  -  4,25903  x  10“12  T4] 
E3  -  1,62708  x  104  -  21,8015  T  +  1,34966  x  10~2  T2  +  2,22496  x  10“7  T3 
nj  =  -0,120686  +  0,0413256  0  +  1,79418  *  10“3  T  -  4,00207  s  10“7  Xs 
a 3  -  1,24458  -  0,0475454  0  -  1,0372  x  10*3  I  +  3,67014  x  10“7  T2 

Rich  Side:  0  >  1 

A,  =•  exp  [23,2993  -  00208873  I  +  1,51196  x  10*5  T2  -  2,29646  x  10“9  T3] 

Ei  *  5,321  x  104  -  99,2928  T  +  0,0772317  T2  -  1,64845  x  10“s  T3 

Hi  -  0,262345  +  0,686424  0  +  9,67385  x  10“4  r  -  2,83092  x  10“4  f  T 

a i  -  -6,26856  +  3,21021  0  +  9,52742  x  10“3  T  -  4,30779  x  10'3  0  X  +  7,09639  x  10"2  02 

-  2,08734  x  10-6  T2  +  6,72829  x  10“7  07  T2 

A2  -  exp  [24,615  -  <*0139356  T  +  1,01772  x  10“5  T2  -  1,49559  x  10“9  T3] 

E2  -  1,43248  x  10“  -  14,9636  T  + '  142349  T2  +  9,57874  x  10“7  T3 

n2  -  1,8463  -  0,464621  0  +  0027879  0Z  -  0000561141  I  +  1,34725  x  10“7  T2  +  4,86453  x  1O'40  T 
-6,16589  x  10“ 8  02  T2 

a,  =  7,904  -  14,8385  0  +  7,56984  02  +0,0047155  T  -  6,03403  x  10'7  T2  -  000476403  0  T 
+  7,02645  x  10-7  02  T2 

e2  --34,5125  +  45,7687  0  -  13,449  02  +  00210546  T  -  3,36879  x  10“8  X2  -00179327  0  T 
+  2,3543  x  10-6  02  T2 


Aj  -  exp  [37,9777  -  0,0494814  T  +  3,47914  x  10-5  X2  -  7,04779  x  10“9  I3] 

E3  -  5,05266  x  10"  -  91,892  T  +0,071018  I2  -  1,48654  x  1  O'5  I3 

ns  -  00435549  +  0,405397  0  +  4,12306  x  10-4  I  +  1,96293  x  10“4  0  T 

a 3  =  5,05741  -  7,74854  6  -  3,69989  s  10‘3  T  +  5,2833  x  10“3  0  T  +  1,85779  02 

+  5,5344  x  10“7  X2  -  8,77687  x  10“7  02  T2 

By  analysing  the  foregoing  expressions  obtained  for  the  parameters*  one  sees  that  two 
nets  of  equations  are  required  to  never  the  range  of  reaction  conditions  investigated 
(Table  I),  -  one  set  for  the  lean  side,  i*e.  0  £  1  and  one  set  for  the  rich  side,  i.e; 

0  >  r.  This  has  also  been  reported  by  other  workers  (20].  • 


/ 


The  parameters  (A,  n,  a,  c,  E)  have  Che  following  nuoerical  values  for  cne  given 
values  of  t  and  T. 


Table  III 


Variation  of  the  parameters  with  gj  and  T 
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Inspection  of  the  nuoerical  results  in  Table  III  confirms  the  previous  statement  that 
the  parameters  n,  a  and  e  depend  for  the  oost  part  on  T  and  to  a  lesser  degree  on  t.  The 
values  piven  in  Table  III  seen  to  be  within  the  range  of  those  found  by  other  workers  [17, 

20,  21],  However,  the  value  of  e2  seems  to  be  coo  small  at  high  temperature.  The  order 
of  reaction  nj  shows  a  decrease  as  T  increases,  which  is  contrary  to  what  one  might  expect. 
The  values  of  n  are  derived  from  experimental  results,  and  no  physical  explanation  for  this 
phenomenon  can  be  3iven  at  this  time.  In  fact,  all  the  values  of  the  parameters  were  de¬ 
rived  from  best-fit  equations,  and  oust  he  considered  more  as  working  tools  rather  than 
being  necessarily  representative  of  the  real  phenomena.  However,  the  strong  Influence  of 
ceaperature  la  these  parameters  has  certainly  a  fundamental  explanation  which  may  be  close 
to  that  given  by  levy  and  Weinberg  [21],  They  postulated  that  global  mechanisms  are  valid 
only  at  temperatures  close  to  the  maximum  heat  release  raivs  and  above.  At  lover  tempera¬ 
tures  It  is  almost  certain  Chat  radicals  assume  an  Important  ro’.c.  The  values  noted  for 
the  experimentally  detsrmined  parameters  probably  reflect  this  latter  influence. 

To  determine  the  composition  and  temperature  profiles  with  the  proposed  model,  a  numer¬ 
ical  (simultaneous)  Integration  of  Eqns.  (4,  5  &  6)  is  required.  This  integration  was 
rather  complex  and  the  convergence  problems  were  dealt  with  by  the  law  of  propagation  of 
errors  [23].  For  most  experiments,  the  observed  temperatures  were  over  1000  K  and  for  this 
reason  no  uttempc  was  made  to  develop  the  model  below  this  temperature.  Therefore,  it  was 
assumed  that  between  the  inlet  and  the  position  marking  1000  K  (as  predicted  by  the  model) 
the  temperature  rise  would  be  linear.  The  final  step  of  the  integration  procedure  was  deter¬ 
mined  by  the  position  at  which  the  C02  concentration  corresponded  to  the  theoretical, 
adiabatic,  dissociated  flame  temperature.  This  latter  value  was  computed  using  the  data 
given  in  [24]. 

Altogether  10  steps  of  integration  were  used  to  cover  the  range  of  C0j  obtained  for  a 
particular  condition.  The  program  for  the  integration  of  the  race  equations  consisted  of 
calculating  the  residence  time,  the  distance,  Che  flame  temperature  by  enthalpy  balance,  and 
the  composition  (C02,  CO,  H2,  02,  N^,  H20,  Ar,  CjHg)  for  a  given  inurease  of  COj  up  to  its 
maximum  value.  The  race  equations  gave  the  values  of  C02,  H20  and  CjHg;  the  rea-aining  com¬ 
ponents  being  defined  by  mass  balance. 

4.  EXPEKIKEKTAL  POXHTS  AHD  DERIVED  PARAMETERS 


The  data  reported  here  are  representative  and  illustrate  typical  results  obtained  from 
a  much  larger  amount  of  work  [2].  A  single  experiment  consisted  of  operating  the  rig  at  a 
given  condition  long  enough  foi  gas  samples  to  be  obtained  from  each  of  the  five  planes 
downstream  of  the  recirculation  zone.  For  each  such  experiment,,  fuel  and  air-mass  flows 
were  determined,  as  also  Inlet  temperatures  and  pressures,  humidity,  external  wall  tempera¬ 
tures,  static  and  total  pressures. 

To  establish  the  correlaticn  parameters,  17  experiments  were  made.  These  ate  tabulated 
below  (Table  IV).  In  addition-to  these  tests,  a  further  18  experiments  were  performe-*  at 
various  conditions.  A  major  objective  of  the  thesis  [2],  from  which  this  work  is  c  k.ed, 
was  to  investigate  the  effects  of  steam  injection  upon  premixed  combustion.  Many,  but  not 
all,  of  these  later  [181  experiments  concerned  steam  addition,  and  the  aodel'vss  used  to 
make  predictions. 

Figure  2  gives -an  example  of  a. weak  mixture  test  (expt.  Ho.  1)  which  was  used  to  estab¬ 
lish  the-paraadters  of 'Table  III.  The  scatter  of  the  model  prediction  lines  Is  due  to  the 


Averaging  of  values  takes  from  all  the  uxoeriaents  Ko«-  1-17.  figure  3  traces  the 

3t -L  results  for  a  rich  mixture  (expt.  Ho.  15).  The  remaining  data  exhibited  sinllar  scatter 


Conditions  of  Experiments  Used  for  Obtaining  Calibration  Parameters* 


Exp.  Ho 
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*Full  details  of  these  tests  are  given  in  [2] 
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Fron  Figs.  2  and  3  it  will  be  seen  that  for  the  major  constituents  (COj,  H^O,  0j)  of 
the  analysis,  the  agreement  between  the  *edel  and  the  experimental  points  is  quite  good. 
Additionally,  the  final  point  of  the  integration  of  the  model  (for  each  of  the  major  cons¬ 
tituents)  lies  close  to  the  equilibrium  value.  The  minor  constituents  (CO,  Hj*  CjHp)  are 
perhaps  not  quite  so  satisfactory  but  are  still  considered  to  be  acceptable. 

In  addition  to  composition,  the  model  also  predicts  the  temperature  at  any  plane  and 
for  three  conditions  (Expts.  Sos.  1,  12  &  15),  Fig.  4  gives  a  comparison  between  experimental 
results  and  computed  temperatures  from  the  gas  analysis*  The  model  follows  very  closely  the 
experimental  values  and  comes  close  to  the  equilibrium  temperature  at  the  i-inal  point  of 
integration  (Maximus  difference  is  abouc  40  t  considering  ail  Expts.  Ho.  1-17)  showed  similar 
behaviour  to  Figs.  2-4. 

At  this  point  it  was  considered  that  all  the  parameters  of  the  model  had  been  establish¬ 
ed  and  that  it  was  ready  for  application, 

5.  MODEL  PkEPlCflOSS 

Prior  to  the  steam  investigation  experiments  were  made,  using  air,  to  test  the  efficacy 
of  prediction.  A  typical  set  of  predictions  and  measured  values  is  illustrated  in  Figs.  5 
&  6.  In  general  the  agreement  is  good 'and  similar  remarks  apply  as  given  in  Para.  4. 


t 


It  will  be  seen  :tbnt  (Fig.  7)  the  coapoaen t  predictions  are  acceptably  good  both  for 
the  propane/air  and  propane/air/steam.  The  differences  between  the  two  tests  are  also 
-predicted  quite  quantitatively.  Because  the  unburned  components  are  quite  small,  the 
effects  are  not  so  obvious- in~ teres  of  temperature  (Fig*  8).  In  this  latter  case  the 
measured  temperatures,  although  in  reasonable  agreement  with  the  sodel  predictions*  do  not 
illustrate  the  differences  suggested  by  the  predictions. 

These  results  (plus  those  of  the  15  regaining  tests)  confirm  the  validity  of  the  model 
within  this  geometry.  The  effects  of  steam  on  combustion,  both  from  the  viewpoint  of  com¬ 
bustion  analysis  and  model  prediction/analysis  will  be  presented  elsewhere.  Suffice  to  say 
that  the  prediction  scatter  is  very  similar  to  that  illustrated  here. 

6.  GENERAL  DISCUSSION  OF  THE  MODEL 

The  present  sodel  represents  a  compromise  between  the  simple  one-step  'global1  reaction 
model  and  the  complex  multi-equation  kinetic  schemes.  Zt  predicts  all  the  stable  substances 
found  in  hydrocarbon/air  mixtures  with  the  exception  of  N0X-  This  latter  may  be  estimated 
independently  by  one  or  more  of  the  empirical  methods  suggested  earlier  [3  or  4J  or  by  other 
published  techniques.  The  accuracy  of  prediction  within  the  limits  of  the  experimental 
conditions  investigated  is  very  satisfactory,  both  in  terms  of  components  and  temperature* 

Because  of  its  relative  simplicity,  the  computing  time  is  small  (in  comparison  with 
many  kinetic  schemes)  and  it  offers  potential  for  combining  with  a  suitable  miring  model. 

There  is  a  disadvantage  in  the  requirement  of  a  separate  series  of  reaction  parameters 
for  rich  and  weak  mixtures*  but  this  has  been  found  to  be  necessary  for  many  other  correla¬ 
tions,  both  of  the  simple  and  complex  types. 

Like  mast  other  correlation  formulae*  the  validity  Is  always  in  some  doubt  due  to  the 
limited  experimental  data.  Zn  particular,  it  would  be  nice  to  test  the  data  at  pressures  and 
inlet  temperatures  other  than  atmospheric.  Unfortunately  this  is  not  possible  with  the 
existing  test  facilities. 

An  attractive  possibility  would  be  to  attempt  to  apply  the  model  to  predict  the  perform¬ 
ance  of  a  pre-sixed,  pre-veporised  gas  turbine  combustor.  Unfortunately,  to  date,  the 
published  information  has  been  insufficient  to  enable  predictions  to  be  made. 

Ram-jet  combustors  also  offer  attractive  possibilities  for  this  type  of  sodel  since 
there  is  neither  fils-cooling  or  dilution  problems.  The  seai-prevaporisation/premix  of  a 
ram-jet  may  make  the  model  directly  applicable.  In  the  present  work  the  results  have  been 
presented  in  terms  of  a  distance  function,  X,  but  it  may  well  be  more  satisfactory  to 
express  the  results  in  terms  of  residence  times. 

7-  CONCLCSIO  y,s 

1.  A  three-ste?  model  has  been  proposed  to  describe  the  combustion  with  a  fully  premixed 
propane/air  system.  Some  510  different  experimental  results  were  used  to  define  the 
model. 

2.  After  the  above  derivation,  the  sodel  was  used  to  predict  a  further  540  experimental 
points  comprising  propane  burning  is  air  or  air  +  steam.  The  predictions  are  is  sensi¬ 
ble  agreement  with' the  experimental  values  even  though  those  conditions  Laving  steam 
addition  are  outside  the  frame  of  the  model  calibration. 

3.  The  sodel  is  capable  of  predicting  CO^,  H^O,  CO*  Sj*  CjHg,  0j,  $2  and  Ar. 

4.  There  is  potential  application  for  the  sodel  both  in  the  field  of  ram-jets  and,  the  gas 
turbine. 

8-  ACSSOtfLEDGEHEKTS 

The  financial  assistance  of  the  Canadian  natural  Sciences  and  Engineering  Research 
Council  is  gratefully  acknowledged. 

REFERENCES 


1.  Roy,  Scblader,  A.F.,  A  Odgers*  J-,  "Fremixed  Combustion  in  a  Baffle  Combustor  and 
the  Effect  of  Steam  Injection**,  J-  of  Engineering  for  Power,  pp«  387-393*  Oct-  1974. 

2.  Roy,  F. *  "Hodelagc  et  Etude  de  la  Combustion  pr£=€lang€e  avec  efc  sans  Injection  de  Va- 
peur:,  These  prfsentce  2  l*Ecole  des  graduds  de  l*Cniversitd  Laval  pour  I’obtcntion 

du  grade  *pbilosophiae  doctor*,  1980* 

3.  Lipfert,  F.lf-,  "Correlation  of  Gas  Turbine  Emission  Data",  ASHE  Paper  No.  72-GT-60. 

4.  Kretschmer*  S.,  4  Odgers,  3.,  "Modelling  of  Combustors:  The  Effects  of  Ambient  Condition! 
upon  Performance" ,  ASHE  Paper  No.  73-HA/GT-S. 

5.  Edelesn,  S.8-  A  Fortune,  0. ,  "A  Quasi-Global  Chemical .jkiaetic  Model  for  the  Finite  Rate 
Combustion  of  Hydrocarbon  Fuels",  AXA4,  Paper  69-86*  1969. 


Emissions  free  Aircraft  Fuel 


6.  Meilor,  A.M. ,  Bilger,  R.W.,  Shisler,  R.A.  £  Tattle*  J.B-,  " 

Hozrle  Flames”,  Report  So.  FUR0U-CL-75-C4 ,  July  1975. 

7.  Pratt,  B.T.,  “Calculation  of  Chemically  Reacting  Flows  with  Complex  Chemistry”,  in 
Studies  in  Convection,  Voi.  2,  B.E.  Launder,  Ed.,  Academic  Press,  1977. 

8.  Pratt,  D.T.,  Woraeck,  J.J.,  "CRECK  -  A  Computer  Program  for  Calculation  of  Combustion 
Reaction  Equilibrium  and  Kinetics  in  Laminar  or  Turbulent  Flows",  Washington  State 
University  Report  WSU-KE-7EL-76-I,  1976. 

9.  Spalding,  D.B.,  &  Serag-Eldin,  H.A.,  "Prediction  of  the  Flow  and  Combustion  Processes 
in  a  Three-Dimensional  Combustion  Chamber”,  ISABE,  Munich,  March  1976,  489. 

10.  Edelman,  R. ,  &  Econosos,  C*,  "A  Mathematical  Model  for  Jet  Engine  Combustor  Pollutant 
Emissions",  AZAA/SAE,  7th  Propulsion  Joint  Speciallist  Conference*  Paper  Mo.  71-714, 
June  1971. 

11.  D*Souza,  M-V.,  &  Karla,  G.A.,  ”An  Analytical  Study  of  Methane  Oxidation  in  a  Steady  - 
Flow  Reactor",  Coab.  Science  &  Tech.,  3f  1971,  p.  83. 

12.  Kollrack,  R.  6  Aceto,  L.D-,  "Recirculation  Effects  in  Cas  Turbine  Coabustors",  95th 
Winter  Annual  Meeting  of  the  ASME,  Paper  Ko.  74-WA/CT-3,  Kov.  18,  1974. 

13.  Longvell,  J.P.,  4  Weiss,  M.A.,  "High  Teaperature  Reaction  Rates  in  Hydrocarbon  Combus¬ 
tion",  I.  &  E-C.  *  h7_.  Mo.  S,  p.  1634. 

14.  Avery,  W.H.,  &  Hart,  R.W.,  “Combustor  Performance  with  Instantaneous  Mixing**,  I,  6  E.C. 
45,  So.  8,  1953,  p.  1934. 

15-  Esscshigh,  R. ,  "An  Introduction  to  Stirred  Reactor  Theory  Applied  to  Design  of  Coabus¬ 
tors,  Coaiustlon  Technology”,  Pennsylvania,  State  University,  Soae  Modern  Developments, 
1973. 

16.  Kretschmer,  D. ,  &  Odgers,  J-,  "Modelling  of  Cas  Turbine  Coabustors  -  A  Convenient  Reac¬ 
tion  Sate  Equation",  ASMS*  J.  Eng.  for  Power,  July  1972,  ?.  173. 

17.  Hottel,  H.C.  et  al.  Tenth  Symposium  (International)  on  Combustion,  p.  Ill,  The  Combus¬ 
tion  Institute,  1965. 

15.  Kozlov,  G.I.,  Seventh  Symposium  (International)  on  Combustion,  p.  142,  The  Combustion 
Institute,  1958. 

19.  Avery*  W.K.,  and  Hart,  K.W.,  lad.  Eng.  Ches.,  Vol.  45,  p.  1634,  1953. 

20-  Kretschmer,  D.,  and  Odgers,  J-,  Journal  of  Engineering  for  Power,  ASME,  p.  173,  July 
1972. 

21*  Levy,  A*,  and  Weinberg,  F.J.,  Combustion  and  Flame,  Vol.  3,  p.  229,  1959. 

22.  Fristroa,  R-M-,  and  Westenberg,  A-A.,  Flame-Structure,  p.  326,  McGraw-Hill,  1965. 

23-  Weinberg,  F.J.,  Proc.  Roy.  Soc.»  241,  p.  132,  1957. 

24.  JASAF  Ther nochemical  Tables,  2nd  Edition,  U.S.  Dept,  of  Commerce,  June  1971. 


t 


31-10 


DISCUSSION 


R. Monti 

I  wonder  if  the  very  large  variation  of  the  "constants"  A;,  E;,  with  temperatures  up  to  3-4  order  of  magnitude  for 
Aj,  does  not  make  your  model  questionable. 

Author's  Reply 

I  do  not  think  the  model  is  questionable  within  its  constraints.  Variations  of  E,  A  and  n  have  been  noted  by  various 
workers  other  than  ourselves.  An  example  is  cited  in  the  text  (Ref.12).  I  believe  that  it  might  stem  from 
representing  a  multitud  •  f  reactions  by  a  single  “global"  reaction.  The  one-equation  model  (Ref.  1 6)  also  has  a 
variable  E  and  a,  but  this  equation  has  had  a  very  widespread  application  to  a  large  number  of  experimental  condi¬ 
tions  and  types  of  combustion  equipment.  Also,  I  believe  that  Essenhigh  accepts  this  concept.  For  this  reason.  Ido 
not  think  that  the  model  is  questionable  from  this  viewpoint.  It  is  certainly  an  empirical  model  with  pseudo- 
constants,  but  that  does  not  necessarily  make  it  unreliable  as  a  tool. 


J.Winter 

What  do  you  anticipate  will  be  the  effect  of  inlet  temperature  and  pressure  on  the  “constants"  derived  for  the 
model? 

Author's  Reply 

It  is  difficult  to  answer  this  question  without  the  experimental  data.  However,  if  I  had  to  make  a  prognostication  of 
the  effects  of  inlet  temperature  and  pressure,  I  would  utilize  the  corrections  suggested  for  our  earlier  one-step 
equation.  These  may  be  found  in  References  16  and  20.  The  basis  for  this  thought  would  be  the  similarities  of  the 
farm  of  the  present  equations  tc  the  older  one.  I  would  again  stress  that  it  it  only  a  suggestion  and  experimental 
confirmation  would  be  required  to  give  a  measure  of  confidence. 
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